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1.0 INTRODUCTION

This report presents the technical studies and tradeoffs performed during
the course of the OEC feasibility study to define the OEC mission design spectrum
and the recommended mission conceptual design. The work presented here supports
the conclusions and choices described in Volume I, "OEC Feasibility Study Final
Report. "

The analyses presented in this volume were based on the fundamental mis-
sion requirements described in detail in Volume I. These requirements led to the
definition of a mission philosophy with a wide range of possibilities. This document
explores these possibilities and the various solutions and modes of operation which
are possible within the prescribed constraints.

A result of the studies in this volume is a recommended OEC configuration
which meets all of the performance requirements outlined by the Ames Research
Center. Furthermore, the selected configuration and mission profile incorporate
additional flexibility which enhances the mission's scientific objectives.
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2.0 SYSTEMS ANALYSIS

The objective of this feasibility study is to determine whether a satellite can
be ejected from the Voyager 1973 Orbiter and positioned in a preferential orbit
about Mars, Requirements imposed on the selected orbits dictate that they be
suitable to achieve the experimental objectives outlined in the "Specification for
ar Orbital Experiment Capsule (OEC) Study'' as defined by Ames Research Center,

In order to establish the feasibility of such a mission, several conceptual
approaches representing the range of viable solutions have been studied. Tte two
mission extremes are defined as a co-orbiter concept and an orbit change concept.,
In brief, these classifications connote that the OEC will operate in either the same
general orbit as the Voyager Orbiter or, by proper maneuvering, be positioned into
another selected orbit,

There are several subtleties in the two mission concepts that influence the
design of the orbital capsule, This section defines the basic environmental condi-
tions under which any mission must operate, establishes the kinematic as well as
dynamic properties of the orbits and satellite, and provides an accurate method of
specifying both the position and attitude of the OEC. Ultimately these results
establish the points of departure between the various mission approaches and lead
to the development of the various experimental capsule designs,

The discussion in this section stems from the early development of a system
flow diagram illustrating the important system parameters which are necessary to
evaluate the performance of the proposed baseline configuration. Figure 2-1 shows
the individual study tasks conducted in the course of the OEC feasibility study,

Eack of the items is treated in detail in the text, providing the necessary informa-
tion to arrive at a preferable OEC concept and the associated real time oper ational
performance,

2-1
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2.1 VOYAGER MISSION, MARS ENVIRONMENT, AND
EXPERIMENT REQUIREMENTS

2,11 General

A primary objective of the OEC is to establish a satisfactory orbit about
the pianet Mars at such an altitude and inclination that scientific measurements of
the Mzrtian environment and its relationship to the solar atmosphere can be made.
Present estimates of the Martian atmosphere and surface are derived from Earth-
based cbservations. The only attempt at direct measurements was made by the
Mariner IV spacecraft. These direct measurements indicated no measurable
Martian magnetic field at a distance of 13,200 km from the planet's center. This
section describes the characteristic of the Voyager-OEC missions and the scien-
t1fic experiments which could detect various measurables of the Martian
envircenment.

2. 1.2 Voyager Mission Requirements

Beicre discussing the characteristics of the Voyager orbits, the Voyager
1972 Mars mission is summarized. It is important because the OEC must survive
*he launch and transit phase of the Voyager mission as well as operate independ-
ently in orbit about Mars.

2.1, 2.1 Preliminary Mission Profile

The OEC/Voyager spacecraft will be assembled, checked out, and launched
frem Complex 39 at the Kennedy Space Center aboard a Saturn V booster.
Figure 2-2 shcws the two Voyager spacecraft housed under the Saturn V shroud.
Launch and arrival dates satisfying the Voyager mission constraints are 15 July
*2 3 September 1973 and 4 February to 21 March 1974.

Figure 2-3 is a schematic of the nominal Voyager/OEC flight plan. Launch
1s initiated with ignition of the first stage. Approximately 2-1/2 minutes after
lif= . ff, S-IC engines are shut down. The S-IC stage is subsequently jettisoned and
the S-II stage ignited at approximately 40 miles altitude. Approximately 9 minutes
aftesr liftoff, the S-II stage is separated from the S-IVB. The S-IVB is then used
t> inject the Vcyager/OEC payload into parking orbit and is re-ignited at a later
pcint to propel the paylecad to the desired escape conditions. During the coasting
reried in the parking orbit, the protective nose fairing and forward pcrtion cf the
shruud atre jettisoned. Following the establishment of the escape conditions, the
forward Voyager/OEC spacecraft will be separated, the shroud center-section
jettisoned, and the aft Voyager/OEC separated.
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Figure 2-2. Voyager Space Vehicle Configuration

I. LAUNCH (AFETR) 11. AFT VOYAGER/OEC

2. S-1C STAGE JETTISON SEPARATION

3. 5-11 STAGE JETTISON 12. MIDCOURSE MANEUVER
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Figure 2-3. Nominal Flight Plan
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During the interplanetary transit, midcourse maneuvers will be made to
adjust Mars encounter conditions. The interplanetary transit trajectory places
the Voyager/OEC vehicle in a Mars flyby trajectory with orbit plane inertial
geometry and periapsis location consistent with the Voyager mission requirements.
A maneuver initiated relatively near periapsis will establish the desired nominal
Mars orbit. The Voyager/OEC vehicle will then be tracked to accurately determine
its orbit and to estimate necessary trim maneuvers. This period may extend for
several weeks to permit surveillance of possible landing sites for the capsule. *

A signal sent from the Earth will initiate separation of the OEC from the
Voyager,

2.1.2.2 Launch Environment

The OEC environment experienced during launch of the Saturn V must be
assessed to enable proper structural capsule design. The maximum acoustic
noise level at the forward skirt and payload area of the S-IVB stage is approxi-
mately 150 db, referenced to a pressure of 0. 0002 microbars. This level is
experienced during first stage burn (70 seconds after liftoff) and during the period
of high dynamic pressure. In addition, the maximum sound pressure level occurs
at 355 to 710 Hz., The maximum axial acceleration of the booster is only 3.7 g at
S-IC burnout (1. e., 2-1/2 minutes after launch) and is considerably lower there-
after. In Reference 1, vibration specifications for payloads are given which cover
the launch environment. The design specification for random vibration has a
maximum spectral density of 0.2 g4/ Hz at a frequency of 200 to 500 Hz,

Since the Saturn V shroud is jettisoned following the establishment of a
parking orbit, a benign thermal environment can be maintained during the launch

phase, and aerodynamic heating will not be a problem.

2.1.2.3 Voyager Mission Constraints

Table 2-11lists requirements for the Voyager mission (Reference 1) which are
of immediate significance to the OEC mission. The first four requirements listed
are extremely important as OEC mission design parameters. They establish the
range of altitudes and inclinations in which the OEC must operate. The complete
generality exhibited by the range given is shown in Figure 2-4. As shown in a
Mars centered coordinate system, the inclination constraints specified in Table 2-1
are equivalent to a 30 to 70 degree range of inclinations to the Martian equatorial
plane. The Mars pole is itself inclined to the Mars ecliptic plane by approximately
25 degrees.

By revolving the orbits illustrated about the Martian north pole (for a fixed
inclination), the complete generality, taking into account the present uncertainty
in the actual orbit nodal crossing, can be envisioned.

“The possibility of delaying separation of the OEC from the Voyager for an extended
period of time has a significant implication on the design requirements for
eclipse operation.



TABLE 2-1.

SOME VOYAGER MISSION CONSTRAINTS

7)

8)

10)

11)

12)

13)

14)

Periapsis altitude, h
Apoapsis altitude, ha

Orbital inclination to Martian
equator, i

Orbital inclination to ecliptic, ie
Latitude of periapsis, W

Voyager operating life in Mars
orbit

Voyager minimum planetary
quarantine contamination
lifetime

Solar eclipse duration, Te

Central angle between sub-
periapsis point and nearest
terminator, )\wp

Angle between orbit plane and
terminator plane, ip

500 km < hp < 1500 km
10, 000 km < ha < 20,000 km

i 2 30 degrees (landing site
constraint)

ig < 45 degrees (Voyager ultra-
violet experiment)

-60 < &_ < 40 degrees over 6
months

At least 2 months with design goal
of 6 months

50 years

To = 0 for first 30 days, and
minimum (8 percent of orbit period
or 60 minutes/orbit) for next 5
months

0 < X\, _ < 45 degrees for first 3
months, -30 = }\J_p < 90 degrees
thereafter

30 degrees for first 3 months,
< 30 degrees for a total of 1

i

P
'p
month over next 3 months

Capability is required to rotate periapsis by at least +20 degrees from

initial (hyperbolic) location.

Capsule de-orbit maneuver shall be performed between 3 and 12 days
after orbit insertion. Capability for delaying this operation for 30 days

is required.

Unpredictable translational accelerations originating in Voyager shall not

exceed a total average value of 0.6 X 10-7 cm/sec? (30), time average
over 1 hour.

Orbit trim maneuvers may be required for post-lander orbital operations.

2-6
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The Voyager spacecraft is shown in Figure 2-4 with the given XYZ
coordinates. Voyager stabilization is provided by an active three axis control
system which continuously tracks the sun and the star Canopus.

2.1.3 Expected OEC Mission Environme:t

The anticipated OC environments include the natural environment as well
as that induced from the Voyager bus. Mechanical environments induced during
launch and boost phase are not included in this discussion. The effects of the
natural environment are reduced somewhat because of the shielding effects of the
bus. However, this decrease is partially offset by the secondary radiations from
the bus surfaces.

The expected in-transit and orbit environment must also be accounted for
in the design of the power source. A power system employing a solar array and
batteries is chosen for this mission. In designing the solar array, adequate sur-
face area must be allocated to provide for the degradation due to the space
environment.

The conditions of the telluric, interplanetary, and Martian environments
to which the spacecraft will be subjected are listed in the following tabulation.
The data consists of a brief summary, covering only the conditions that will have
an effect on design of the spacecraft and its instrumentation.

2.1.3.1 Interplanetary Environment

a) Electromagnetic Radiation (radial from the sun)

e Solar constant 1.39 x 10-6 erg cm -2 gec ) or
1.39 x 10-5 lumen m-2

° X-rays A= 1tol0A
Quiet sun 10-8 -10-3 erg cm~-2 sec™l A-1
Active sun 106 -10-2 erg cm-2 sec-1 A-l
e y-rays A < 1A
Quiet sun <10-8 erg cm -2 sec1 A-1
Active sun < 1075 erg cm -2 sec-l A-1
e Ultraviolet 500 < A - 3000 A

5 ergs cm -2 sec-l A-1
b) Solar Wind (radial with the sun)

e Outside shock front N, = 3 to 13 particles cm=-3

at 300 to 800 km sec -1




e For quiet sun
e For active sun

e Composition

e Total solar wind flux,
particles cm-2 sec-1
Ht+
Quiet sun
Active sun

He++ plus heavy nuclei
Quiet sun

Active sun

Ny = 0.3 to 10 particles cm=-3 at 250
to 500 km sec-1

N, = 5 to 18 particles cm =3 at 400
to 900 km sec-1

90 percent protons (H+)

0 to 10 percent alpha particles (He++)

Unknown percent heavy nuclei
(Li*Fe)

Minimum Maximum
8.1 % 106 9.4 to 108
1.8 x 108 2.0 x 109
9 % 105 1 x 108

2 x 107 2.2 x 108

Since the solar wind is a neutral plasma, there is an equal number of
low energy electrons. The energy is within the range 1 to 300 ev.

Cosmic Ray Radiation

e Solar minimum
® Solar maximum

e Energy range

e Composition
Protons (Ht)
Alpha particles (Het™)

Heavy nuclei (Li?*Fe)

2-9

1

N 0.5-2 particles cm-2 sec™

C

N, = 1-4 particles cm 2 sec-!

40 mev to 1013 mev

(predominantly between 1 and 104
bev)

85 percent
14 percent

1 percent



d) Solar Flares

e Overtime period 1967-1968 2.05 x 1011 protons cm=-2 (E >5 mev)

2.1.3.2 Earth Environment

The earth environment is summarized to illustrate the dynamic variations
in the magnetic and electric fields and the trapped radiation zone particle fluxes
This data is used as.a basic input parameter in design of the spacecraft for survival
in passing through near-earth space.

a) Magnetic Field

e Magnetosphere and Perigee 0.3 gauss at boundary
magnetopause 2to 20y
e Transition 5to 20 Y (solar field centered

around geomagnetosphere)

e Interplanetary

Quiet sun 3to 8 y (average 5.1 v)at 1l AU
direction
Active sun 1 to 100 v at 135 degrees tangential

to Earth's orbit

b) Outer Magnetosphere

Electrons E < 45 kev 1012‘ - 1014 cm'2 sec'l

(Very sharp rise through magnetopause from transition region —
about a factor of 103)

Add low energy protons and electrons from trapped radiation.
The dynamic changes in the geomagnetic field are shown in Table 2-2.
These variations are due to fluctuations in the solar wind, solar magnetic field,

charged particle bombardment, and distortion cof the Earth's field due to daily
rotation.
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TABLE 2-2. VARIATIONS IN GEOMAGNETIC FIELD
Estimated
Typical Buildup
Characteristic Description of Magnitude,| Time or Type of
Time, seconds Phenomena gamma Duration Measurement

10-2 Sub-audio frequency | 0. 01

fluctuations gamma -

sec-1

10° Micropulsations 0.1
102 Giant pulsations 20 Shock front Relative

Sudden 20 to 30 [ 10 seconds

commencements remaining

for several
hours

10% Diurnal variations —| 30 6 to 12

increase and hours

decrease of field

intensity
106 Storm -time effects <100 Several

27 day recurrence hours to

effects several days
108 Annual variations 10
1010 Solar cycle effects 25 Steady change Absolute

Secular variations gamma throughout

year -1 year

c) Trapped Radiation (Magnetosphere)

® Inner zone

Protons

Electrons

2 X
E >

3 X
E >

10° protons cm -2 sec-1

5 mev

108 electrons cm -2 sec -1

0.5 mev




e Outer zone

Protons 104 protons cm-% gec-1
E > 5 mev

Electrons * 107 electrons cm -2 sec-1
E > 0.5 mev

e Transition region

Electrons
E =2 45 kev 108 t0 109 cm -2 sec":l
E < 45 kev 107 to 1012 cm "¢ sec'l

The particles are accelerated along the shock wave toward the magnetic
tail of the Earth (along diverted sclar magnetic field lines}.

Standard B-L plots of the trapped radiation fluxes are shown in
Figures 2-5 and 2-6.

d) Electric Field

e Field intensity l1to 2 mvm-1
Occasionally dips to 600 to 800 mv m~-1!
Occasionally rises to 2 mv m-! (very rare)

e Frequency dc to 80 Hz

These variations occur in the upper regicns of the magnetosphere.

2.1,3.3 Mars Environment

The dynamic ranges and values of the magnetic field, electric field, and
particles associated with the Earth are used and interpreted tc represent possible
variations in the Martian environment. Generally the dc parameters will be much

smaller, but the dynamic variations will be assumed to be the same except for the
1/r2 effect.

Magnetic Field. The existence or nonexistence of a magnetic field in the
planet Mars is still unknown. There have been no Earth-based cobservations of
radio emissions characteristic of trapped particles and no observed auroral activity
characteristic near magnetic pcles to indicate any magnetic field. Direct measure -
ments from the Mariner IV spacecraft indicated no magnetic field at a distance of
13,200 km from the center of the planet (altitude of 9800 km}. Although the latter
measurement did not indicate the presence of any magnetic field, it did establish
an upper boundary fcr the dipole moment of Mars of 24.2 X 1021 gauss cm3, or
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3 % 207% that ¢f Earth. This would imply a surface magnetic field at the magnetic
equator of Mars of only 100 gamma. With the possibility of such a weak field,
there is scme questicn as to its source and nature.

There are two possible explanations for the generation of a Martian magnetic
field. One, similar to that of the Earth, is that it is internally generated by currents in
the ccre driven by electromeotive forces of thermcelectric, electrolytic, or dynamic
crigin. In this case it is likely that 2 dipolar magnetic field would exist with the
magnetic axis nearly aligned with the axis cf rotation of the planet {the Earth's
magnetic axig is ii. 4 degrees with respect to its axis of rotation, and Jupiter's
magnetic axis has been estimated to be at 11 degrees with respect to its spin axis}.
it is poecsible that Mars does not have a liquid nickel-iron core, and the magnetism
is generated by cther internzal forces that change in character and act very slowly.

Any weak field generated internally weould be greatly affected by the sclar
wind on tkhe sub-so:ar side of the planet. Here the magnetic pressure characierized
by B*/87 is balanced by the kinetic or dynamic pressure of the golar wind. The
aititude of stagnation is a function of the (-1/6} power cf the sclar wind pressure for
a dipole field as exrressed in the fcllewing equaticn:

1/6

7
M
R - ;" (z-1)

4rmnmv

where

M = magnetic moment

I\

1/2 nrmv”~ = solar wind pressure
R = planetary radii

The boundary formed is the magnetcpause and the volume is the magnetosphere.
Muct like the Earth. there would be a comet-like tail resulting from the interaction
of the solar wind with the Martian magnetic field lines and atmosphere, stretching
the lines and particles in an antisolar direction. The aberration of the tail would
vary from 2 to 5 degrees.

The results of assuming the M/ Mg = 0. 0005 magnetic dipole field are
shown in Figure 2-7 as the magnetopause shock front location.

Superimposed on Figure 2-7 is the Mariner IV flight path with respect to
Mars. This figure shows that the presence of a magnetosphere and shock wave
could go undetected. This weak field would indicate that the solar wind on occasion
would act directly with the Martian atmosphere, possibly carrying some of the
atmosphere particles into a tail,
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For the solar wind to push the magnetopause to an altitude of 103 km, the
surface magnetic flux density would hf.ve to be about 54y, This value is for a
normal solar winc of 4 particles cm ™ moving at a velocity of 300 km sec™ ", The
magnetic pressure to stagnate the given solar wind at the subsolar point is derived
from a magnetic flux density of 25 gamma at the altitude of 103 km. A change of
* 2 particles cm~3 constitutes a change of + 550 km in altitude of the magnetopause
and a change in flux density of £ 12 gamma.

The second possibility of the origin of a magnetic field is related to a solar
wind induced magnetic field, A solar wind induced field is not a stable field, as is
an internally generated dipole. The field is subject to the large flu tuation in
magnitude and direction of the solar wind, One possible theory for the formation
of very weak magnetic fields of a planet has been developed by T. Gold (Reference 2)
in which the solar magnetic lines are piled up around the subsolar point due to the
action of the solar wind and a magnetically conductive body, where the magnetic
time constant is long compared to the Martian day. The hanging up of solar
magnetic lines on the subsolar side of the planet produces a magnetic cavity
behind the planet. Since the planet is rotating, the induced magnetic field is
characterized by the classical problem of a rotating sphere magnetized from one
side only. Here the resulting planetary magnetic field is poloidal; i.e., lines of
force are north and south with an intensity that varies with the magnetic pile-up,
and hence as a function of the solar wind, No longitudinal component would exist
since the planet acts as a diamagnet — a rotating shell magnetized from one direction
only,

Because of the presence of an atmosphere, although tenuous, the interaction
of the solar wind with the atmosphere particles may result in the Martian magnetic
field being confined to an ionosphere,

For either the internally generated field or solar wind induced field, a
magnetopause should exist but it may be very close to the surface of the planet,
The magnetic moment of Mars would be 1,33 x 10-4 times that of the Earth for
the stagnation pressure to be at the surface. The minimum ratio of the Martian
magnetic moment to the Earth magnetic moment is calculated assuming no surface
effects and that the stagnation point (in a dipole field) would be at the surface,.
Mariner IV data indicates that the magnetic moment can be no greater than 3 x 10-4
that of the Earth,

Therefore
M
< m_‘f <3 x 10
5]
Assuming the upper limit and a decrease in the number of solar wind
particles to 2 cm™~, the radius to the stagnation point moves out to 6200 km from
5500 km. Similarly, an increase in the solar wind particles to 6 cm-3 drives the
stagnation level to 4900 km, These correspond to a 25 percent change in the solar
wind velocity,

4 4

1.3x 10"

With the lower limit, the magnetopause is only a few kilometers above the
surface and the shock wave would be about 1000 km above the surface., An increase
in the solar wind profile would drive the shock wave to the surface, and a decrease
would move the shock wave and magnetopause away from the surface,

2-15



The numbers quoted are based on a previous expression for the stagnation
point in a dipole field. Assuming number density changes in the solar wind, the
altitude of the stagnation point can be calculated. This is not necessarily the case
for a solar wind induced field where the gradient may be something less than a
dipole field.

The actual detection and measurement of a planetary magnetic field is
predicated on specific observable signatures that define the shock, transition, and
magnetosphere previously described. These signatures are based upon the many
measurements and theories associated with the Earth's magnetic field and the inter -
action of the solar wind and field on it, There are two kinds of measurements that
bear on the presences of a magnetic field: 1) direct measurement of the magnetic
field by use of magnetometers, and 2) measurement of the charged particle radia-
tion fluxes.

There will be magnetic field changes associated with the bow shock, transi-
tion region, magnetopaus€, and magnetosphere different from the solar or inter-
planetary field. Associated with the magnetic field are the signatures of charged
particles — partigularly the electrons. Three main signatures are as follows:

e Clrange in the solar wind particle flux

® Bursts of electrons near and beyond the shock front. The field lines in
the shock front provide an acceleration mechanism for the electrons

e Additional bursts of electrons in the transition region
e Trapped radiation (electrons and protons) in the magnetosphere

Trapped Radiation. Radiation zones similar to the Earth's radiation zones
in all probability do not exist near Mars. Because of the very weak magnetic field
and if the field is dipolar, any trapped radiation would consist of low energy protons
along with electrons. On the other hand, the type of magnetic field such as the solar
wind induced field does not provide conjugate points between which the charged
particles can be trapped. It is more likely that the presence of charged particles is
confined primarily to an ionosphere formed by photoemission from the interaction
of the ultraviolet and X -ray with the Martian atmosphere.

Any "trapped" charged particles will be those confined within the areo-
magnetospheric tail, in the transition region and in the shock front. Since the
magnetospheric boundaries are formed by magnetic pressure balancing the solar
wind kinetic pressure, the relative electron (low energy) count is expected to be
about the same as for the Earth. The only major difference is the inverse square
effect of the solar wind flux.

Induced Environment. During the transit phase of the mission while the OEC
is mated to the Voyager bus, the capsule is subject to thermal, vibration, and
secondary radiation from the bus. The induced environments from the Voyager
Orbiter itself remain to be determined. If RTGs are used as the major Voyager
orbiter power system, then the gamma rays and neutrons must also be accounted
for in establishing the OEC environment, A typical set of parameters representing
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an RTG environment is shown here — the radiation environmental characteristics
of the SNAP 27 50-watt RTG at a distance of 1 meter are given:

e Neutrons (3 mev peak) 125 mrem hr !

e Gamma (l mev mean) 11 mR hr-!

Perpendicular to axis of RTG
1.7 mR hr-1

Parallel to axis of RTG
e Surface temperature 500° K

2.1.4 Experiments

Scientific experiments applicable to the OEC concept have been considered
beyond those designated for fields and particle measurements. The only restric-
tion on the alternate experiments is the budgeted volume, power, and data require-
ments nominally allocated to the instruments. Some of the experiments that were
considered are listed here.

Magnetic Field Mapping. Measurement of the magnetic field of Mars will
be madé as a function of spatial geometry and time with respect to the planet. Such
mapping will include the following:

a) Map areomagnetosphere boundary
b) Map field changes through bow shock

c) Map interplanetary field and planetary field interface along with
dynamic changes

d) Measure small perturbations of the Martian field at values less
than 0. 25 gamma and at frequencies of 1 to 2 cycles Hz per second

e) Determine whether field is a dipole, solar wind induced poloidal, or
a multipole

f) Map magnetic field inside the magnetosphere

Electric Field Mapping. When the charged particles of the solar wind pene-
trate the magnetic field, there is a separation of the electron and protons and
subsequent production of an electrostatic field. Similarly, the differential movement
of the electrons and protons produces an electric current and an electric field.

As for the magnetic field experiment, the electric field and its variations
will be mapped from a dc field to the ac field up to 80 kHz.



Gravity Gradient. One possibie experiment that can be conducted by the
OEC is measurement of the gravitational fields of the moons of Mars — Phobos and
Deimos. Such an experiment would require a flyby distance from the moons of
about 100 tc 200 km. 1t would also require very precise orbit timing and orbit
correction. A device has been developed (rotating-vibrating massj that has suffi-
cient sensitivity to perform the necessary measurement. However, the orbit
acjustment requirements require further investigaticn,

Seclar Wind Fluxes. Solar wind low energy particle fluxes will be measured
outside the influence of the Martian environment., Spatial rescluticn for such an
experiment will vary from fine near the subsolar point to coarse for the antisclar
point.

Such continual monitoring of the solar wind in and cut of the Martian environ-
g

mental influence will provide data on the interaction of the sclar particles with the
Martian atmosphkere and the Martian magnetic field. Measurement will be made of
the energy spectrum and the fluctuating direction with respect to the sun.

Solar Flare Activity., Since the proposed OEC mission is in or near a solar
minimum, it is not likely that many solar flares willi occur. However, it is quite
likely the ultraviolet and X-ray emissions in the initial rise portion of a flare (even
for subflares} may be of sufficient intensity to disturb the Martian icnosphere. It
would therefore enhance the overall mission if the radiation output of any solar
ilare activity ir the form of protens, ultraviclet, and X-ray were measured and
correlated with other fields and particle measurements near Mars. These
measurements would include solar cosmic rays.

"Trapped' Particles. Associated with an areomagnetcsphere is the possi-
bility of "trapped" electrons and protons (E, < 100 kev, Ep < 5 mevj — trapped in
the sense of being concentrated in specific spatial location in relation to the mag-
netosphere. This results largely from the interaction of the solar wind particles
with the magnetic and electric fields. Measurement will be made of the energy
spectrum and spatial distribution of the electrons as the OEC passes through the
magnetosphere — bow shock, transition region, and inner portion — within the
orbit capabilities of the OEC. These measurements are not programmed for the
Voyager spacecraft,

Atmospheric and Ioncspheric Measurement. An indirect measurement of
the iMartian atmosphere and ioncsphere can be made utilizing the occulation of the
OEC with the Voyager Orbiter through measurement of the changes in the frequency,
phase, and amplitude of a radioc signal {a function of the number of particles per
cubic centimeter and charge). The surface pressure and profile of the atmosphere
can be determined as well as the extent of the ionosghere. These characteristics
are also a function of the limb surface roughness in relaticn to the OEC -Vcyager
line of sight, Repeated measurements could provide some indication of the areo-
graphic distribution of the atmospheric and ionospheric thickness and number
density.

Interstellar Cosmic Rays, Energy spectral measurements could be made of
cosmic rays with energles E > 400 mev., One possible experiment is the
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measiro oo Sel0to obtain possible data that cculd iead to age dating and
formau.on of in.e solar system. More general spectral measurements would be
possible. In the event of solar flare activiiy, measurement of a Forbush decrease
would be possible to czrrelate with scme Earth based measurements.

Inert Particles. Measurement could be made of the distribution of dust par-
ticles "trapped" near Mars. These measurements weuld provide mass distribution
and spatial distributicn with respect to the planet. At the same time it is con-
ceivable to be able to obtzain data on the influx of dust particles from the sclar
system, The spinning of the OEC will provide impact data around 360 degrees and
data for identifying the direction of maximum intensity.

The experiments listed would be pericrmed after physical separation cf
the OEC from the Voyager Crbiter. It is pcssible that two CEC type capsules will
he Arvliddos ad 2o cmans n &3 amm o PRS- . I RPN [ A [ o S . P R I .
VT Ul IJ.I.LJ.U.S al Le T Salllic LLIiIC, 51V1115 L 15T LU LUC _I:JLUULCJ.-II il u.blllg Uupllbd-lrcf C)&Pcll_
ments or some different experiments to compiement one another., This imposes
additional requirements on the crbits, data handiing, telecommunications, and —

as just mentioned — experiment selection.

2.1.4.1 Orbit Requirements

A discussion of the bounds of the possible Martian magnetosphere is repeated
here to illustrate the desired range of possible orbits (see Figure 2-8).

Under the present periapsis limit of 500 km, the orbit lecation as shown in
Figure 2-8 would permit measurement of the magnetosphere on the subsolar side
of Mars as well as the antisolar side. This, of course, assumes that the maximum
magnretic field is that determined from the Mariner IV data. If it is not, then the
subsclar pass would measure only the location of a shock wave associated with a
solar -induced magnetic field.

The iritizal positicn cof the orbit must meet the twe fcllowing conditiens:
} The line of the apsides should lead the Mars-sun line by 45 degrees

to account for the spatial rotation of the magnetospheric tail during
the initial part of the mission.

[

2) The plane of the orbit {the line of the apsides) should be inclined about
5 degrees above or below the Mars orbit plane so as to prevent any
eclipsing of the OEC during the initial part of the mission. This orbit
constraint may well require adjustment of the OEC orbit and hence
require that the OEC have orbit change capability if separation occurs
in an unfavorable orbit with respect tc making the desirable
measurement.

Since the nature cof the Martian field is unknown, it is further desirable to
be injected into an orbit inclined with the equatorial plane of Mars. Only then
could the field be measured as a function of a areographic latitude and permit a
differentiation between a dipcle field and a solar induced field. The range of desir-
able inclination lies between 30 and 50 degrees. As the orbit precesses, the values
of the fields and particles in the equatorial plane would be obtained.
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2.1.4.2 Experiment Requirements

The experiments to be conducted on the OEC depend quite naturally on the
actual mission and ultimate orbital characteristics. Once this phase is defined,
the desired measurables of the Martian envircnment are defined and thus both the
data acquisition method and finally the associated instrument can be characterized.

The experiments, associated instruments, and data acquisition are based
on the mission and orbital characteristics and the range of parameters of the
environment to be measured. A number of possible experiments have been
mentioned. The number of experiments that can be conducted per mission will be
established in part by the OEC spacecraft limitations. These experiments are
summarized in Table 2-3.along with the parameters specifying the expected ranges
and necessary resolution. The resolution is a function of the dynamic nature of the
parameter to be measured and the extent to which the parameter is desired to be
known. If small variations are to be measured, as is the desired case for the
OEC, greater accuracy is required and therefore a higher number of measurements.
The number of measurements for the magnetic field, for example, is assumed to be
at one-fourth wave intervals of the highest frequency fluctuation as shown in
Table 2-3.

There are a great number of experiments that could be conducted from the
OEC. Table 2-3 represents several of the desirable choices. Those identified
with an asterisk were considered in the study. The most important experiments
are related to measuring the magnetic field, solar plasma and soft electrons, and
the electric field. These typical experiments are desirable; however, final selec-
tion is dependent on the configuration design, system weights, and total power
required.

2.1.4.3 Data Requirements

The amount of data required from each of the experiments listed in
Table 2-3 is determined by the sampling interval and the accuracy of the data itself.
Because of the dynamic variations of the environment to be measured, the number
of samples to be made for each of the experiments is determined as a function of the
OEC spin speed and is specified as:

Magnetometer 250 bits/sec
Plasma probe 250 bits/sec
Electric field meter 50 bits/sec

Other experiments that may be utilized would have to have similar data bit rates
for real time sensing and transmission, plus similar weight, power, and volume.



Experiment

Range

Resolution

Spatial

Measurement

Fields
e Magnetic¥

Magnetosphere

Transition

Free space

e Electric

Particles

e Solar wind*

e Near Mars
particles™

Free space

Transition
region

e Cosmic
Protons

a

Heavy nuclei

Electrons

e Dust particles

Atmosphere

e Occultation
experiment

Primary objectives

0 to 100y

0.5 to 1073 for micropulsations
(see Figure 2-3)

5 to 100y

Compressional fluctuations
0.2tol Hz

0.2 to 10Y (quiet)

5 to 100Y (flare)

600 pv m~L to 1 mv m™! (60 db)
over dc to 80 kHz

3x10%to1 x 100

cm 2 sec'l

3.5 x 10° to 8.6 x 10°

ele. cm~¢ sec”

(Free space flux increased by
10 to 103 behind shock front)
Ee > 80 ev

E > 40 mev

E > 100 mev

E >3 gev

E > 1 mev
E > 30 mev

50 to 5 X 104 proton
cm-2 sec-!l

- E
Fg = KI0 14.54 0.6m62

B=~-0.5 (Mariner IV)

K accounts for nearness to
asteroid belt may be near 1

Surface pressure 2 to 20 mbar
density

~<1/4 wave of fluctuation

~<1/4 wave of fluctuation

~<1/4 wave of fluctuation

Same as magnetic

Fine in subsolar direction

Coarse in antisolar
direction

Uniform sample sector

Uniform samples

In plane of o ecliptic —
uniform sample sector

In plane of o ecliptic 2T —
uniform sample sector

<0.25Y (magnitude)
<15° direction

Development to 0.1
or 0.01Yy -

8 bandpass channels
+5 percent bandpass

AE
E > 5 percent
<3° direction

E/Q =10 kv to 50
volts

AE/E ~0.5

mv>1.5x107° dyne
sec

1 part 1011

TABLE 2-3.

OEC EXPERIMENT REQUIREMENTS




2.4i.5 Instruments

The selection of instruments to perform the measurement of a specific
experiment is predicated in part by the following factors:

e Accuracy

e Performance (time constant)

e Size, weight, and shape

o Reliability (space proven or experience proven)
¢ Power requirement

integration of the experiments on a satellite requires the consideration of
several additional factors, such as:

e Interfacing with the satellite and other instruments
® Selection of a location to minimize interference
e Environmental effects

2.1.5.1 Instrument Requirements

A general requirement that applies to all scientific instruments is that they
be easily accessible to provide for an interchange of experiments. If at any time
throughocout the hardware phase it is required to alter the scientific payload, it is
desirable to do so with minimal interaction with the overall satellite system. This
can be interpreted in terms of designing an adaptable satellite for the various sizes
and shapes of typical instruments, The instruments must, however, adhere to the
power conditioning system on the satellite,

Some of the instruments considered in this study are listed in Table 2-4,
together with a partial list of available instrument characteristics. Satellite scien-
tific payloads can be established by the grouping of various instruments. The
differences in payload weight and power for three typical groupings are shown in
Table 2-5; the weight varies between 13 and 20 pounds.

To conduct an experimental measurement, each instrument under considera-
tion must be capable of operating over the dynamic range of the specified parameter
with sufficiently small response time. Those listed in Table 2-4 represent space
proven hardware which has found successful application on the Pioneer VI, IMP I,
and OGO -3 spacecraft,

Physical characteristics of the various instruments considered are shown
in Figures 2-9 through 2-14.
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TABLE 2-4.

OEC INSTRUMENTS

Input Data
. Frequency
Power, watts Operating and Output Experiment
Instrument Weight | Ave | Peak Range Temperature | Voltage | Waveform | Data Size Orientation Data
Flux gate (three component | 0.9 4.0 7.8 | £100Y -30° to +80°C 28 2400 Digital |[See Figure 2-9 |Orthogonal — aligned| Magnetic fields
sensor) electronics 4.7 -60° to +100°C with body axes
Search coil (sensor) 1.5 1.5 2 +100Y -30° to +80°C 28 Digital |4.1 liters Body axes
electronics 3.5 -60° to +100°C See Figure 2-10
UCLA antenna electronics 1.0 100 wv m~1 to -60° to +100°C 28 Body axes Electric fields
1 v m-! (80 db)
Existing antenna (whip) 0.75 0.5 1/f response -60° to +100°C 28
electronics
Ames curved plate 6.3 3.5 10-14 1o 10-9 28 Digital [See Figure 2-12| Acceptance fan Solar plasma
analyzer (Pioneer VI} amp 20° X 160° in plane
3 x 105 to 1010 of spin axis
ions cm~2 sec-!
Faraday cup (Explorer 18) 4.0 0.5 5 to 3000 ev -20° to +65°C 28 Digital {See Figure 2-13| Acceptance cone 1
to spin axis
Ames curved plate 8.0 4.0 10-14 to 10-9 28 Digital [See Figure 2-12| Acceptance fan
analyzer (if combined with amp 20° x 160° in plane
solar wind, unit weight and of spin axis
power increased)
LEPEDEA (OGO-3) 6.3 2.5 100 ev to 50 kev 28 Digital |See Figure 2-14| Acceptance fan L Soft electron
{electrons) spin axis and protons
1 kev to 500 kev
{protons)
Faraday cup {Mariner IV) 2.7 2.6 30 ev to 10 kev -20° to +65°C 28 Digital [See Figure 2-13| Acceptance cone
to spin axis
Solid state telescope 5.0 0.8 One L to spin axis
(two required) One u to spin axis
Pulse height analyzer 0.4 2.0 4 x 18 x 25¢m
GM tube array 3.5 2.0 1 to spin axis Cosmic rays
Neher chamber 2.5 0.2 7.5cm sphere Omni
Coulumb scattering 1.5 0.5 Acceptance cone 1
{anton tubes) IMP 1 to spin axis
GM tube array 3.5 2.0 Solar flare 1 to spin axis Solar flares
spectrum
Impact plate mv>10-5gmsec | -70° to +125°C 28 2400 Digital In plane of spin axis { Dust particles
Mariner IV experiment 6 7 Atmosphere

2.1.5.2

Interfacing Constraints

Interface requirements fall into two categories:

face concerns the following:

e Instrument interchangeability

e Adequate acceptance window allowance

e Unobstructed view for instruments

1) the interface of the
scientific instruments with the spacecraft and each other and 2) the interfacing with
the environment of the Voyager bus — the latter concerned with the performance
and survival of the capsule in the Voyager environment.

The more important inter-




L]

TABLE 2-5. ESTIMATED PAYLOAD WEIGHTS

Weight, Power, watts
Instrument pounds Average Payload
Group I
e ARC flux gate . 5.6 4.0 7.8
¢ Solar plasma and soft 8.0 4.0
electrons
e FKlectric field meter 3.0 3.0
CGroup II
e ARC flux gate 5.6 4.0 7.8
e Solar plasma 6.3 3.5
e Soft electrons 6.3 2.5
18.2 10.0 7.8
Croup III
®© ARC flux gate 5.6 4.0 7.8
e Search coils 5.0 4.0
@ Solar plasma plus soft 8.0 4.0
electrens
e Electric fiéld meter 0.75 0.5
(simple-whip antenna) - -
19.35 12.5 7.8

e Minimizing the magnetic field of the spacecraft

e Minimizing the electrical field of the spacecraft

7o meet the requirement of complete instrument interchangeability, a
standard power interface must be established. That is, the power conversion from

the raw power of the spacecraft, which typically may be at 28 volts dc, will be in -
the scientific instrument. Power conversion from this fixed level to that required
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by a particular instrument is conducted internally as part of the instrument
electronics.

The instruments and electronics are to be located within the spacecraft in
several bays. These are schematically illustrated in Figure 2-15.

The charged particle detectors are located in the bays at 90 degrees to the
line of the boom(s) so that the acceptance angle will not be interferred with by the
boom(s) or any other part of the spacecraft. The electronics associated with the
boom(s) experiments can be located in bays adjacent to the experiment bays. The
magnetometer and electric field meters are to be located on the boom(s) to mini-
mize the influence of the spacecraft fields on the output of the sensors.

Orientation of the various sensors must also be considered. Since the
spacecraft is spinning, it is desirable to position the acceptance angle of the
charged particle detectors such that the widest angle is in a plane parallel to the
spin axis so that sectional samples may be taken during each revolution. The exact
section would be known relative to the sun position and could be correlated with the
planetary position. (A schematic of the sensor acceptance angle orientation is
shown in Figures 2-11 and 2-14.) The resultant orientation of the instrument will

have a direct effect on the residual magnetic field in the orientation of the maximum
magnetic moment vector.

The windows must be located such that the potential effects of the vehicle on
the low energy plasma are minimized. If Faraday cup detectors are used, the
windows would have to be largerto accommodate the increased entrance area.

Interface of the electric field meter is primarily in articulating the
"dumbbells' into proper orientation during deployment of the magnetometer booms.
One is parallel to the spin axis and the other is perpendicular to the spin axis.

SOLAR PLASMA ELECTRONICS B FIELD

(N)1Z2~58€0L

B FIELD LOW ENERGY ELECTRONS

Figure 2-15. Location of
Equipment Bays




2.2 ORBIT ANALYSIS

2.2.1 Generzal

The general requirements for the Voyager mission design speciiy a large
class of possible orbit inclinations as well as orbit charactsristics in which the
Voyager must operate. Since the Voyager spacecraft serves as a reference plat-
form for the CEC, the variety of altiludes and inclinations must be studied to
determine the influence cof these orbit parameters on the OEC mission design.

There are two classes of OEC rnissions that can be described. Each of
these in some way reflect intc the system design of the capsule and its flexibility.

1) If the Voyager orbits are satisfactory, and the experiment require-
ments can be met, it is conceivable to envision the OEC as a simple spin
stabilized satellite of Mars, maintaining relative ranges with Voyager compatible
with a direct continuous short range communication link {i. e., no planetary
occultation of the communication link) and having no control capability other than
that designed into the mission to provide initial spinup. This OEC configuration
is relatively simple and is suitable for the mission, however, it is directly
dependent on Voyager maintaining the same orbit over the 6 months lifetime of
OEC. 1If a direct Earth communication link were included in this OEC design,
low data rates could be established independent of Voyager; however, initial
orientation becomes very important to ensure an Earth acquisition.

2} If either the propcsed Voyager orbits are unsatisfactory or increased
flexibility is desired in the design of this mission, then provisions must be made
for including an attitude cortrol and orbit change capakbility. This leads to amore
sophisticated satellite design in that independence from the Voyager bus requires
a more flexible communication system. Nominally, it is proposed to continue to
transmit both experimental and engireering data to Voyager, and through Voyager
telemetry to Earth., However, complete autonomy from Voyager can be obtained
only by inclusion of a direct OEC/Earth communication lirk.

The two widely differing preliminary conceptual designs for the OEC
noted above were previously introduced as the co-orbital and orbit change systems.
The major departure between the alternative OEC concepts is seen to involve the
degree of flexibility afforded the satellite to divorce itself from the Voyager
mission requirements. For the simpiest co-orbital system, i.e., where the
satellite is devoid of propulsive capability and the relative OEC/Voyager dis-
tance is constrained to a small value, the OEC mission effectiveness is tied
intimately to the Voyager mission requirements. On the other hand, the orbit
change concept, which attributes to the satellite the ability to perform gross
orbital maneuvers, allows for a degree of independence in optimizing the
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on-orbit performance of the satellite. . Although the co-orbital system 1s
simpler, less expensive, and more reliable than the orbit change system, the
latter is a considerably more flexible and versatile concept.

The analyses contained in this section cover the scope of such related
topics as:

® Description of the orbit characteristics
) Relative relationship between orbits and the Martian magnetosphere
° Effects of orbit decay due to a Martian atmosphere

® Differential drag decay between Voyager and OEC

° Influence of solar gravitational perturbations

° Duration of eclipses of OEC by Mars

e Geometry for occultation of Voyager and OEC

® Field of view requirements for the Voyager — OEC antenna link
] Launch window geometry

2.2.2 Orbit Characteristics

The Voyager mission constraints outlined in Section 2. ! indicate that the
range of periapsis altitudes and apoapsis altitudes are, respectively,

500 km = hp < 1500 km

10,000 km = ha £ 20,000 km

The orbital periods of the elliptic orbits are determined from the following
equation

2T 3/2

P = i a (2-2)
where
W = gravitational constant of Mars
= 0. 428 X 105 krn3/sec2
a = semi-major axis of the orbit, km
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and
r
A= —E—o (2-3)
(1-¢)
where
rp = radial distance from Mars center to periapsis
=R__+h (R = 3393 km)
m P m
e = orbit eccentricity

The eccentricity is defined by

e =2 B2 (2-4)

where Vp = orbital velocity at periapsis.

These equations are evaluated (Reference 3) and the characteristics cf the
Voyager crbits are established. Figure 2-16 illustrates the period of the crbits
as a function of the altitude limitations. For the altitudes given, the pcssible
period varies from 7 to 14 hours. The time along the orbit as referenced to the
periapsis is shown as a function of the true anomaly in Figure 2-17. This infor-
mation is necessary to describe the launch window.

Several additional parameters of importance are represented as a function
of position of the OEC in the orbit. These are the velocity, radius vector, angular
rate cf change of true anomaly, and flight path angle (described from the local
horizontal) and are illustrated in Figures 2-17 and 2-18.

The above results are dependent on the general relationship of the various
orbits about the planet Mars. In addition, the influence of the planetary oblate-
ness must be accounted for. The net effect is a secular variation which creates
a regression of the equatorial node as well as causing the argument of periapsis
to either advance or regress, dependent on the orbit inclination. Apsidal rotation
is a motion of the line of apsides about the orbit normal.

A derivation of both the nodal and apsidal rotations (Q and W) is presented
in several texts (Reference 4); a particularly useful form is as follows:

fl = -3TTJ'2 —LZ cos 1 radians per revolution {(2-5)
a(l-e")
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R
W = 31TJ2 —mf (2 -5/2 sin2 i) radians per revolution (2-6)

a{l-e")

where an is the radius of Mars, and J, is the coefficient of the second spherical
gravitational harmonic. Reference 5 states that Jp = 1.95 x 10-3 + 5 x 10-5 for
Mars.

Equations 2-5 and 2-6 show that these rotations are relatively strong func-
tions of the semi-major axis (a), eccentricity (e), and orbital inclination with
respect to the equator (i}. Hence, the effect of the cblate gravitational field on
the extent of the mapping of the magnetosphere will depend on the final OEC orbit.
This will be treated in the following subsection. Figures 2-19 and 2-20, show the
magnitude of these rotations for various orbits of interest. Note that |Q| and le
increase as the apoapsis altitude decreases and that W changes sign at an inclina-
tion of 63. 4 degrees.

2.2.3 OrbitRelationships to Magnetosphere

The four dimensional characteristics of the Martian magnetosphere imply
the desirability of taking measurements over a range of altitudes, latitudes, and
inertial longitudes, as well as time. In this discussion, the variation of these
quantities over the mission will be described and the implication of these varia-
tions on the extent of the mapping discussed.

The relative motion of the OEC orbit and the Martian magnetosphere
over the 6-month mission is of sufficient importance to clarify the expected
geometrical relationships. Figure 2-21 is a schematic representation of a typical
OEC orbit (for either the co-orbital or orbit change system) and its geometrical
relationship to the Sun and the magnetosphere. The longitude of periapsis rela-
tive to the Sun at epoch is shown as Ag. Assuming for the moment that the orbit
plane is fixed in inertial space, the magnetosphere will rctate (relative to the
orbit plane) at the angular rate of Mars around the Sun (Ay = 0.53 deg/day).
Over the 6 month mission, this effect will allow the OEC to sample the Mars
environment at various longitudes in the magnetosphere and at various altitudes.
In particular, periapsis will rotate relative to the magnetosphere a total of 97
degrees.

In fact, the relative rotation will be greater than 97 degrees because of
the precession effects mentioned in Section 2. 2. 2. As indicated, the affect of
the oblateness will torque the orbit in such a manner that the mapping will be

b3 -
Since J, for the Earth is 1. 08 X 10 3, this indicates that Mars is considerably
more oblate than the Earth.
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more extensive than implied above. To clarify these effects, the results pre-
sented in Figures 2-19 and 2-20 are interpreted illustratively.

Figure 2-22 illustrates in two views the effect of the rotation of the apse
line for i < 64 degrees. A typical set of conditions is shown with the equatorial
plane of Mars inclined ~25 degrees to the ecliptic. An assumed magnetospheric
boundary is shown and the orbit exaggerated to illustrate the motion. The apsidal
rotation vector W is illustrated normal to the orbit plane. Motion of the periapsis
altitude from point A # D is seen in the side view and in the plane of the orbit.
The top view provides a more pictorial illustration. Note that the rotation of the
apse line is in the same direction as the 1/2 deg/day motion of Mars about the
Sun so that when viewing the motion of the magnetosphere rotation, it can readily
be seen that periapsis moves in the same direction.

The effect of nodal regression on the orbits is shown in Figure 2-23. The
orbit regresses westerly at a rate that is characterized by the specific orbital
elements. Both the side and top views illustrate the direction that periapsis
moves {from A #+ D). Regression is symmetrical about the Mars spin axis, but
takes on various orientations with respect to the ecliptic normal and hence the
magnetosphere,

Figure 2-24 shows a combination of the two effects and indicates the
difficulty of establishing an optimum mapping criteria.

In order to display some representative numerical results, assume that
periapsis is located at the minimum latitude relative to the Martian equator.
Figure 2-25 shows a schematic mercator projection of a typical OEC orbit
and the relative motion induced by the oblate gravitational field. Using Figure
2-25 it is relatively easy to demonstrate that the relative longitude (A) between
periapsis and the Sun is determined from the geometry and given by the
expression.®

A = )\0+(Xm +% |Q|) K + tan” ' [ ctn (Zf:éwK) cosi)-ﬂ/Z (2-7)

while the periapsis latitude is

¢ = —sin—l cos <Z‘§ &K) sin i (2-8)

“In Equation 2-6, it has been assumed that the Sun moves at a constant rate in
the Martian equator.
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where
i = orbital inclination to Martian equator
0 = nodal regression rate, rad/rev

w = apsidal rotation rate, rad/rev

K = days from epcch

A = longitude of periapsis relative to the Sun, radians
¢ = latitude of periapsis, radians

P = orbital period, hours

Figure 2-26 shows a plot of X versus ¢ for orbits with the following char-
acteristics: ha = 10,000 km, hp =500 km, g =0, and i =45 degrees, 55degrees,
and 70 degrees. The results indicate that for i = 70 degrees, i.e., the highest
orbital inclination consistent with the Voyager mission, periapsis will rotate
through an angle of approximately 230 degrees relative to the magnetosphere
over the 6 month mission. The latitude variation is ~~28 degrees. This willallow
a relatively large sampling of the magnetic field at the periapsis altitude. These
results are illustrated in Figure 2-27. This view indicates how for this typical
case, the apoapse might initially protrude above the magnetosphere. As theorbit
changes and Mars moves, this reference point rotates through some 200 degrees
and never enters the shock region. Periapse always remains at low Mars lati-
tudes. This example dces not represent a necessarily desirable feature but in
fact points out the kind of phenomena expected and the complexity of arriving at
some optimum orbit.

Figure 2-26 also shows the expected types of coverage at the lower
inclined orbits. For example, at i = 45 degrees, the longitude variation is not
nearly so pronounced, while the latitude variation is somewhat larger. In partic-
ular, the total changes in A and @ are 92 and 87 degrees, respectively. Thetrend
of these variations stems mainly from the change in sign of & at i = 63. 4degrees.

The results shown in Figure 2-26 are insensitive to changes in periapsis
altitude within the assumed altitude regime but will vary considerably with large
changes in the apoapsis altitude. Specifically, as the apoapsis altitude increases,
the longitude and latitude regions covered will decrease.

Several interpretations of the results can be established. If the magne-
tosphere is assumed to be symmetrical, then 180 degree variations between the
periapsis altitude and the magnetosphere is adequate. Hence, inclinaticns cf
greater than 65 degrees to the equator are desirable, for a mission duration of
6 months. For longer durations, the same longitudinal range is obtained at
lower inclinations and at increasing latitudes. For the largest expected Voyager
inclination of 70 degrees, substantially greater variations in longitude can be
achieved at the cost of decreased latitudinal variations.
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Selection of the proper orbit to optimize the mission objective of mapping
the magnetosphere deserves careful consideration. Due to the current general
ground rules for the Voyager orbits, itis a very cumbersome task to completely
identify these characteristics. The results of this study indicate that, without
question, there will be extensive mapping accomplished.

A more complete study is required, but only after the Voyager nominal
injection date, node, and other pertinent characteristics have been better defined.
At that time, a detailed study could indicate the most desirable orbit inclination
to ensure the most complete description of the Martian magnetosphere.

2.2.4 Orbital Lifetime

A definitive study of the OEC mission lifetime has produced several
important results. The rationale for this analysis was to determine if the capsule
could meet the Voyager mission requirement (Reference 6) of 50 years minimum
lifetime. {During the study phase, the requirement was reduced to 10 years.)
This subsection discusses these results and presents several conclusicns.

The primary perturbation contributing to a finite life for the spacecraft
derives from the interaction of the satellite with the atmosphere of Mars.
Although the Martian atmosphere is only 1/500 of the mass of the Earth's atmos-
phere, satellite orbits with extremely low periapsis altitudes will experience
appreciable decay over a 50 year period.

Ten atmospheric models are presented in the Voyager Design Specifica-
tion (Reference 1). In addition, a recent model by D. F. Spencer {(Reference 7)
was included in a study of the perturbative influence on the orbit. Table 2-6
displays the values of surface density and scale height associated with each
atmosphere. This is of particular significance, since a large scale height
implies a low density gradient with respect to altitude, and hence a dense atmos-
phere at high altitudes. This in turn contributes to atmcspheric degradation of
the orbit at high altitudes and a corresponding decrease in lifetime.

The atmospheric density altitude profile is assumed to be static and
exponential in form,” i. e. ,

h
“H
p = p.e (2-9)

where

surface density

O
I

scale height

From Reference 8, the lifetime of a satellite interacting with an exponen-
tial atmosphere is

*A static atmosphere is defined as one which is invariant with time.
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TABLE 2-6. MARTIAN ATMOSPHERIC MODELS

Atmosphere Surface Pressure, Surface Density, Scale Height,
Model millibars gm/cm3 x 10-5 km
VM-1 7.0 0.96 14. 2
VM-2 7.0 1. 85 5.5
VM-3 10. 0 1. 37 14. 3
VM-4 10. 0 2.57 5.2
VM-5 14. 0 1.91 14. 2
VM-6 14. 0 3.08 6. 1
VM-7 5.0 0. 68 14. 2
VM-8 5.0 1. 32 5.5
VM-9 20.0 2.73 14. 2
VM-10 20.0 3.83 6.9
Spencer 6. 0 3.00 10. 0

Estimates made of the Mars atmosphere from Mariner IV data indicated

that

Py = 1.5 X 107> gm/cm3 and H = 9 km

- /% [F (cos'leo, J2/2) - F (n/2, J2/2)

- -7
+ 2E {(n/2, 2/2) - 2E (cos 1eo, Vv 2/2):] x 0.317 X 10" " years {(2-10)

where

1}

OEC mass, 32. 12 kg (minimum weight vehicle)

A = 6.0 square meters




C = drag coefficient assumed = 2.0
M = gravitational constant for Mars
e, = initial orbital eccentricity
F, E = elliptic integrals of first and second kind
_hPO
ppo = p, exp & ) hPO = periapsis altitude
rpo = hPo + RM, (RM = radius of Mars)

In order to determine the variance in the OEC orbital lifetime due to the
uncertainty in the knowledge of the Martian atmosphere, lifetimes were deter-
mined for all 11 models for a typical orbit and subsequently compared. Figure
2-28 shows the uncertainty regime existing in the lifetime estimate as a function
of periapsis altitude for an apoapsis altitude of 20,000 km. The results indicate
a large dispersion in the lifetime estimate. In particular, to satisfy the 50-year
Voyager mission constraint, the uncertainty in the allowable periapsis altitude
is approximately 175 km. The sparsest Martian atmosphere (VM-4) dictates a
minimum altitude of 95 km, Spencer's atmosphere requires at least 188 km,
while the densest atmosphere (VM-9) requires a periapsis altitude greater
than 275 km,.

The 50-year OEC orbit lifetime is assumed based on a Voyager mission
constraint. A relaxation of this constraint has a negligible affect on the OEC
mission design. As shown in Figure 2-28 a 10 percent decrease in periapsis
altitude is achievable for an assumed 10-year orbit lifetime. This represents
less than a 30 km change in periapsis and is on the order of the orbit deter-
mination accuracy.

It is apparent from these results that the OEC could safely descend to
about 275 km and suitably meet the lifetime requirements. The possibility of
lowering the altitude further is then based on "which is the most realistic
atmospheric model. "' At the present the answer is unavailable; however, more
definitive atmospheric information may be available from possible Mariner
Mars flyby missions prior to 1972.

Figure 2-29 indicates the minimum periapsis altitude for the range of
given atmospheric models as a function of the assumed altitude at apoapse for
both a 10 and 50 year lifetime. The fact that the periapsis altitude is not sen-
sitive to the apoapsis altitudes between 10,000 and 20,000 km is apparent.
There is a large region of minimum altitude uncertainty, as shown in this
figure.
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In summary, these results imply that it is reasonable to operate with OEC
periapsis altitudes as low as 275 km and to guarantee a 50-year mission lifetime.
This is a significant fact if the Martian magnetic field is weak at nominal mission
altitudes. As a result of this analysis it appears reasonable to study the possi-
bilities of incorporating orbit change capabilities in the OEC mission.

2.2.5 Differential Drag Effects

One of the major areas of concern in the OEC mission is the desire to
guarantee that a collision between the OEC and Voyager spacecraft will not take
place subsequent to separation. The question of the effect of differential drag on
the distance of closest approach of the two vehicles is treated here.

The effect of atmospheric drag on the orbits of the OEC and Voyager

spacecraft is to decrease the semi-major axis (or equivalently the energy) and
thereby the orbital period (P). Since,

where y is the gravitational constant of Mars and a is the semi-major axis of the
orbit, it follows immediately for small perturbations that

8a

3
6P_2Pa

The change in semi-major axis of a highly elliptic orbit over one complete revolu-
tion can be developed from the analysis of Reference 9.

ba _ 21 a(l-ez)ﬂ, lte (2-11)
a - M/CA °p 2me l-e

vehicle mass

where

A = cross sectional area normal to the velocity vector
CD = drag coefficient (assumed =2)
e = orbital eccentricity




h /H
P

©
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atmospheric density at periapsis (hP) =P, €

surface density

O
1]

H = atmospheric scale height
In addition, for small changes in the orbital period, the variation in in-track loca-
tion (8S) of the vehicle after a revolution can be accurately approximated by

8S = VOP (2-12)

where V is the velocity at epoch. Combining Equations 2-11 and 2-12 yields

2
_ 37 . a{l-e")H [l+e /
S = mrcay PVPp Zre <l—e ) (2-13)

Equation 2-13 shows the effect of atmospheric drag on the in-track location of the
satellite in terms of orbital and atmospheric parameters. It is apparent from this
equation that §S increases with increasing pp and hence, to estimate an upper
bound on 8S, the OEC/Voyager orbit with the lowest periapsis altitude should be
considered; i.e., a periapsis altitude of 500 km.

In Section 4.0, 11 Martian atmospheric models are displayed and subse-
quently compared. Itis shown that the most significant atmosphere (VM-9) in
terms of orbit degradation is described by the following constants: pgo = 2.73 X
10“5 grn/crm3 and H = 14.2 kmm. Assuming, as a representative case, an OEC/
Voyager orbit with an apoapsis altitude of 20,000 km, a periapsis altitude of
500 km, i.e., the maximum value of P associated with the range of possible
Voyager orbits, taking V equal to the velocity at periapsis, and finally using the
values of po and H noted in Equation 2-13 gives

GS(M/CDA) =72 x 107> kg/m (2-14)

Since M/CDA for both the OEC and Voyager is of the order of 15.8 kg/m?2, it is
seen that the in-track displacement from an assumed drag free case is negligibly
small. Hence, if the drag free constraints on the mission are adjusted so as to
obviate collision, interaction with the Martian atmosphere can be ignored.

2.2.6 Effect of Solar Perturbations

During the operational lifetime of the OEC mission, solar gravitational
perturbations act on the capsule. The net effectis a disturbance which tends to
change the OEC orbital velocity. In essence the solar pe rturbation adds and/or
subtracts an incremental velocity to the nominal orbit velocity.
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The purpose of this discussion is to investigate these effects and in par-
ticular relate them to the periapsis altitude. This is an important study since the
possibility of planetary contamination must be avoided, and the results of this
analysis influence the orbit selection.

A typical orbit with periapsis altitude of 1000 km and apoapsis altitude of
10, 000 km is assumed. An attitude orientation is chosen in the worst sense SO
that the maximum effect of the solar perturbations on the periapsis altitude is
found.

Reference 9 shows that the change in periapsis altitude, due to the soiar

perturbations, per revolution of the satellite is given by

Ahp = Kl {sin 2y cos Z(l)\J cos Q - [cosZY - sinzy cos2 Q] sin 2(2)} {(2-15)

where

GM

15 am e l-e

K, = d (2-16)

GM , = u of the disturbing body

=1.372 % lO11 k1'r13/sec2 for the Sun

a, = distance of the disturbing body from planet

(o R

= ]1.5237AU for Mars
a = semi-major axis of the OEC orbit
e = eccentricity of the OEC orbit
n = mean angular motion of OEC in its orbit about Mars

vy = angle (in the ecliptic) from line of nodes of the OEC orbit to the
Mars-Sun line

o>
1

inclination of the OEC orbit with respect to Martian ecliptic plane

=>
I

argument of periapsis with respect to Martian ecliptic plane




Substituting the assumed orbital parameters into Equation 2-16 yields

14 2y (8.91 x 10°

8

secC

6.10x 10~

K, - 15 (0.566 x 10

km) (3. 14) (0.505) (0. 864)
2

radz/sec

= 1,702 X 10'2 km

Analysis of Equation 2-15 shows that the,extreme perturbations corre-
spond to orientations of v = 0, 180 degrees and w = 45, 135, 225, 315 degrees.
Substitution of these values into Equation 2-15 results in a maximum change in

periapsis altitude {per orb

periap tu due to solar perturbations of

rFeivwlaliLilos LI

+1.702 X 10'2 km/rev

>
5
1]

+0.01702 km/rev

Since the inertial orientation of the orbital plane is constantly changing,
the average solar perturbation over the mission will be somewhat less. In any
case, the net effect over the 6 -month mission lifetime for this typical orbit would
be less than 10 km.

The worst case effects of solar perturbations are actually exhibited for
missions operating at high apoapsis altitudes along with the lowest periapsis
altitudes. The minimum altitude established from the orbit decay studies is approx-
imately 300 ken. For a 20,000 km x 300 km orbit, this change in periapsis altitude
could be as great as 55 km. By combining this effect with that of atmospheric
decay and including some margin, a minimum operating altitude of approximately
350 km (50 year lifetime) is recommended. A somewhat lower altitude is possible
for the 10 year lifetime constraint.

2.2.7 Solar Eclipse

The eclipse history specified for the Voyager mission at the present time
calls for no eclipsing during the first 30 days of operation and no greater than a
maximum of 60 minutes per orbit during the succeeding 5 months* (see Reference 1).
Since the OEC may not separate from the Voyager for a period of 30 days, the
maximum eclipse duration experienced by either the co-orbital or orbit change
systems, over the latter portion of its 6 month operation, might be considerably
in excess of this value. The eclipse durations of highly elliptical orbits are a

"‘Actually, the maximum eclipse after the first 30 days is the minimum of 8 per-
cent of the orbital period and 60 minutes.
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strong function of such quantities as date, argument of periapsis relative to the
Martian ecliptic, and orbit node location. Since the Voyager orbit has not been
specified to a sufficient degree to guarantee the initial values of these quantities,
flexibility demands that the OEC be designed to operate with the thermal and power
environment dictated by worst case eclipsing. In addition, it has been ascertained
that a preferred initial inertial orientation of the orbit plane exists for sampling
the magnetic field, and this orientation will yield the maximum eclipse period per
orbit.

The critical orbital orientation is obtained when the apsidal line, the line
connecting apoapsis and periapsis, lies in the Martian ecliptic and the Sun lies on
the line segment connecting Mars and periapsis. Figure 2-30 displays this worst
case geometry. The duration of solar eclipsing, Tpg, for this case is determined
from

P _ .
TE =2 (-2— - t) (2-17)

where t' is the time required by the satellite to travel from periapsis to the point
of entry (A) into the shadow. Using Kepler's Equation, t' can be expressed in
terms of the eccentric anomaly E. In particular,

_ E - e sin E
tr=P <—_2TT > (2-18)

Substitution of Equation 2-17 into 2-18 yields

. _ E - e sin E
T = P(l - — > (2-19)

E is defined in terms of the true anomaly (V) as
E = co -1 [ e+ cosV —cos-l e - sin 0
= cos 1+ ecosVv/ ™ 1 -e sin B

and 9 is as shown on Figure 2-30. At this point, it only remains to determine 6
in terms of the known orbital parameters in order to completely define the eclipse
period. To do so, the radius vector from Mars at point A is introduced:

2 2
_a(l-e”) _ a(l -e7)
F'*7T+% ecosv 1-¢esin 8 (2-20)
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From the figure,

R =rcos 8 (2-21})
m

Combining these equations yields

2
(a2l -e’)
Rm_<l—esin6> cos 8
or

Rm (1 - e sin 6) = a(l —ez) cos ©

By regrouping

R esin6+a(l—e2)c086:R
m m

dividing through by

2
\/eRm)Z + <a(l - e2)>

2
sin 6 + a{l-e’) cos B =
2 > >
%;Rm)z + (a(l—e2)> /eRm)z + <a(1—e2)> /eRm)2+ (a(l-ez))

Recognize that this expression has the form of the trigonometric relationship

eR
m

R

m

sin (B + A) = cos A sin 6 + sin A cos 6

so that by letting

2) eR
cos A =

2 2
/eRm)z + <a(l—e2)> /ean)2 + <a(1—e2)>
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then
R
sin (8 + \) = X
> 2
(eR_ )"+ <a(1-e )>
and
_ R
8 = sin m
2 7 ~\2
(eR_)“ + Ka(l-e ))
where
2
B -1 [a(l-e™) _
A = tan <——eR > (2-22)
m
Finally,
1 2
8 = sin_1 5 |- tan-1 a({l-e’) (2-23)
2 2 eR
2  a (l-e7) m
e + 7
R
m

can be written.

Figure 2-31 shows the maximum eclipse duration/orbit versus periapsis
altitude for various apoapsis altitudes. It is immediately apparent that these
upper bound values can be considerably in excess of the Voyager baseline con-
straint. In particular, for an orbit withh_ = 500 km and ha = 20,000 km, the
maximum eclipse time is 2.64 hours/rev.” For lower values of apoapsis, say,
h, = 10,000 km, T, decreases to 1.61 hours/rev, while for lower values of hp,
Te increases slightly. For hy = 20,000 km and hp = 300 km (i.e., the minimum
periapsis altitude consistent with the 50 year lifetime constraint), ’I’e = 2.7 hours/
rev. The latter value represents the maximum eclipse duration for the orbit change
satellite, unless the altitude is increased above an apoapsis altitude of 20,000 km.

Figure 2-32 shows a representative variation of eclipse duration with time
for a 20,000 km by 500 km orbit. The orbit is inclined at 20 degrees to the ecliptic,
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and its epoch conditions give the maximum eclipse duration. The results show
that the period of high eclipsing is experienced for a moderate number of days.
For periods greater than a month, the eclipse duration goes to zero and remains
so for at least an additional 40 days. Variations of this type are typical for high
eccentricity orbits. Although the eclipse distribution is not symmetrical about
t=0, it is reasonable to estimate that eclipse periods of longer than 60 minutes
may exist for up to 2 months. This condition probably precludes the possibility
of interrupting communication between the OEC and Voyager during these periods.
Hence, sufficient battery power should be included for operating the OEC during
peak eclipsing.

2.2.8 Voyager-OEC Occultation

Provision for occultation of Voyager or OEC by Mars is a desirable feature

£l axread +lo 1¥e) im im
in the event that an ""Occultation Expcriment" is included as a primary experiment.

In light of this, it is of interest to determine the communication range require-
ments necessary to provide this mission feature.

The minimum range which results in planetary occultation is found from
observing Figure 2-33 and the following orbital equations:

D=2r sinV (2-24)

where V = true anomaly and
_a(l - ez) __a(l - ez) (2-25)
"1+ ecosV Rm /

1+ e < )
r
Rewriting yields
r=al(l -e”) - eR (2-26)
m

For the nominal orbit assumed, the characteristic parameters are



k= 1000 km
p

h_ = 10,000 km
a
= 8.9 x 107 km 2-27)
e = 0.505
r = 4918 km
-1 Rm
V= cos " = 46. 2 degrees (7 -2R)

and finally the minimum distance is
D:=2r sin Vv

= 7120 km (2-29)

Figure 2-34 iliustrates the earliest time during the missicn at which cccul-
tation will occur as a function cf the separation velocity. The detailed discussicn
of the selecticn of this range of velocities is presented in 2. 4. It must be reccg-
nized that the conseguence cf larger injection velocities is that communicaticn
power requirements increase. For example, at a separation velocity of 0. 1 fps,
commensurate with co-orbital mission operation, the maximum cemmunication
range requirement is approximately 2700 km. This range is well belcw the mini -
mum ccculting range. If occultation is desirable, a minimum velocity increment
of approximately 0.25 fps is required. For example, tc prcduce an occultaticn
during the fifth montk, AV = 0.3 fps and the maximum range 1 8500 km.

Adding this capability to the simple co-orbiter mission requires additicnal
solar power. For ar 8500 km cocmmunication range, the pocwer required is nine
times that at 2700 km.

For the orbit change mission, with the occultation experiment, it could be
desirable tc provide immediate occultation. This can be produced by separating
with velocities on the order of 1.0 fps. Thus the occultation experiment cculd be
conducted within the first several weeks.

?

2.2.9 Antenna Field of View Requirements

The complex nature of the orbit motion, as well as the generality cf possi-
ble orbit characteristics is reflected in the determination of the communication
antenna coverage requirements. It is necessary to size the field of view for both
the OEC and Voyager tc ensure continuity of data transmissicn.
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Both missions discussed require identical antenna coverage. The only
difference is that continuous data is transmitted in the co-orbital mode, whereas

data is stored on tape and played back at preselected intervals for the orbit change
mission.

The three factors that must be considered in designing the antenna coverage
are

1) Rotation of Voyager as it tracks the Sun and Canopus
2) Orientation of the OEC to Voyager in the nominal orbit
3) Effects of orbit precession

Figure 2-35 illustrates the effect of Sun's motion. Orbit regression and
apsidal rotation have been discussed in Section 2. 2. 2.

2.2.9.1 OEC Antenna Coverage

Since the OEC is spinning, the required antenna pattern is clearly sym-
metrical about the spin axis. The angle from the normal to the spin axis to the
boundary of the antenna pattern can be computed with the aid of Figure 2-36.
Assuming that the spin axis lies within 5 degrees of the normal to the Martian
ecliptic {(a constraint for both the co-orbital and orbit change systems), the maxi-
mum angle between the spin axis and orbit normal is (5 degrees + ig). Since the
inclination of the initial orbit plane of Voyager to the Martian ecliptic is constrained
to be less than 45 degrees, the aforementioned angle has a maximum initial value
of 50 degrees. Neglecting perturbations on the orbit, i.e., assuming that the
orbit plane remains fixed in inertial space, the required angle from the spin axis
normal is found to be 50 degrees.

This corresponds to a requirement for a ""pancake beam, ' symmetric about
the spin axis, and enclosing an elevation angle of 100 degrees.

The regression of the orbit node due to planetary oblateness adds a further
degree of complexity to the problem. The oblateness of Mars causes the orbit
plane to rotate about the polar axis of the planet and therefore modifies the antenna
requirements obtained above. This rotation means the orbit normal will be chang-

ing position in inertial space throughout the mission; i.e., the angle i, will be a
function of time.

Figure 2-20 illustrated the effect of the Martian oblate gravitational field on
the node of the orbit with respect to the Martian equator. As seen in Figure 2-37,
the motion of the node with respect to the equator (AQ) causes a corresponding change
in the orientation angles relative to the (Martian) ecliptic, i.e., Qe and i,. The
spherical geometry of Figure 2-37 results in the following relationships:

cos ie = cos icos € + sin i sin € cos (QO - |AQ|) (2-30)
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and

sini sin (@_ - |AQ])

sin i
e

sinQ_ =sin (Q -AQ ) =
e e, e

(2-31)

where AQg is the (westward) displacement of the node along the equator.

Since the nominal Voyager-OEC orbit has not been specified, the antenna
pattern which yields the largest field of view requirement is considered. As shown
above, the size of the total required elevation angle of the antenna beam is specified
by the angle 2 (ig + 5 degrees). Since oblateness causes the angle iy to vary through-
out the mission, the angle of interest is the maximum value of i, obtainable within
the range of possible Voyager/OEC orbits. Since the inclination of the initial orbit
plane to the ecliptic is constrained to be equal or less than 45 degrees (see Ref-
erence 6), it is apparent from Figure 2-37 that the maximum value of i relative to
the Martian equator is 70 degrees, i.e., when Qeo is zero. With an initial inclina-
tion of 70 degrees relative to the equator, Figure 2-20 indicates that nodal regres-
sions as high as 96 degrees are possible during a 6 -month mission for certain
Voyager orbits. Substitution of the values —i.e., i = 70 degrees, Q, = 0, and
IAQI = 96 degrees — into Equation 2-30 yields an inclination of 74. 3 degrees rela-
tive to the (Martian) ecliptic after 6 months for this orbit. Hence, the co-orbital
OE~T configuration requires a 160 degree pancake beam for continuous visibility
under all possible orbital conditions.

If plane change maneuvers are not contemplated for the orbit change OEC,
then the 160 degree pancake beam antenna will also suffice for this concept. On
the other hand, if further analysis indicates that i, may be substantially increased
above the current Voyager limit, then an isotropic pattern (4 steradians) may be
required. )

2.2.9.2 Voyager Antenna Coverage

Due to the complexity of this analysis, the Voyager antenna requirements
are evaluated on three levels, each succeeding level increasing in complexity.
The analysis is based on the co-orbital OEC mission, but conclusions are reached
in Level III which apply to the orbit change mission as well.

Level I. The following simplifications are made for this level:

1) The perturbations on the orbit are neglected; i. e., the orbit plane
remains fixed in inertial space.

2) No roll motion is required by the Voyager spacecraft; i.e., assume
the star Canopus is located 90 degrees out of the Martian ecliptic and
thus is always within the field of view of the Voyager star sensor as the
Voyager Z-axis tracks the sun.
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Section 2.2. 3 indicates the broad aspect variation that must be accom-
modated during each orbit; i.e., the communication line of sight from Voyager to
the OEC moves through all angular directions in the orbit plane during each orbit.
Figure 2-38 shows a schematic representation of the communication aspect require -
ment as related to the Voyager spacecraft. For a single orbit, the antenna coverage
required is a beam containing the orbital plane of the OEC about Voyager, i.e., a
360 degree ""disc beam' perpendicular to the orbit normal. In order to maintain
the Voyager solar array normal to the Sun's rays, the Voyager spacecraft axes are
required to rotate about the normal to the ecliptic at approximately one-half degree
per day, due to the motion of Mars about the Sun. This motion is equivalent to
holding the Voyager spacecraft fixed and rotating the orbit plane {in westerly sense)
about the normal to the ecliptic.

Over a 6-month period the required antenna coverage is the superposition
of the successive orbit planes formed by rotating the initial orbit plane approxi-
mately 90 degrees about the ecliptic normal. The orientation of this required
coverage volume relative to the Voyager spacecraft can be determined only if the
orientation of the initial orbit plane relative to the ecliptic is completely specified.
Since this orientation is unknown at this time, it is necessary to design the antenna
pattern such that it will suffice regardless of the orbit eventually selected for the
Voyager-OEC mission. In particular, if the node of the orbit relative to the ecliptic
is not restricted, then all possible orbit nodes must be considered. This ambiguity
of initial orientation corresponds to a full 360 degree rotation of Voyager relative
to the orbit plane; consequently, the superposition of the successive orbit planes
would form a ''pancake beam'', symmetric about the normal to the ecliptic and
enclosing an elevation angle of twice the angle (i) between the normal to the ecliptic
and the orbit normal (Figure 2-39). Alternately, this pancake beam may be
described by an excluded cone of size (90 degrees - ig).

Level 1I. The orbit perturbations are still neglected, but consideration is
given to the fact that Canopus is not 90 degrees out of the Martian ecliptic.

The star Canopus is actually about -75 degrees (in declination) out of the
Martian ecliptic plane. The Voyager spacecraft will execute roll maneuvers, about
the Z-axis, throughout the mission to retain Canopus within the field of view of the
star sensor. In terms of the Voyager body axis system, this corresponds to keep-
ing Canopus in the Y-Z plane at all times throughout the mission, while the Z-axis
tracks the sun as shown in Figure 2-35.

Since the Voyager antenna is fixed to the spacecraft, the axis of symmetry
of the pattern will move by up to 15 degrees from the ecliptic normal due to these
roll maneuvers. Therefore, the excluded cone must be reduced by 15 degrees and,
as can be seen in Figure 2-39, the antenna requirements for Level II are equivalent
to those of Level I where the excluded cone is now of size (90 degrees - ig - 15
degrees).

Level III. The regression of the orbit due to planetary oblateness adds a
further degree of complexity to the problem. In particular, the oblateness of Mars
causes the orbit plane to rotate about the polar axis of the planet and thereby modi-
fies the antenna requirements obtained above. This rotation means the orbit normal
will be changing position in inertial space throughout the mission; i.e., the angle ig
will be a function of time.
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Figure 2-20 shows the effect of the Martian oblate gravitational field on
the node of the orbit with respect to the Martian equator. As seen in Figure 2-37,
the motion of the node with respect to the equator (Q) causes a corresponding
change in the orientation angles relative to the ecliptic, i.e., Qe and ie. The
spherical geometry of Figure 2-37 results in the relationship identified as Equa-
tions 2-30 and 2~

The antenna pattern required for an extreme Voyager orbit is now con-
sidered. As shown in the Level II discussion, the size of the excluded cone is
specified by the angle (90 degrees - i_ - 15 degrees) or (75 degrees - ig). The
angle of interest is the maximum value of i, obtainable within the range of possible
Voyager-OEC orbits. Since the inclination of the initial orbit plane to the ecliptic
is constrained to be equal or less than 45 degrees, it is apparent that the maximum
value of i relative to the Martian equator is 70 degrees, i.e., when Qeﬁ is zero.
With an initial inclination of 70 degrees relative to the equator, Figure 2-20 indi-
cates that nodal regressions as high as 96 degrees are possible during a 6-month
mission for certain Voyager orbits. Substitution of these values — i = 70 degrees,
Qo = 0, and IAQI = 96 degrees — into Equation 2-30 yields an inclination of 74. 3
degrees relative to the ecliptic after 6 months. Thus, to guarantee continuous
communication for the entire realm of Voyager orbits, a 41 steradianantenna
pattern is required since the excluded cone is specified by (75 - 74. 3 degrees) ~ 0.
It is apparent that the orbit change mission, with its added uncertainties, will also
require a 4T steradian antenna pattern unless the orientations of the orbital planes
are specified in advance. Figure 2-40 illustrates the expected worst case cover-
age angles for both vehicles; note that both the Voyager and OEC antenna patterns
are symmetrical in the region of the ecliptic normal. This is due to the orienta-

tion of OEC of <5 degrees to the ecliptic normal and the Sun-Canopus tracking of
Voyager.

For a fully specified initial Voyager orbit there could, of course, be a
considerable reduction in the coverage requirements, and the antenna pattern
would be nonsymmetric with respect to the Voyager. The orientation of this field
of view with respect to the Voyager is a function of the initial orbital parameters
of the orbit and of the initial inertial orientation of the Voyager spacecraft.
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2.3 VOYAGER —OEC RELATIVE MOCTION

2.3.1 General

The OECisinjected into an orbit about Mars after the mission of the Voyager
Lander is completed. There are two constraints imposed on the separation design
that are considered for the coorbital missions:

1} Guarantee of a noncollision of the OEC with Voyager on the first orbit

2} Minimization of the relative separation distance after 6 months to
maintain a low mission power requirement for the co-orbiter design

Control over each of these factors is related to the characteristics of the
separation system, the separation velocity magnitude, the launch geometry, and

the Voyager orbit characteristics which establish the initial launch conditions for
OEC.

The cobjective of the injection is to change the orbital period of the OEC
orbit from that of Voyager. This is accomplished by making the orbit velocity of
the capsule either greater or smaller than that of Voyager by a desired amount.
The actual difference is sized by the factors outlined above and discussed here.

Figure 2-41 illustrates the relationship between the OEC, Voyager, and
the orbit parameters. A typical orbit is shown, as well as the geometry with
the Mars ecliptic plane. The Voyager orbiter stabilization is provided by an
active three axis system which tracks both the Sun and star Canopus. As such,
and because the Sun's apparent motion is very slow (0. 5 deg/day), the bus is
considered a fixed inertial reference platform over a fraction of a day. Referring
to Figure 2-16, the range of orbital periods is between 7 and 14 hours. Hence the
Voyager tracking motion during the period of an orbit is extremely small and need
not be considered in studying the injection phase. However, the relationship of
the location of the OEC on the Voyager must be related to the particular orbit to
establish the proper separation and initial orientation.

The OEC orbital period is adjusted by selection of the proper position in
the orbit to command separation. Control over the period is gained by selection
of the angle a between the separation velocity AV and the instantaneous orbit
velocity of Voyager. By choosing the parallel component of velocity increment

along the orbit velocity vector, the desired OEC orbit is established. This value
is given by -
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A |av| cos a (2-32)
where

lav]

Hi

magnitude of separation device velocity increment

o = angle between separation vector and orbit velocity vector

H

The orientation of the OEC spin axis to the ecliptic normal is required to
be less than #5 degrees. To meet this specification, the OEC must either be
precisely aligned on Voyager and separated extremely close to the ecliptic normal
or an attitude correction system must be incorporated. This topic receives con-
siderable attention in Section 2. 4.

In order to meet these mission requirements, the orbit injection parame-
ters must be clearly defined. Figure 2-42 shows the interrelationship of the
geometrical parameters. By knowledge of the location and orientation of the
OEC on Voyager as well as the orientation of Voyager to its orbit, a relaticnship
to the time of separation and the window is established. Given this information
as well as the geometry relating Voyager to the ecliptic plane, the angle from the
ecliptic normal is found. The Voyager-OEC separation distance is a function of
the injection aspect angle to the Mars orbit and the point of separation. Knowl -
edge of these parameters provide a measure of maximum range at the end of the
nominal 6 -month OEC operation.

The following discussion analyzes in detail the requirements for sepa-
ration and identifies the range of velocity increments and the geometrical

parameters discussed above.

2.3.2 Voyager Coordinate System

The Voyager body axes coordinates (X, Y, Z} are defined with the Z axis
pointing toward the Sun and with the star Cancpus lying in the Y-Z plane at all
times (Reference 1). Figure 2-43 is a sketch of the Voyager reference
coordinates.

The Voyager, and hence its coordinates, vary with time. In particular,
it not only rotates about the normal to the ecliptic while tracking the Sun (a
rotation of approximately 1/2 degree per day), but also rolls about the Z-axis
to retain Canopus in the Y-Z plane. This system may be defined uniquely in
terms of two vectors:

CS

S

vector from the Voyager spacecraft to Canopus

vector from the Voyager spacecraft to the Sun

]

In terms of these unit vectors, the X, ¥, Z Voyager body axis system
is



Z=95
C. xS

X =2 (2-33)
|Cg x5

Y=Z xX

This body-axis system can be solved in terms of (Eartk} ecliptic coordi-
nates. To facilitate matters, the vector S was approximated by the vectcr from
Mars to the Sun and the vector Cg was approximated by the vecter from the Sun
to Cancpus. Using ephemeris data from Reference 10, X, ¥, Z were obtained
in terms of {ecliptic} unit vectors A, B, and C (see Figure 2-44}. For a nominal

separation date of 7 March 1974, * the vectors Z and Cg are

7 =0.199A -0.980B+0C

_ _ _ (2-34)
CS= - 0.06i2 A+ 0.236 B - 0.969 C
Equations 2-33 and 2-34 result in the Voyager body axis being specified by:
X=-0.980A -0.199 B+ 0.013C
¥=-0.013K-0.003B-0.999C {2-35)
Z=0.199A -0.980B+0C

These vectors are used to define the orientation of the OEC with respect
to Voyager and the ecliptic.

Z.3.2 Relationship of Separation Vector to Voyager

In this analysis, the OEC ic assumed to be separated radially from the
Voyager spacecraft, and hence the direction of the separation is defined by the
unit vector

AV =cos X+ sinl ¥ (2-36)

s ; . . . . 3 .
This data corresponds to the midpoint of the arrival window plus 10 days ailow-
ance tc initiate the Lander experiment. It is subsequently indicated that the
final results are not sensitive to moderate changes in separation date.




where T is the angle the separation vector makes with the X -axis of the Voyager
body axis system (see Figure 2-45). The OEC spin axis is assumed to be collinear
with the separation vector. This is not necessarily the case since it is possible to
have other orientation of the spin axis to the separation vector, as discussed in
Section 2. 4. The solution discussed here dces not change; however, the separation
vector -spin axis must be redefined. Since the longitudinal axis of the Voyager
points at the Sun, the initial spin axis direction is nominally normal to the Sun line.
This condition guarantees that the sun sensor (located on the periphery of the OEC)
will see the Sun, and hence attitude data will be available immediately after sepa-
ration and spinup.

2.3.3.1 Orientation Constraints

Selection of a preferred location on the Voyager Orbiter requires that the
sensitivity of various performance parameters be evaluated for all possible loca-
tions I There are four important constraining factors:

e Provision for spin axis attitude alignment to the ecliptic normal of
< *5 degrees over the mission

e Provision for a Sun-OEC spin axis angle > 75 degrees for power
considerations (this is a less constraining factor than that above)

e Provision for a safe separation and noncollision on the first orbit

e Provision for minimum interaction with Voyager subsystems

Ecliptic Normal Alignment at Separation. Proper positioning of the
co-orbital OEC on the Voyager is required to ensure that the spin axis of the

OEC is sufficiently near normal to the ecliptic to yield satisfactory power sys-
tem and plasma probe performance over the life of the mission.

Combining Equations 2-35 and 2-36 enables writing the equation for the
spin axis in terms of ecliptic coordinates. For the nominal separation date
(7 March 1974), this results in

ﬁs = cos ['(-0.980 A - 0.199 B + 0,013 C)
+ sinT (- 0.013A -0,003B -0.999 C) (2-37)

The angle between the spin axis (ﬁs) and the normal to the ecliptic (Me = C) is
given by the dot product of the two vectors, i.e.,

cos €, = 'ﬁs M, =*0.013 cos I -0.999 sinD (2-38)

Figure 2-46 presents a plot of this angle, €2, as a function of the position of
OEC relative to the Voyager body axis. Although this curve is strictly valid
only for the nominal separation date, it has been determined that the results
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are quite accurate even for separation dates as much as 30 days on either side of
the nominal date; i. e., ¢, is insensitive to moderate changes in separation date.
In fact, the maximum variation in € over an entire year is approximately

7 degrees.

Constraining the spin axis to be within +5 degrees of the ecliptic normal
results in a very limited band of locations on the Voyager 180 degrees out of phase.
The band itself is on the order of 5 degrees. This could be a severe constraint for
the simple co-orbiter mission (no control capability) but is not so for OEC mis-
sions with attitude correction capabilities. By adding an additional degree of
separation vector control, the window could be broadened. This can be accom-
plished by use of an adjustable OEC mounting device on Voyager.

If the separation platform could be skewed to the Voyager radius vector,
a host of additional launch positions become available. Hence the results in
Figure 2-46 are not conclusive evidence that the desirable mounting locations
are so restricted.

Next attention is focused on the relationship between the OEC location on
the Voyager and that of Voyager to its orbit plane. These results will be used to
interpret the broadness of the launch windows.

Launch Window Geometry. As pointed out in Section 2. 3. 1, the angle a
between the separation AV and the orbital velocity vector Vo is of great impor-
tance. The bounds on this angle are directly derived from the relationship of
Voyager to its orbit and OEC's location on Voyager. Figure 2-47 illustrates a
typical orbit and defines the angle 6 between the separation vector and the orbit
plane. As can be seen, for a fixed inertial attitude of the velocity vector AV, the
angle o can be defined to lie between

B <q <180 -8 (2-39)

It is immediately evident from Figure 2-47 that for 8 = 90 degrees, the
angle a would also be 90 degrees, and hence the separation is orthogonal to the
orbit velocity vector. Separation directions in this vicinity must be avoided
since they do not change the OEC orbit period from that of Voyager but simply
vary the inclination by some incremental value. By not changing the orbit
period, it is obvious that the OEC would collide with the Voyager on the com-
pletion of one orbital revolution. Hence a limit on the value of 6 in the region
of 90 degrees must be provided. A detailed discussion and error analysis is
presented in Section 2. 4. 2.

Another important characteristic of Equation 2-39 is that it defines two
points in each orbit at which a particular separation angle @ can be obtained.
For a circular orbit, these positions would be 180 degrees out cf phase, but for
elliptic orbits the flight path angle must also be accounted for. Thus one position
of injectionis identified inthe region of the periapsis and the other near apoapsis.
Obviously the injections near apoapsis are more desirable. The underlying




reason is that the orbital velocity is smaller than for periapsis and the peried or
window is of greater duration. In addition, errors in the separation that propa-
gate with velocity are smaller.

Figure 2-48 illustrates the separation geometry relative to the orbit plane.
The angle & is important since it determines the component of AV in the direction
of the orbital velocity vector, Tfo —i.e., that ccmponent whichk yields a secular
effect on the separation distance. It should be noted that the critical value of q,
i.e., 0= a., is always included in the range of possible separation angles over
a complete orbit. Avoiding this condition, in this case, merely requires that
separation occur at a time when Q # Qe

Examination of Figure 2-48 shows that 6 may be cbtained by taking the

dot product of AV and N, where both vectors are expressed in ecliptic coordi-
nates. Let

0 90 - @ (2-40)

1:

cos 91 S (2-41)

An expression for AV was previously obtained in terms of ecliptic cocrdinates,

AV = (-0.98cosT - 0.013 sin ) A - {0.199 cos I + 0. 003 sin} B

+ (0,013 cos T - 0.999 sinT) T (2-42)

for a radial separation where A, B, and C are as defined in Figure 2-44. The
unit vector normal tc the orbit plane, mM,, can alsc be expressed in terms of
ecliptic coordinates, i.e.,

ﬁo = sin Qe sin ie A - cos Qe sin ie B + cos ie C (2-43)
where
Qe = node of the orbit relative to the vernal equinox
ie = inclination cf the orbit with respect to the ecliptic

Thus, as can be seen from Equations 2-40 through 2-43, the angle 8 is a function
of both the location of OEC on Voyager (I') and the orientation cf the Voyager orbit
with respect to the ecliptic.




The current generalities in the actual Voyager orbits make this study
difficult. In order not to place any severe restrictions on *he Voyager orbit, it
was decided to consider all possible orientarions in this analysis. Figure 2-49
indicates the range of 0 values cbtainable for ar orbit inclired at 45 degrees with
respect to the ecliptic. The shaded area represents the possible 8 values as the
node relative to the ecliptic, (g, varies from 0 to 360 degrees.

The locations in the vicinity of iel =90 degrees must be avoided as these
cases (for a particular value of {lg) cocrrespond to separation directions perpen-
dicular to the orbital velocity, i.e., & =90 degrees, regardless of location in
the orbit, and admit the possibility of a collision. As an example, if T is
selected as 120 degrees, then the range of possible € dependent on the node is
15 to 75 degrees. Selection of the launch point fixes the orientaticn of the veloc-
ity increment to the orbit velocity vector.

The components of the separaticn velocity perpendicular to the orbit
velocity, both in and out of the orbit plane, result mainly in oscillatory terms
and as such dec not have a secular effect on the separation distance. The effect
of the velocity increment on the relative distance depends upon the point in the
orbit at which separation is initiated. To mazintain a small separation distance,
it is desirable to separate as clcse to apoapse as possible, where the orbital
velocity is the smallest.

As noted previously, there are two points in the orbit between which
separation can occur with the angle o constrained between 8 < a < 180 - 8.
Section 2. 2. 2 shows that vy, = 30 degrees for a nominal {000 km X 10, 000 km
orbit and can be as high as 45 degrees for other crbits within the range of possi-
ble Voyager orbits. For a desired value of Q, a separation point can be chosen
within (90 + ypax/2) degrees of apoapsis, sc that results for a separation occur-
ring at Vv = 75 degrees represent the greatest sensitivity of velocities which in
turn yield the most sensitive separation ranges. Hence in the follocwing perform-
ance discussion, a true ancmaly of 75 degrees is assumed.

Voyager Mating Constraints. The constraints impcsed due to the location
of Voyager Orbiter subsystems largely influence the co-orbiter mission.

For the purposes of the feasibility study, an investigation into each of the
three contending Voyager bus contractors was performed. The Voyager designs
by General Electric, Boeing, and TRW are shown in Figures 2-50, 2-51, and
2-52. The subsystem locations on each of the spacecraft are specified in terms
of the angle T" measured from the positive X-axis in the direction of the positive
Y -axis (Canopus pointing axis), Table 2-7 specifies the lccations occupied by
these external subsystems.

The random nature of subsystem locations from one configuration to the
next implies that the design space is not limited and that in fact relccations of
systems are possible. Thus placing too much credence on the available space
is not reasonable. It is, however, established that there are available mounting
locations on each of the configurations. Due to the limitation on available loca-
tions, other methods of separating in the co-orbiter mission are necessary to meet
the *5 degree accuracy requiremert. These techniques are discussed in Section 2, 4.
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TABLE 2-7. VOYAGER SPACECRAFT CONFIGURATION SUBSYSTEM

LOCATIONS
Angle Constraint,
Cenfiguration Subsystem degrees

General High gain antenna, Canopus sensor 68 to 135
Electric i

Relay and low gain antenna 170 to 190

Planet scanner 247 to 290

Magnetometer 337 to 342
Boeing High gain antenna, medium gain 31 to 121

antenna, and Canopus sensor

Scan platform and low gain 234 to 278

antenna
TRW Scan platform 0to 63

Medium gain antenna and 109 to 132

Canopus sensor

High gain antenna and science 172 to 244

payload

Boom extendable antenna and

X -shaped VHEF antenna

2.3.4 Kinematics of Separation

As the Voyager and OEC move together in orbit about Mars prior to
separation, the magnitude of the component of the fixed OEC separation veloc-
ity vector collinear with the orbit velocity vector takes on different values
depending on when the separation takes place. If the separation velocity is
near normal to the velocity vector, the relative distance between the two vehi-
cles after one orbit will be very small. This separation distance is propor -
tional to the difference in the Voyager and OEC orbital periods and is especially
critical during the first orbit.

In this section, the kinematic equations representing the velocity and
position characteristics as a function of the particular injection geometry are
e stablished.

The general separation geometry in terms of the nominal Voyager and
adjusted OEC orbits are shown in Figure 2-53. It can be shown that a change
in orbit characteristics at any point in an elliptic orbit outside of periapsis or
apoapsis will skew the new orbit about the reference position where the orbit
velocity is changed. This is shown at point A. Adjustments in the nominal




orbit velocity at periapsis serves to increase or decrease apoapsis, whereas a

change in velocity at apoapsis either lowers or increases periapsis.

From the figure it is seen that the two orbits intersect at two points.
The question arises, '""What are the important parameters of the separation
geometry that control whether cr not collision can be avoided?' A vector

representation of the characteristic velocities is shown in Figure 2-53. From

the Law of Cosines, the relationship betweer the OEC orbital velccity V and
the Voyager orbital velocity V, in terms of the separation velocity increment

is given by

2
ve =v? 1+<ﬂ> +2 (—A.i> ces a
o v

(0] o

where o is the angle between AV and Tf; as illustrated.

(2-44)

For small changes in the OEC orbital velocity, the incremental change

in period can be determined by simple manipulation of the orbital equation.

The period is defined by

3/2

P = a

2n
Vi

where

Mars gravitational constant = 0. 428 X 105 1<1r1z13/secZ

T
1}

a = semi-major axis

For small changes in pericd, the following can be wriiten:

5P =_§_§_1j_a1/2 da
i
_3 pla
T2 P a

From the vis-viva expression, the orbit velocity is

where rp = radius at periapsis.

(2-45)

(2-46)

(2-47)



The derivation yields

2V 6V =ua? ba (2-48)

which can be written in terms of the semi-major axis as

da _ 2aVdVv
—a—-——a— (2-49)

Substitution of Equation 2-49 into 2-46 gives the desired relationship

5P = (3pav) 5V (2-50)

\ B

and the change in orbital velocity 8V is simply
bv=V -V, (2-51)

where the velocities V and Vg are respectively the OEC and Voyager orbital
velocities.

Equation 2-47 can also be given as
2

v :rﬁ.(1+e) (2-52)
P

where e = orbit eccentricity.

Doing so, it must be recognized that the coefficient is the equivalent circu-
lar orbit velocity at periapsis since

v2 -8 (2-53)
c T
P
and thus
V:VC (1+e)1/2 (2-54)
p
can be written.
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It is important here to indicate that by manipulating these equations, the
objective is to show Equation 2-50 in a normalized form. Thus equating Equation
2-52 to the square of 2-54, the circular orbit velocity at periapsis altitude can be

expressed as
- [ M
VCP = a(l-e) (2-55)

Writing in terms of a and \,

a 1
4. (2-56)
Hooyv2 (1-e)

C

p

which can now be substituted into Equation 2-50 to yield the desired form

v
3P o 8V
T-c) \V v (2-57)
C C
p p

6P =

Clearly, if the OEC orbit velocity is not changed from that of Voyager,

5Vv=V -V =0
(o]

and hence there is no change in orbital period, 8P = 0. Thus as shown in Figure
2-53, it is possible for the two vehicles to collide at the point of separation (A) at
the completion of one orbit.

Collision of the two spacecraft at point B (or any other point of equal
radius) is not possible. This is true either because the vehicles will not be in
the same plane (i.e., AV is not in the Voyager orbital plane) or because the time
required to travel from point A to point B is not the same in orbits with different

orbital parameters.

An expression which interprets the possibility of a collision in terms of
the separation angle a defined earlier is derived next. Dividing Equation 2-44

through by VCZ) and assuming that V = V,

2
AV AV
1+ <V—> + 2 <7—>COSCL= 1 (2-58)
(o] (o]
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Regrouping and writing in terms of a

cos a = -%(6—\/) (2-59)
o
since
. I
sin (T - on) = cos (a) (2-60)

for a small angle approximation,
T 1 [AV
(3-0) - (&) -6
and

7 1 [AV
on_2+ > <Vo> (2-62)

where a can be defined as the critical separation angle between the OEC velocity
increment and the orbital velocity. Since

LV e :
X% (2-63)

then clearly the critical angle is, as intuition would have it,
a, = 90 degrees (2-64)

The last step in this development is the derivation of the relative separation
distance between the vehicles and the sensitivity of the distance to values of q near
the critical value.

The sensitivity of the separation distance, at the end of one revolution, due
to changes in o near the critical value is developed below. The separation dis-
tance (8S) can be accurately approximated by




3P Vo
|65l=VO|6P|=(1_e) 7 |6V | (2-65)
C

p

Differentiating Equation 2-44 with respect to a gives

v
VvV = - («VO—> AV sin a § (2-66)

If V= V,, operating near the critical value of 90 degrees, Equation 2-66
becomes

lev], = | avsal (2-67)

C

The separation distance is then given by substitution of Equation 2-67 into
2-65 so that

v
los| = 25 (=) v |8ql (2-68)
C

p

For a typical Voyager orbit, hy = 10,000 km and hp = 500 km, the sensi-
tivity to both the separation velocity and the critical angle is determined. It is
assumed here that injection takes place at apoapsis and hence the sensitivity in
separation distance is given by

8S = 170 meters/degree from critical angle/per unit AV (2-69)

Separations occurring at other points in the orbit will yield larger coef-
ficients because of increased orbital velocity. A representative value of the
magnitude of this relative distance can be generated by assuming a velocity AV
and angle a.

As will be shown in the latter part of this discussion, the range of sepa-
ration velocities of interest are about 0.1 fps. Thus for an angle removed from
ac by 10 degrees, a relative distance of 170 metefs is ensured after the first orbit.
The possibility of collision is then minimized by selection of the proper sepa-
ration window. However, the probability of collision remains to be treated. The
many uncertainties associated with the injection phase must be weighed in the
final design of the separation kinematics and launch window. These are treated
in detail in Section 2. 4.




2.3.5 Voyager-OEC Relative Distance

Expressions have now been derived which indicate the relationship of the
Voyager and the OEC orbits — the velocities, periods and relative ranges. The
purpose of this discussion is to parametrically relate these system character-
istics. A major point of emphasis is to reveal the magnitude of OEC velocity
increment to maintain the minimum communication ranges for the mission as
well as relating these results to launch locations on the Veyager orbiter.

Separation distance on a per orbit basis is given by combination of
Equations 2-65 and 2-50:

3PaV 2
o)

68 = ——2_ §V (2-70)
u

This expression implicitly assumes that Voyager does not perform any
orbital change maneuvers during the orbit. In addition, the influence of differ -
ential drag acting on the two vehicles has been studied and discussed in Section
2.2. The result is a negligible separation over the mission lifetime.

Now the results desired can be pursued. The nominal orbit altitudes of
10,000 km to 1000 km are selected as representative of the general results.
This orbit has a period of 7 hours and over the 6 months makes a total 612
revolutions about Mars. Therefore, the separation distance at the completion
of the mission is given by

1836PaV2

8S = — 2 BV 2-71
S m ( )

Figure 2-54 shows the maximum separation distance (OEC relative to
Voyager) at the end of 6 months as a function of a, the angle between the sepa-
ration direction and the orbital velocity vector. The worst case separation con-
ditions are assumed. This is true if separation takes place at a true anomaly
V = 75 degrees. Separation velocities up to 0. 2 fps are commensurate with
ranges up to 6000 km after the 6 months. Ranges less than this magnitude appear
to be reasonable for the co-orbital communication system. The orbit change mis-
sion is not constrained to these minimum ranges because of the more flexible
communication system contemplated.

Crossplotting the results shown in Figures 2-49 and 2-54, a curve
(Figure 2-55) is generated which represents the maximum separation distance
as a function of the location of the OEC on the Voyager. The orbit is assumed
to be at a 45 degree inclination with respect to the ecliptic.

These results are generated for the class of orbit nodal crossings for
the given inclination. This is done because of the broad nature of the possible
Voyager orbits. Figure 2-55 thus represents a number of solutions to the
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problem of finding locations on the Voyager that provide the desirable separation
aspect geometry, and minimum range for a separation velocity of 0. 1 fps. Results
are similar in nature at other AV.

For a specified I, the maximum separation distance after 6 months will be
somewhere in the shaded region, regardless of the location of the ascending node
of the orbit in the ecliptic. As an example of the utility of Figure 2-55, consider
locating the OEC at ' = 76 degrees. The figure shows that, depending on the loca-
tion of the node of the Voyager orbit, the separation distance after 6 months will
be in the range 1500 to 2500 km. Of course, this is true only for AV = 0.1 {ps
and i = 45 degrees. As ig varies, a broader range of possible relative locations
is generated.

It should be noted that care has already been taken to exclude the locations
on Voyager which correspond to points where the separation distance is unaccept-
ably small. This is shown as a function of the position on Voyager where

|e| > 90 degrees, and recalling that 8 < o < 180 - 0.

2.3.6 Relative Motion

The treatment given earlier can now be extended to the motion of the OEC
relative to Voyager as seen in a Voyager fixed coordinate system. Two cases
are cited and illustrated in Figure 2-56.

The relative Voyager -OEC motion is determined by the magnitude and
direction of the relative velocity imparted to the OEC at separation. The tra-
jectory of the OEC, relative to the Voyager, is essentially an ever-widening
spiral. The Y]' and X]' axes in this figure are simply in-plane axes directed
along and normal to the radius vector from Mars to Voyager, at apoapsis of the
orbit. The rate of growth of this spiral, as pointed out earlier, is determined
by the differences in orbital period between the OEC and Voyager — caused
almost entirely by the component of the separation velocity lying parallel to the
orbit velocity at separation. The maximum range depends both upon the magni-
tude of the separation velocity and upon the point in the orbit at which separation
occurs. Figures 2-54 and 2-55, as described previously, specify the range of
possible separation distances for the assumed nominal orbit.

Case A presumes there are components of velocity added along the
Voyager orbital vector as well as normal to it. After an initial period of
"straight line motion, ' the OEC moves about the Voyager in an increasing
spiral motion. The rate of growth of this spiral is determined by the differ-
ences in the orbit period between OEC and Voyager — caused predominantly by
the parallel component of velocity (along Vo).

Case B has no component of velocity normal to the orbit velocity vector;
however, as seen, it exhibits the same rate of increase in distance from
Voyager after the initial orbit. Although the figure shows a planar case, the
component of separation velocity perpendicular to the orbit velocity can be in
or out of the orbit plane.
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2.4 SEPARATION STUDIES

2.4.1 Methods of OEC Separation

Three basic approaches are possible to place the OEC in a desirable attitude
with respect to the Voyager bus. The actual selection is based on the interface
possibilities with Voyager, OEC configuration, and OEC mission operation.

The first approach is based on a provision for a spin table to provide spinup
prior to separation. This technique is desirable from a stability point of view and
in terms of ensuring small attitude errors. However, the requirement to mount a
spin table on Voyager is not preferred for several reasons: first, a large clearance
envelope is required. Second, the limitations imposed on allowable OEC boom
locations to ensure a safe table spinup to 60 rpm are a major consideration,

The philosophy for the OEC design is predicated on minimization of inter-
action or interface with the Voyager bus. For this reason a preferable approach is

to first separate OEC and then provide spinup with an onboard gas system at some
safe distance.

A third approach is to impart some angular rotation as well as translation
with the separation system, achieving some gyroscopic stiffness. As in the previous

approach, full spinup with an onboard gas system is initiated at a safe distance from
Voyager.

The rationale for selection of a baseline system requires a detailed study of

the configuration, system complexity, and performance. A discussion of the separa-
tion techniques follows; the spin table approach is not discussed further in this study.,

2.4.1.1 Nonspinning Separation

Nonspinning separation influences the attitude of the OEC through the induced
tipoff rates. The final attitude is thus a function of when spinup occurs.

Provision for a small separation velocity for the co-orbital mission requires
the precise design and alignment of the separation mechanism. A single-spring
separation concept is proposed.

Separation Performance. In carrying forth this analysis, it is assumed that
the spring is linear, and thus the following equations representing a spring under
simple harmonic motion are applicable. Therefore,

k

X + TX=0 (2-72)
where
X = linear displacement of spring
k = spring constant
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p = Voyager - OEC mass ratio - M

and the natural frequency of the spring is

w= [— (2-73)
The solution to Equation 2-72 is simply
X = A sinwt+ B cos wt ) (2-74)
where t = time the spring acts on the OEC.

Initially, the spring is compressed to a length d and at physical separation
is fully extended so that the initial conditions are

X(0) =d

(2-75)

X(t) =0

Substitution into Equation 2-74 yields the constants

B =d

A=0

where for the spring fully extended
L X =dcoswt=0 (2-76)

and for this to hold
wt=m/2 (2-77)

Since the natural frequency is known (Equation 2-73), Equation 2-77 can be rewritten
as

=
W)
b=

(2-78)

P

1l
g
Las

resulting in an equation representing the time varying nature of the spring. By
energy relations, the total mechanical energy of the system remains constant.
Equating the potential and kinetic energy gives
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P.E. —71{ X
SO
(av)?
k :T (2-79)
X

where AV = spring velocity and the relationship to position is apparent.

Equations 2-78 and 2-79 are plotted in Figures 2-57 and 2-58. Typically,
for a velocity increment of 0.1 fps at separation, a few iterations lead to selection
of a spring constant of

k = 150 1b/ft = 12.51b/in
and from the graphs
X =0.168 inch
t = 0.23 second

Application of a nomograph appearing in Reference 11 leads to the following
spring selection:

Mean coil diameter 4.0 inch
Free length of helix 3.2 inch
Number of active coils 7.0
Maximum stress with 2.1 pound axial load 2.5 ksi

A cross section of the coil is illustrated in Figure 2-59. The zero-twist
spring is selected to minimize any lateral or rotational motion during separation.
Reference 11 indicates that side force is negligible and that there is essentially no
lateral spring constant for the zero-twist type spring proposed.

Attitude Accuracy. An illustration of the OEC mounting for a nonspinning
separation is shown in Figure 2-60,

Errors in precisely performing separation are due to several effects:

° Transverse misalignments
° Angular misalignments
° Effects of side force
° Effects of interferences
2-93
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The transverse misalignment ''a'" simulates assembly tolerances and center
of mass uncertainty, whereas the angular misalignment ''b'" represents spring man-
ufacturing tolerances and spring end location and squareness tolerances.

The first and second factors are the major contributors and for a worst case
accuracy analysis can be assumed to contribute disturbances about the same trans-
verse axis. For this case, these errors illustrated in Figure 2-61 combine to pro-
duce a misalignment factor E,

E :/<Ta)2 + (sin b)? (2-80)

where

B
I}

distance from CM to spring point of contact

a = transverse offset from CM at the base point

o
1

angular offset from nominal applied force at base point
for small angular deviations

E - (%) + b2 (2-81)

Errors representing typical alignment accuracies are substituted into
Equation 2-81; for

1/16 inch

»
1

o
1

1 degree
with
{ = 18 inches
the misalignment function
E =1.8 percent (2-82)
The misalignment factor given above is actually smaller since the two
sources of error cited act about different axes. In any event, it is expected that
a reduction can be made by providing accurate assembly tolerances and precision

calibration and selection of the spring.

The effect of a misaligned separation force is a torque about an axis trans-
verse to the OEC spin axis. The equation for the angular motion is

5 :% (2-83)
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where

T

torque applied about the transverse axis

I

moment of inertia about a transverse axis

For this analysis, the effect of the lateral spring force is accounted for but
the lateral spring constant is assumed negligible; thus

T=F acos\/Et+F c (2-84)
X BTz

where ¢ = moment arm about Z axis.

Lquation 2-84 into 2-83 and integrating gives

a F
X ’ﬁ sin /5 t+ == ct (2-85)
I k M I

Numerical values of expected parameters are substituted into Equation 2-85
to obtain the maximum tipoff rate. Thus,

Fh
Q!

) F
0 =

F_ =kX

X

(150 1b/ft)(0.014 foot)

= 2.1 pounds
I1=2.5 slug-f’c2 (minimum transverse inertia) (2-86)
B = 3.0 slugs (assume a 100 pound OEC)

1/2
_ _ 150) _
w._/%'_(m = 7 rad/sec

t =0,22 second

Assuming the force in the z-direction is 5 percent of the axial force
FZ = 0.01 pound

and

c=17.5 inches
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By substitution of these parameters into Equation 2-85, the rate in terms
of the transverse offset a, is

© =(0.12a + 0.0012) rad/sec (2-87)

where a is in feet.

Selection of a safe distance at which to spin up limits the maximum allow-
able attitude error. This choice is based on guaranteeing non-interaction of the
OEC booms with the bus at injection. For example, assume that the minimum sepa-
ration distance prior to spinup is 10 feet and the separation velocity is 0.1 fps.

Substitution of the spring misalignment of 1/16 inch into Equation 2-87 yields at tip-
off rate of

& = 0.1 deg/sec (2-88)

Allowing this rate error to increase over a 100 second interval creates an error in
OEC attitude of 10 degrees.

Reduction of this error requires increasing the accuracy of the separation
system. '

Reflecting back on the mission requirements, it is noted that the attitude
error using this form of separation can be greater than the 15 degree accuracy
specification. Therefore, application for a nonspinning separation for the co-orbital
mission would require the addition of an on-board attitude correction system. An
alternative is to reassess the basic accuracy requirements based on the nonspinning
separation accuracies. The considerations for incorporating a correction system
are discussed in the attitude control section 2.7.

To complete this phase of the analysis, the lateral motion due to spring
force neglecting the lateral spring constant is determined. The equation of motion is

. /k -
}J.Z = bFX CcOos -I-J:t+ FZ (2 89)
for b« 1.

Integrating Equation 2-89 once with z (0) = 0

pz = bFX\/g sinﬁt +F_t (2-90)

Assuming b = 0.5 degree yields
z (t) = 0.0022 fps at t, = 0. 22 second

and after 100 seconds or at spinup the lateral motion is

z (100) = 0,48 ft = 5.8 inches = 14.7 cm
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Thus the translational motion due to the separation system tolerances is
small,

2.4.1.2 Partial Spin Separation

Constraining the attitude error to less than +5 degrees over the 6 month
co-orbital mission requires the investigation of another approach for separation.
In the nonspinning separation, the prime moving force is along the OEC spin axis,
and errors build up about either or both transverse axes. For the alternative

method, to be discussed below, the prime separation force is normal to the spin
axis.

As shown in Figure 2-62, the applied force lies in the center of mass plane
and is offset from the center of mass by a distance limited by the radius of the OEC
structural cylinder. The objective of this form of separation is not only to impart
a translational impulse to yield the desired AV, but in addition to build up sufficient
spin momentum to provide gyroscopic stability.

The influence of a separation impulse misalignment is to build up a small
free precession or nutation of the OEC body axis about the angular momentum vec-
tor. In addition, an incremental attitude deviation is developed but is small com-
pared to that from a nonspinning separation.

Either axial or radial boom configurations can be used with this scheme;
however, the axial boom lends itself better to this form of separation. For this
reason, the discussion will appear to favor that configuration, A detailed discus-
sion and analysis follows.

Requirements. The requirements basic to the nonspinning separation are
also necessary to the partial spin form of separation. All of the spring character-
istics identified in prior discussion are also applicable. The spring force and impulse
period to impart a nominal velocity of 0.1 fps are

F

2.1 pounds

t =0.22 second

Spin Stability Analysis. Determination of the attitude error induced at sep-
aration with the partial spin technique requires the solution of the rotational equa-
tions of motion. The general form of these equations is as follows:

I o +(I ~-I)w w =M
X X z y Ty z X
Iywy (I -1 w w = My (2-91)
Izd)z+(1y-1x) wxwy:Mz
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where

—
-
—
-
—
it

OEC moments of inertia

= QEC body rates

€
x\o
€
€
N
I

S
<
<
1]

externally applied torques

This set of equations requires specifying the moments caused by the separa-
tion impulse.

Figure 2-62 illustrates the application of the separation force for the partial

spin separation technique. The torque is applied at a distance T from the center of
mass and is given by

M=rxF (2-92)
where
T=128 +al (2-93)
r z
F = F (sin b€, + cos b8)) (2-94)
and
£ = distance from center of mass to point of impulse application
a = linear misalignment
b = angular misalignment
F = separation force

Carrying out the multiplication

M = -{F sin bé‘t + 4F cos bé‘z - aF cos bér (2-95)

which indicates that the torque applied about the spin axis is

MZ = fF cos b (2-96)

and that about each of the transverse axes is

Mr =-aF cosb (2-97)
Mt = -fF sinb (2-98)
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Note that the separation force essentially applies a torque impulse and

M ~M
Ir X
(2-99)
M ~M
t y

where the subscript x and y can refer to an inertial reference rather than the body
reference.

Substitution into the equations of motion with the applied torques presented
above and the following parameters

I =1 =5 slug-ft°
x "y

I =7.5 slug-ft°

VA

a=1/16 inch

b = 1.0 degree

yields
S5w_+ 2.5w_w =0.0035M (2-100)
X v z z
S(by - 2.5 wywz = 0.0167 MZ (2-101)
7.5GJZ=MZ (2-102)

Solving the last equation where MZ is treated as an impulse of finite but short
duration

MZ
Q)Z =T§t (2-103)

which is substituted back into Equations 2-100 and 2-101

. -2
wx+4.4x 10 wy

0.0007 Mz (2-104)

. -2
wy-4.4xlo wx

0.0033 MZ (2-105)
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The solution for W, and wY gives

w, = 0.013 deg/sec
and
W, = 0.126 deg/sec

and the transverse body rate is found by taking the square root of the sum of the
squares,

1/2
o= (0 % tw b
T X y (2-106)
= 0,127 deg/sec
The nutation buildup from this torque impulse is obtained from the
relationship
HT
Tano T (2-107)
S
where
HT = transverse angular momentum
HS = spin angular momentum
Thus
I w
_ T T
Tan®© = T (2-108)
s s
where

IT transferse moment of inertia

I

S

spin axis moment of inertia

By realizing that the rate about the x-axis is small compared to the y-axis,
a simplification can be made,

If w, ~ 0 and d:x = 0, then the transverse equation of motion is simply

I wT:I w. =M (2-109)
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but

M =EM (2-110)

where E = percent torque coupled into transverse axis due to a misalignment, and

S S

IO =M (2-111)

Since the separation produces a torque impulse, the following can be written:
= [ —— = -
Hp =L@ My/t E Mz/t (2-112)

and

HS =ISw :Mz/t (2-113)

Substitution of Equations2-112 and 2-113 into 2-108 gives
Tang = E (2-114)
or simply stated, assuming the action of a torque impulse, the nutation angle is

equivalent to the attitude error and is identically the misalignment errors of the
spring system. Thus

9 = Tan™ }(E) (2-115)

Substitution of the maximum expected E value of 1.8 percent yields an attitude
error of approximately

6 = 1.0 degree
which is within the desired accuracy

In summary, there are two basic reasons why this form of separation is
more desirable than a nonspinning separation.

° First, the attitude errors are small and can be linearly reduced by
precise alignment procedures.

] Second, the final spinup can be delayed until adequate safety margin
1s provided.

Thus, as a result of this analysis, the more desirable co-orbiter OEC con-
figuration is the one with booms mounted along the spin axis. If it were possible to
violate the Voyager Lander envelope, then an OEC with transverse booms could also
apply this partial spinup technique.
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2.4.1.3 Separation System Design

Careful consideration of the separation mechanism to be selected for the
coorbital OEC version is required to ensure minimum tipoff, accurate separation
velocities, high reliability, long space life capability, and integrity of the system to
survive the launch and boost phase environments. These requirements are not as
severe for a mechanism producing larger separation velocities.

Before discussing the actual mechanism, the interface with Voyager is dis-

cussed since the design of the OEC configuration is interrelated with Voyager and
the manner of separation.

Stowage of the OEC on the Voyager bus is confined to the space available
between the Voyager bus structure and the dynamic shroud envelope of the launch
vehicle. In addition, the OEC must be located longitudinally alongside the Voyager-

Orbiter between the plane of the solar array and at the base of the spacecraft and the
interface of the spacecraft with the Lander capsule. Within this region, there are
four basic modes of separating the OEC from Voyager. Ramifications of the types

of separation systems for each of these modes are possible, such as delayed spinup
requirements, partial spinup capability, and full spinup capability. The four separa-
tion conditions are noted in Table 2-8 as Mode 1A and 1B and Mode 2A and 2B, with

an itemized list of the advantages and disadvantages for each case.

In summary, there exists only one OEC configuration, with a fixed length
axial boom separated in the manner indicated as Mode 1A and 2A, that could be
spunup immediately after separation due to the clearances available with the Voyager
spacecraft. Mode 2A could employ an axial boom in the order of 6 feet long while
Mode 1A limits the boom length to about 2.5 feet due to the launch vehicle shroud
envelope constraint. For OEC configurations employing deployable booms, either
axially or radially mounted, immediate spinup offers no clearance problems. Par-
tial spinup is considered most realistically for Modes 1B and 2B. The separation
force is purposely applied off the OEC center of mass to impart a spin rate as well
as the separation velocity.

Techniques for providing a partial spin, such as Mode 1A and 2A, where the
torque for spinup is required in a plane normal to the separation velocity vector,
appear undesirable due to the additional mechanization required for such systems,
i.e., spin table, helix guide rails, multiple canted springs, etc.

Ideally, a configuration with fixed length booms (either axially or radially
mounted) that could be spun up immediately after separation would be most desir-
able. For booms in the order of 5 to 6 feet in length, there exists immediate spinup
capability for 1) the axially mounted boom configuration separated in Mode 2A and
2B manner or 2) radially mounted booms, assuming that the Voyager space envelope
is not restricted in the vicinity of the shroud at the Voyager-Lander interface, Mode
1A and 1B. Figures 2-63 and 2-64 depict both these concepts.

Figure 2-65 depicts the possible separation geometries of the OEC relative
to the Voyager spacecraft. Assuming that the location of the OEC is constrained
to the volume adjacent to the Voyager bus between the solar array plane and the
Lander capsule bus interface, less complex supporting hardware is required to
accomplish ''radial" (Mode 1A and 2B) rather than tangential (Mode 1B and 2B)
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TABLE 2-8. COMPARISON OF SEPARATION CONCEPTS
Type of System Description Advantages Disadvantages
MODE 1
Spin Axis Normal to Mode 1A Mode 1A Mode 1A

Voyager Bus

MODE 2

Spin Axis Tangential

to Voyager Bus

To
Sun

Separation velocity
imparted to OEC
along spin axis.

Mode 1B

Separation velocity
imparted to OEC
transverse to spin
axis.

Mode 1C

Not feasible due to
Lander-Voyager
interface envelope.

Mode 2A

Separation velocity
imparted to OEC
along spin axis.

Mode 2B

Separation velocity
imparted to OEC
transverse to spin
axis.,

Mode 2C

Not feasible due to
Lander-Voyager
interface envelope.

1) Minimum clearance
window on Voyager
bus required.

2) Minimum perturbation
to Voyager since separa-
tion force can be more
closely aligned with
Voyager cg.

3) Requires only simple
mounting adapter to
Voyager bus structure.

4) Long (approximately
6-foot fixed radial
booms may be
considered.

5) Stowed booms (either
radial or axial) per-
mit immediate spinup
of OEC.

6) Launch loads path to
Voyager bus structure
is desirable,

Mode 1B

Stowed booms (either
radial or axial) permit
immediate spinup of
OEC.

Mode 2A

1) Permits using long
(approximately 6 foot
fixed axial boom allow
ing immediate spinup
of OEC.

Mode 2B

1} Minimum clearance on
Voyager bus required.

2) Minimum perturbation
to Voyager since
separation force can be
more closely aligned
with Voyager cg.

3) Requires only simple
mounting adapter to
Voyager bus structure.

4) Stowed radial or fixed
axial booms permit
immediate spinup of
OEC.

5) Launch load path to
Voyager bus structure
is desirable.

6) Single hinged long
booms {approximately
8 foot) may be stowed
parallel to OEC spin
axis, allowing imme-
diate spinup clearance.

1) Fixed radial booms imply
delayed spinup of OEC
until clear of Voyager
envelope to avoid
collision.

2) Only a short (approx-
imately 2 to 3 foot) fixed
axial boom can be con-
sidered due to the shroud
envelope constraint.

3) Deployable radial single
hinged booms limited to
4.5 feet.

Mode 1B

1) Support structure weight
increase and inefficient
load path to Voyager
structure.

2) Larger clearance window
on Voyager bus required.

3} Longer delay in spinup
required to clear Voyager
envelope for fixed radial
booms.

4) Separation force cannot
be aligned with Voyager

cg.

Mode 2A

1} Support structure weight
increase and inefficient
load path to Voyager
structure.

2) Larger clearance window
on Voyager bus required.

3) Longer delay in spinup
required to clear Voyager
envelope for fixed radial
booms.

4) Separation force cannot
be aligned with Voyager
cg.

5) Fixed radial booms
limited to approximately
3 feet by Lander.

Mode 2B

1) Fixed radial booms
limited to maximum
length about 3 feet.

2) Fixed radial booms

imply delayed spinup
of OEC.
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Figure 2-63. Separation Concept
Permitting Immediate Spinup
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separation. The radial mode of OEC ejection also minimizes the imparted disturbing
impulse of separation on the Voyager.

Two separation concepts are shown in Figures 2-66 and 2-67 which utilize
nonspinning separation of the OEC by means of central cable tiedown and compression
springs on the separation joint periphery. Spring variation, misalignments and lat-
eral loads are key parameters affecting the optimization of such a system.

A system that merits some discussion here is one in which only partial spinup
is imparted to the OEC by the separation system. An analytical treatment of such a
system is given earlier in this section. Conceivably such a system would provide the
separation thrust and some rotational velocity for stability. A simple scheme by
which this might be accomplished is depicted in Figure 2-68. In operation, the OEC
is attached to Voyager by a tiedown cable at point B, causing a reaction at points A
and C. Upon severing the cable, a spring at point C imparts a linear velocity as
well as a rotation to the OEC about its normal spin axis. More complex concepts
are indicated in Figure 2-69 although in application they would pose increased poten-
tial hazards due to the additional mechanisms required. Conceptually this system
would employ a central spring-loaded support tube permanently attached to the
Voyager bus, and by virtue of a helical race on the tube, initiate some small angular
momentum to the capsule while axial motion is induced. For more precise control
of the imparted velocity, a motor-driven system could accurately impart the required
AV in conjunction with the rotational motion desired. By virtue of the extremely
small separation force required for the separation velocity in the case of the co-orbital
system, the component available for initial spinup is considerably reduced, making a
central spring force system questionable (alternate A of Figure 2-69). One of the
advantages of such a system is the centralization along the spin axis of any possible
tipoff inasmuch as they merely impart torque to the OEC while it is '"guided" on what
might be called a threaded shaft, in the same manner a nut is spun off a bolt. The
"thread" lead can be selected to provide a range of specific AV's for a given torque.

Configuration Constraints. The following discussion is pertinent to an OEC
configuration for the co-orbital mission with a single fixed boom mounted along the
spin axis. A number of locations relative to the Voyager bus will satisfy the separa-
tion requirement that the OEC be separated from Voyager with its spin axis near
normal to the ecliptic plane. Figure 2-70 displays five such positions (noted as A
through E) typical of any one quadrant around the Voyager bus peripheral space,
Each position imposes the following constraints that vary for the stowage position
selected:

1) Boom-shroud interference distance ()

2) Separation distance required for OEC to clear Voyager stowage
envelope (1)

3) Angular clearance around Voyager periphery required (B)

4) Length of support structure required to attach the OEC to the
Voyager bus (h)
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Figure 2-70. Separation Parameters
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The values of the parameters noted are tabulated in Figure 2-70 for the five positions
indicated. The nominal OEC configuration was assumed to be a 3.5-foot-diameter
cylinder 2 feet in height, with a 5-foot boom measured from the OEC center. The op-
timum position is clearly position E where all four of the noted contraints are mini-
mized. It should be noted that utilization of a 5-foot (1-1/2 meter) fixed axial boom
can only be realized within two 38-degree angular bands on Voyager symetrically loca-
ted about the Voyager transverse axis which is normal to the ecliptic. The ratios of
roll to pitch inertia permitting, placement of the OEC on Voyager at Location E could
permit the addition of 2 feet to the boom and still stay within the shroud envelope.

The direction of separation indicated common to all the positions s hown per-
mits the separation impulse to be imparted off the OEC center of mass so as to pro-
vide a small spin rate as well as transverse separation velocity.

Separation Mechanism. Several techniques were investigated that could be em-
ployed to provide the separation function. Of the techniques considered, a simple
spring force system was selected. A pyrotechnic separation system (such as shaped
charges) is considered a poor choice for two reasons: l)the high degree of uncertainty
in alignment associated with the imparted separation impulse and 2)the possibility of
deleterious effects of fragments and particles that could damage or cause problems for
sensing devices such as the Canopus tracker on the Voyager. Particles or debris have
in the past caused temporary loss of tracking, as exhibited on the Mariner IV space-

craft. A third consideration, shock, is an additional factor that would require exten-
sive evaluation and testing. '

Although explosive separation devices are available which allow full contain-
ment of all of the products and debris from separation, the shock problem remains.

The separation joint contact surfaces could pose potential cold welding problems
as a result of the lengthy (12-month) space environment prior to separation of the OEC
from Voyager. In a vacuum environment, metal aéihesion or cohesion is enhanced for
conditions typified by high temperature (above 150°C, high surface contact bearing pres-
sure (80 percent of elastic limit), and friction resulting from relative sliding motion of
the surfaces in contact. It has also been found that like metal surfaces bond more read-
ily than unlike metals (Reference 12). The design of the OEC separation joint should
therefore avoid design features that would permit these conditions to exist. The preload
bearing at the separation joint can readily be controlled by sizing the mating flange to
sustain the launch loading environment. Bearing pressures under 500 psi are realizable
considering a contact ring approximately 12 inches in diameter by 1/2 inch wide. The
possibility of high temperature at the joint is remote, and vibrations at the interface
can be accepted by proper design so as not to create joint friction. Additional precau-

tion against bonding could be taken by additionally coating the contact surfaces with an
oxide film.,

Experiments conducted by Ames Research Laboratory (Reference 13) indicate
magnesium alloy as one of the materials least susceptible to cold welding even in the

pure metal (oxide-free) contact state. Magnesium should therefore be strongly con-
sidered for the joint interface material.
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2.4.2 Separation and Spinup Error Analysis

Ideally, the manner in which the OEC's orbit period is changed from that of
Voyager is to add or subtract some small velocity. Figure 2-71 illustrates the
typical geometry of injection. The injection angle @ controls the component of separ-
ation velocity along the orbit velocity vector, AV cos @. In reality, the added com-
ponent parallel to the orbit velocity cannot be controlled perfectly., Errors in the
magnitude of AV and the angle @ must be accounted for in providing for the desired
injection parameters. A summary of the sources of errors is as follows:

© Spring errors

® Spring mechanical alignments
o Orbit position uncertainties

o Voyager attitude uncertainties
® Command timing errors

Each of these sources in some way influences the value of the injection
velocity component. The variation in the spring characteristics is directly propor-
tional to changes in the magnitude of velocity increment. Misalignments of the spring
mechanism tend to create an initial attitude error of the OEC spin axis.

Launch window errors are due to the latter three sources. The uncertainty
of the Voyager-OEC orbit creates timing errors since the velocity vector is contin-
ually changing direction as well as magnitude. Voyager limit cycle deadband also
yields timing errors. Since the attitude of Voyager is changing, so does the orien-
tation of the OEC separation vector with respect to the orbit velocity vector.
Finally, the execution errors in commanding separation yield inaccuracies in the
launch window. Table 2-9 summarizes these sources of errors along with the worst
case standard deviations. The errors are assumed to be gaussian distributed.

Table 2-9 is representative of the components of the uncertainty at separa-
tion. There are two additional errors that must be interpreted. Both are from the
spinup thrust. One is due to a thrust mismatch while the other is created by jet
misalignments. Both sources are discussed below.

2.4.2.1 Spinup Error Analysis

Spinup is to be accomplished by two jets located on the periphery of the OEC
and lying in the center of mass plane, as shown in Figure 2-72. Two jets are chosen
to eliminate translational motion at spinup by provision of a pure couple. Because
of the inherent difficulty of matching and mechanically aligning these thrusters, it is
possible that a small translational impulse can be imparted to the OEC. The magni-
tude of the translational velocity increment is related to the thrust level of the spinup
system., Hence, as will be shown, there is a desirable and undesirable level of
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TABLE 2-9. SEPARATION AND SPINUP ERRORS

Source of Error Value (1 sigma) Comment

Spring 10 to 20% V Possibly due to thermal
variations over transit
phase

Mechanical 10.5 degree Alignment of OEC AV on

alignments Voyager

Orbit position t4.degrees For maximum Voyager

uncertainty position volume £ 50 km

Attitude errors +0.7 degree Maximum Voyager attitude
error in two axes, deadband
1+0.5 degree

Timing errors Negligible 50 millisecond error in
execution

thrust can be chosen., This, however, requires that consideration be given to the
minimization of attitude errors which build up over long spinup durations when low
thrust is applied. Curves illustrating both the nutation angle and attitude error
buildup following spinup as a function of the initial tip rates at separation and the
thrust level selected are shown in Figures 2-73 and 2-74. These results, developed
in Section 2.7, assume a symmetrical OEC (identical transverse moments of inertia)
weighing 75 pounds and having spin axis and transverse moments of inertia of 7.5
slug-ft“ and 5 slug—ft2 respectively. A total impulse of 33 lb-sec is required to bring
the OEC spin rate up to 60 rpm.

As would be expected, an instantaneous torque impulse would bring the
vehicle up to spin speed with a negligible attitude error but with a nutation error.
Choice of a lower thrust level, which is commensurate with an increase in spinup
time, causes an increase in the attitude errors.

The translational impulse imparted by the mismatch of the spinup jets is
treated in detail along with the thrust level selection in the sections to follow,

2.4.2.2 Translational Effects of Spinup

The presence of a slight mismatch in jet thrust and of misalignments peculiar
to the mounting of the jets provides a differential thrust effect, and hence the desir-
able pure couple no longer exists. To analyze the ensuing motion, the jet thrust
can be treated as the equivalent to a pair of equal and oppositely directed forces
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whose lines of action are separated by a distance providing a pure couple inducing
rotation and a force through the center of mass providing a translational effect, as
shown in Figure 2-75.

As the thrust is applied over time, the direction of translation will vary.
The vector equation representing the translational force is given by

6F = 5F + 6F
X y

(2-116)
= KF [cos 68 + sin Gé\]
X Yy
where
6—FX = component of force in x-direction
ﬁ‘y = component of force in y-direction
F = total spinup force, assumed constant
K = percentage mismatch between pair of thrustors
0 = angular direction of translation
’e\x, /éy = unit vectors in the x-and y-directions
The force can be written in terms of the velocity as
- JV) A
8F = M6 (W (2-117)
Solving for the velocity and integrating
— |
6Vt =M / OF dt (2-118)

O

where the loss of mass due to spinup is assumed to be negligible in comparison to
the overall system mass and is treated outside of the integral as a constant. The
upper limit of integration represents the total interval of time over which spinup
occurs.,

Substitution of Equation 2-116 into Equation 2-118 leads to the expression
t

f
o7 KF A . A ’
= = 2-1
<SVt N 5 (cos Bex + sin 6ey> dt ( 19)
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Solution of this integral requires a relationship for the direction of
translation force as a function of time. This is provided by the torque equation

T =16 (2-120)
where
T = applied torque (F) ()
I = moment of inertia about spin axis
8§ = angular acceleration of body about spin axis

Substituting for torque and assuming a constant thrust spinup
T = F4 (2-121)

and rewriting in terms of body acceleration
6= =X (2-122)

Integrating Equation 2-122 twice and setting the integration constants to zero
(assuming quiescent initial conditions) yields

6=1/2 -F-I\i t2 (2-123)

Recognizing that the term inside the parenthesis is just the acceleration,
Equation 2-123 can be rewritten as

0=1/20¢t> (2-124)

Now that the angular position of the body is known as a function of time, it
can be substituted into Equation 2-119. Therefore

t

f
- _ KF 1 ..2 A ol 2 p
<SVt =M O[ {cos vi ot s + sin > 6t ey}dt (2-125)

and by arranging the integral into a more desirable form

( 6tdt) (2-126)

= . KF ftf cos(—% 'O'tz) @x + sin (% §t2) e
t- M 5 3t
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By the change in variable

Equation 2-126 is rewritten as

COS u A sin u A

— KF t
Vt:\/—Z_'G_—MOf SR R a (2-127)

where the coefficients preceding the integral are the assumed constants of the
system.

The form of the argument inside the integral is recognized as that of the
well known Fresnel integral. This is a definite integral, evaluated over the interval
zero to infinity, and has as its solution

00
f cosudu_

(¢]

f s1n udu
J HRps

Although the Fresnel integral ranges over infinity, the steady state amplitude

(2-128)

of its solution is reached almost instantaneously and the transient position averages out

after just a few cycles (a digital simulation confirms these results). Thus its solu-
tion can be admitted as the solution to Equation 2-127, where the spinup time is long
compared to the transient decay,

Substitution into Equation 2-127 provides the vector solution

- KF TA
6V, = —— [5€
t ,/ZéM{\ﬁ x

and the magnitude of the velocity due to the mismatched spinup jets is given by

Iﬁtl 5V = KEV7 (2-130)

t J2éMm

Substitution for § by a combination of Equations 2-120 and 2-121 finally yields

_(K /1 -
‘Wt‘(m ﬁ>\/f‘ (2-131)

(2-129)
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The parameters within the parenthesis can be expressed in terms of known
OEC parameters chosen to maximize this error. For example:

M = 2.8 slugs (minimum value)

7.5 slug—ft2

—
1l

¢ = 1.5 foot

SO

6V, = KJ/F (2-132)

Now Equation 2-132 can be represented parametrically in terms of the thrust
level assigned for spinup and the percentage mismatch, K. Figure 2-76 illustrates
the range of velocity added transverse to the spin axis as a function of these

parameters.

To complete the analyses, the results must be related to the attitude errors
caused by spinup and shown in Figure 2-74. A combination of the results shown in
Figures 2-74 and 2-76 produces a curve (Figure 2-77) of transverse velocity versus
attitude error for the range of expected tipoff errors, thrust mismatch, and thrust
levels. The information in the figure indicates that, for example, if it is desired
to maintain spinup attitude errors below 1.0 degree, and if the OEC were separated
from Voyager with a rate of 0.1 deg/sec, then a 5 percent mismatch of the jet

thrust would yield a transverse velocity of approximately 0.022 fps for a thrust
level of 130 millipounds.

The question, of course, is what is the criterion for selection of the thrust
level. Certainly minimization of attitude errors is important. However, the effect
of this transverse velocity increment must be determined in order to ascertain
the acceptable level of 6V for the mission.

Studies in Section 2.3 discuss the desirability of controlling the OEC's
separation distance from Voyager. This is accomplished by selection of the injec-
tion time or position in orbit for which the orientation of the separation velocity
increment, AV, has a predetermined magnitude component along the orbit velocity
vector. It is this component which controls the range of the OEC as a function of
time., Because of the critical nature of this parameter, it must be assured that a
spinup, the orbital velocity of the OEC will not be altered.

Figure 2-78 shows an assumed orientation of OEC at spinup assuming no
attitude errors present. The angle alies between the orbital velocity vector V
and the separation velocity AV, If the AV direction and. the spin axis of OEC are
coincident, then the spinup translational velocity is applied normal to the separation
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vector. The critical component along the velocity vector is given by
/ .
<5Vt = <5V,c sina
This equation assumes:
° Separation AV is applied ideally.
° Over the spinup interval, the angle & essentially remains constant,

° In the worst case, the translational effect either decreases OEC's orbital
velocity and increases the probability of collision,...or this effect
increases the velocity to the point that mission lifetime is affected.

Several important factors can be pointed out., First, the angle o will never be
chosen greater than some 80 degrees, and this largely due to the collision constraint,
which will be discussed in the ensuing sections. Second, the translation effect could
be oriented out of the orbit plane as well as in it and hence would do no more than
slightly rotate the orbit plane or provide a negligible change in inclination.

The solution to the problem of spinup translation is not in whether or not the
phenomenon can be better defined but rather what reduction in error can be made by
a decrease in the spinup thrust. Since the range of thrustlevelsareall within the
scope of present OEC propulsion system design, selection of small thrust, along with
a slight increase in attitude error reduces the translational velocity error. Thrust
levels of approximately 130 millipounds are reasonable values.

The types of spinup propulsion system considered in this study are categorized
as pressure regulated or pressure blowdown gas systems. The constant thrust analy-
sis presented here is appropriate for the regulated system design. Additional studies
were required to define the equivalent effects of a blowdown system. A digital simula-
tion of the spinup equations for a pressure blowdown system was modeled. The objec-
tive was to define the relationship between constant thrust and blowdown thrust in
terms of the translational velocity imparted. The following assumptions were made:

1) A total impulse of 33 lb-sec is required.

2)  An initial thrust decaying exponentially to a zero level and providing a
spin of 60 rpm is selected as a blowdown model.

3) The translational velocity due to a blowdown system is equated to a pres-
sure regulated system to define an equivalent constant thrust.

The results of this study are illustrated in Figure 2-79. Note that up to
thrusts of 3 pounds, the blowdown and pressure regulated systems generate similar
magnitudes of translational velocity. At increased levels of constant thrust, an initial
blowdown thrust up to 25 percent greater than the constant case is required to produce
the same velocity error.

For the 130 millipound thrust selected, an equivalent blowdown initial thrust
of ~130 millipounds is specified.
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2.4.2.3 Effects of Spinup Thrust Misalignment

Another source of error in the OEC orbital period is associated with the
misalignment of the spinup jets. The following parameters represent typical
mechanical alignment tolerances of the spinup jets:

Angular misalignment of nozzle in thrust plane: =0.5 degree

Angular misalignment of nozzle out of thrust plane: =0.5 degree

Nozzle position mismatch: =<0.06 inch
As shown in Figure 2-80, the angular misalignment out of the cm plane is the
important component. The other components affect spin speed and as such are not

of interest here.

The expression that represents the added velocity due to an out of plane mis-
alignment is developed from the conservation of linear momentum equation

Ms V
Ft =———2 (2-133)
sine
where
F = total force applied by one jet
t = period over which spinup occurs
M = OEC mass
6Va = added {}elocity along spin axis due to misalignment jet
¢ = angular misalignment
In terms of the added velocity
Ft .
== _ 2-134
6Va M S1n e ( )
and for the small angles expected,
Fte
A v (2-135)

Figure 2-81 illustrates the induced 6V, as a function of jet misalignment.
The resulting velocity may be bounded in direction by recognizing that

1) If the offsets of the two nozzles are in opposite directions, they null
out one another.
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2) If the jets are biased in the same direction, then Equation 2-135 is
given by

2Fe¢

Gva :—I\/T (2—136)

and either of two extremes could occur:

a) Offset is directed along the separation vector and in phase,
adding to the AV at separation.

b) Offset is directed along the separation vector and in the
opposite direction of separation, slowing the vehicle.

The velocity increment, 6V,, must be resolved through o, the angle
between the orbit velocity and separation velocity, as shown in Figure 2-82, to

determine the effect on the OEC separation. Therefore

6V! =6V _ cos « (2-137)
a a

The influence of this error on the separation phase of the OEC mission is treated
in the sections to follow.

Typical alignment errors could be as great as 0.5 degree; however, pre-
cision procedures could probably control this source of error to 0. 1 degree.

2.4.2.4 Separation Window

The preceding sections treated errors characteristic of the separation
device. In discussing the actual separation, it is recognized that other errors
must be considered.

In order to successfully perform the co-orbital mission, the component of
the separation velocity along the orbital velocity vector must be controlled. As
mentioned earlier, the angle a between the separation vector and orbital velocity
vector must be properly selected to establish a launch window. It is the selection
of @ which fixes the parallel component of velocity increment through the equation

AVp=AV cos « (2-138)
where
AV = separation veloc'ity
= TI'F
2t k
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and

F =separation force
t =time separation force acts
k =spring constant

so that the parallel component of velocity is

AV_p =%l%cos G (2-139)

Several important factors are associated with relating this equation to the
launch window. The spring characteristics alter AV, but timing errors in execu-
tion of the separationcommand and uncertainty in OEC position and attitude tend
to increase the uncertainity of «.

There are two approaches to a separation window error analysis. The
first method investigates the sensitivity of @ by measuring the equivalent error
in the timing or application of the separation command. The second defines
each of the component errors which combine in a probabilistic fashion to give

AV a bound in accuracy. The latter technique is presented in the following
discussion.

The underlying assumptions applied in studying the launch window are
based on results presented in Section 2.3. Necessary groundwork is presented
here for additional clarification.

Figure 2-46 illustrated the relationship for a typical Voyager-OEC orbit
prior to separation. A 10,000 km apoapsis — 1000 km periapsis orbit is used in
the ensuing discussion. Several pertinent parameters are shown in Figure 2-28;
the reference orbit plane and velocity vector, the OEC AV (which is fixed to
Voyager and over the period for which separation could occur is assumed iner-
tially fixed), and the orbit plane. The angle & lies between the applied AV and
the orbital velocity vector and represents the variable of the separation window.
Selection of the maximum co-orbital OEC range requires fixing AVp and is
accomplished by proper timing in the orbit to yield the desiredc.

The angle o is constrained by the following relationship:
f<a<180 -6
which infers that it is possible to choose a value for @and geometrically select

two positions in the orbit for which this value occurs, the first point at 6 and the
later at 180 - 6.
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In considering all possible values of @, first let # =0 degree. As shown in
Figure 2-46, the separation vector AV then lies in the orbit plane and « varies
through a full revolution. Now the relationship between the orbit true anomaly and
the angles 6 and @ can be observed. As shown,

a =wvt+Y

where

14

true anomaly

Y = flight path angle of orbit velocity with respect to local horizontal
The angles v and Y are functions of the particular orbit and for the range

of Voyager orbits are illustrated in Figure 2-28. To determine the range of o

that is within the extremes of the collision constraint and the maximum commu-

(2 8L- 9. 95884

nication range constraint, the criteria for selection of @ must be reviewed.

To preclude collision, it was shown in Section 2. 3 that a nominal safety
margin in passage of OEC and Voyager after the first orbit of 560 feet would be
guaranteed. This assumed a velocity increment of 0.1 fps and a 10-degree dis-
placement from the critical 90-degree separation angle and did not account for
separation errors. In the following discussions, additional margin is included
and a minimum relative range of 1000 feet is assumed. Hence it can be assumed
that « will be no greater than 80 degrees, and the minimum allowable separation
velocity is

AV =0.1 cos 80° =0.017 fps

If 0.017 fps is the minimum allowed parallel velocity component, a curve can be
constructed of all possible separation velocity magnitudes, applied at different
points in the orbit that yield the identical value of velocity in the orbit plane.
For an error-free separation, the results in Figure 2-83 identify the non-
collision constraint on ¢. In the next section, the inclusion of deviations from
the nominal will be discussed.

A summary of the expected separation-spinup errors is presented in
Table 2-10 so that the separation velocity that meets all of the requirements
stipulated can be selected.

2.4.2.5 Error Sensitivity

A model representing the combined effects of the contributing sources of
errors is formulated below. There are two identifiable modes of the separation
sequence. Two sources are due to the uncertainties of the injection parameters,
whereas an additional two are functions of the spinup phase.

2-129




TABLE 2-10. SUMMARY OF EXPECTED SEPARATION-SPINUP ERRORS

Error Source Error Value (3¢)
Voyager OEC position in orbit 50 km spherical volume
Voyager attitude Q.5 degree per axis
Separation execution errors 50 milliseconds
Separation system transverse misalignment 1/16 inch
Separation system angular misalignment 0.5 degree
Spring impulse error 10 percent AV
Spring constant 150 1b/ft
Spring side force Negligible
Spinup thrust mismatch 5 percent
Angular misalignment of nozzle thrust plane ‘ =0.5 degree
Angular misalignment of nozzle out of thrust plane | <0.5 degree
Nozzle position mismatch ' =0. 06 inch

The separation function is given by
g(AV, @) = AV cos« (2-140)
where

AV

fixed velocity increment

a

nominal injection angle

Errors in AV and o are accounted for by determining the variance about the
desired function g( AV, ). Expanding in a Taylor series about the nominal, taking
expected values, and determining second order moments neglecting higher order
terms gives

2 2
2 g ) 98 (ag
7g(aV, o) <82§V b0 +(ﬁ> Foz T2 (5AV

Q@
[t 1o}

iR
I

a) B (2-141)

QO

where
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E(AVY) - E(av)% =02

AV =Variance (AV)

_ 2 2 2 o
o2 E(cos” a) - E(cos a) =0 s o =Variance (cos @)

E(AV, cos @) - E(AV) E(cos @) =Covariance

Assuming that the random variables are independent and uncorrelated,

E(AV, cos a) =E(AV) E(cos @)

so that
#pp =0
Hence
2 AN 52 ¥
7 g(AV, a) :<8AV) k20 +(ﬁ) K02 (2-142)
where
S_g'\'/ = COs «o
i&‘ = - AV singa
o
and
2
F>o = &6V
2
Koz = da
Therefore
2 2 2 2 .2
o . =(cos @) 6V +(AV sin” a) 6,2 (2-143
g(Av, a) ( ! Oq )

In a like fashion, the errors associated with the spinup can be determined
and combined with those above. The two contributing sources are

g(Vt, o) :Vt sin «o
and (2-144)

g(Va,oz) =Va cos o
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The Taylor series expansion leads to the following expression in terms of
the variances:

O'Z(Va, Vt,oz) = (sin Ot)2 6V§ +(cos a)2 <SV:=21 +(-Vt cos oz)2 6a-z+(Va sin 01)2 G

where

oV

o+ N

variance of translational spinup velocity

o N

oV

variance of axial spinup velocity

8a% = variance in injection angle

nominal value of translational velocity

nominal value of axial velocity

The nominal values of Vi and V, are of course zero since these parameters
stem from errors in the spinup thrust mismatch and alignment, which ideally are
perfect. Therefore

UZ(Va, Vt’ a) =(sin2 a) 6V5 +(cos2 o) GVi (2-145)

Combining Equations 2-143 and 2-144, the total variance is given as

2 2

Gg(AV,oz) +0 (Va’Vt"") (2-146)

6V,Z =
P
or
GVIZ) = coszoz [¢5V2 + GVi] + sinzoz I:AV2 602 + 6Vf] (2-147)
Interpretation of Equation 2-147 requires that a set of ground rules be
adopted:

° Assume that the errors about the nominal have 3 sigma statistics.

) Linearly adding these errors to the nominal value yields a maxi-
mum parallel velocity increment

° Linearly subtracting these errors yields a minimum parallel velocity
increment
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Summarizing

AVp = AV cosa %3 (SVP (2-148)

The objective of this analysis is to determine the minimum and maximum
range between Voyager and OEC due to the various errors. By substitution of the
error sources given in Table 2-10 into Equation 2-148, the error laden velocity
increment is measured. The actual distance OEC travels on a per orbit basis or
in the 6-month mission is obtained by observing the following orbit related
expression.

The per orbit separation range of the Voyager and OEC is a function of
the characteristic orbital parameters given by

3Pa VZ
6S = ——2 AV (2-149)
© P
where

P = orbital period
a = orbit semimajor axis
v = orbital velocity

© 3
[ = gravitational constant of Mars, 0.428 x 105 kmz

sec

AVp = parallel component of velocity

Based upon results discussed in Section 2,3, the worst case point of injec-
tion in the orbit occurs at a true anomaly of 75 degrees. At this point the charac-
teristic orbit parameters for the 10,000 km x 1000 km orbit is

Vo = 3.3 km/sec
= 7 hours
a =8900 km
and
6S =1.7 x 10° &V, (km /orbit) (30) (2-150)

The maximum distance of separation for the 6 months is

65 =1.04 x 10° AV (km)(30) (2-151)
max o)

for AVP inm/sec.
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These equations along with Equation 2-148 form the basis for the
establishment of the lower and upper bounds on range and the selection of the
appropriate velocity increment and nominal launch window.

Substitution of the errors into Equations 2-150 and 2-151 produces the
numerical results shown in Figure 2-84. Both maximum and minimum values
are shown. To prevent collision, a constraint on the first orbit passage for OEC
and Voyager to 1000 feet (0.33 km) was assumed. This is proportional to 200 km
at the completion of 6 months in orbit. The maximum range has a softer con-
straint, although the communication range is limited, and distances less than
4000 km are desirable. Crossplotting these results as a function of the nominal
injection angle and AV (Figure 2-85) illustrates the bounded nature of the nominal
launch window. An upper bound of 3500 km is assumed for purpose of discussion.

A decrease in the window is apparent if lower maximum ranges are taken.
Figure 2-86 summarizes the details graphically. There is an optimum selection
of separation velocity increment such that a maximum window can be achieved.
This point varies depending on the maximum range constraint. For the separa-
tion ranges desired, the AV is in the vicinity of 0.1 fps. Assuming S, ;4 =
3500 km, the choice of AV is 0.073 fps. However, selection of a AV requires
consideration be given to the spring mechanism design. There is no analytical
reason why AV =0.073 fps cannot be chosen, but by relieving the requirements
of the spring design and selecting a slightly larger AV of, say, 0.1 fps, the prac-
tical limitations of designing such a device are decreased. The window for 0.073
fps is a total 33 degrees. There is a 5-degree decrease to 28 degrees for
AV =0.1 fps. Note also that by decreasing the maximum constraint, the optimum
point shifts closer toward larger magnitudes of velocity.

The question of what size window is reasonable with respect to an opera-

tional system can best be answered by reflecting back on the results in Section 2. 3.

The constraints on the injection angle @ are
6 =a=<180 -6
Fora AV =0.1 fps, 40 = @ = 70 degrees from Figure 2-85. Thus the mini-
mum value of 8, the angle betwen the AV orientation and Voyager and the orbit
plane, is
6 . =40 degrees
min

and the range of possible ais

40 = & =140 degrees

Restricting @ <70 degrees as per the error analysis, there are two regimes

of available window:

40 = ozl

110 = @, =140 degrees (decrease OEC orbit velocity)

<70 degrees (increase OEC orbit velocity)

These results are illustrated in a simple example.
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Assume that OEC is mounted on Voyager so that the direction of separation
makes an angle of at least 40 degrees to the chosen orbit plane, as shown in Fig-
ure 2-87. As Voyager orbits Mars, the injection angle @, which is equal to
40 degrees at the assumed initial position of periapsis, increases. The first pos-
sible launch window exists from periapsis where @ =40 degrees to point 2 in the
orbit where @ =70 degrees. During this time the OEC's orbit period can be made
greater than Voyager's. Between 70 and 110 degrees, there is no window because
of the collision constraint imposed. However, at 110 degrees the window reopens
and the OEC orbit period can now be made smaller than Voyager's period. This
window remains open up to the time when OEC reaches apoapsis, and @=140
degrees. After passing apoapsis, the ability to adjust the period is repeated.
However, this time the increase of OEC period occurs near apoapsis where
140 = & =110 degrees.

Obviously the errors propagate faster near periapsis because of the higher
orbital velocity. This error analysis is based on thecse larger errors. By inject-
ing near apoapsis, a decrease in the error is possible. Since orbit velocity
decreases by some 60 percent, it is expected that a similar decrease in range
occurs. Hence, the launch window will actually be of greater dimension at injec-
tions near apoapsis.

Sensitivity to Errors. The prior results are based on a set of errors that
appear to be representative of a worst case. A study of Equation 2-147 indicates
several important facts:

1) The error in velocity is not very sensitive to components proportional
to AV or to the launch window error. The uncertainties in spinup
thrust and alignment have a greater weighting on the errors.

2) The largest source of uncertainty is the axial velocity increment.

3) Reduction of this error by careful alignment of the jets decreases
the total error in velocity and increases the launch window.

4) Decreasing 6V, increases the sensitivity to the errors proportional
to AV, but the net effect is reduced since 6Va is smaller.

2.4.3 Voyager-OEC Perturbation Study

Provision for a fail-safe separation is of major concern to the success of the
OEC mission. The kinematics associated with this phase of mission operation was
treated in the previous section. These studies assumed that the Voyager bus was an
inertially fixed platform and the OEC attitude errors were due to misalignment of
the separation device and spinup jets as well as differential thrust.

In this section, the steady-state operation of the Voyager bus in orbit about

Mars is discussed, and both the perturbing forces of ejection of the OEC and
reaction to perturbation induced in the separation phase are studied.
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2.4.3.1 Voyager Attitude Control

The Voyager attitude control concept proposed by each of the three present
spacecraft design contractors provides operation in a limit cycle mode during the
heliocentric cruise and Mars orbital phases.

The control system consists of: optical sensors (Sun sensors in pitch and
yaw and Canopus sensor in roll) to determine attitude deviations from the refer-
ences, gyroscopes which provide rate signals during acquisition of references and
position signals during maneuvers, and electronic circuitry which processes the
sensor signals to operate the appropriate solenoid valves of the gas jet subsystem.

Two operational phases of the Voyager spacecraft mission are of interest
for the OEC mission. The predominant factor which establishes the separation
initial conditions is the steady-state cruise limit cycle. The inertial mode, which
provides Voyager the capability to reorient to any attitude, is of importance
because it can be used to orient the OEC in a preferred direction at separation,
but is not otherwise treated here.

Because of the near absence of disturbances in space, the optimum method
by which active three-axis controlled spacecraft maintain a desired orientation is
by application of the on-off reaction control system. The efficiency of the charac-
teristic limit-cycle of this subsystem determines to a large extent the fuel required
for the attitude control of the spacecraft. Typically, the cruise attitude control
limit-cycle is designed to optimize jet on to off times or to minimize the fuel
expended.

For purposes of illustration, the parameters associated with the GE
Voyager spacecraft are used in the ensuing discussion. It is apparent that the
other two Voyager configurations should be of approximately the same design in
the limit cycle phase because of the similarity in control system design.

The limit cycle is characterized by the attitude deadband and the rate

increment. Table 2-11 presents some of the pertinent characteristics of the GE
system.

TABLE 2-11. TYPICAL VOYAGER LIMIT-CYCLE PARAMETERS

Angular deadband +8. 0 milliradians

Rate increment +3.4 x ]»0-6 rad/sec

Control acceleration +0. 225 mr/secz

Valve minimum on time 30 milliseconds
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2.4.3.2 Effect of Limit Cycle on OEC Separation

Prior assumptions stated that perturbing effects of the Voyager limit cycle
were negligible and that the spacecraft was essentially a stable platform for OEC
at separation. To illustrate, the AV imparted to the OEC by the limit cycling is
determined. Assuming a 1 meter moment arm from the center of mass of Voyager
to the location of the OEC, the velocity is

AV = lAé
where
£ = moment arm =1 meter
A@ = rate increment = 3.4 x 10-6 rad/sec
and

AV =3.4x 104-6 m/sec

This velocity is about four orders of magnitude smaller than the expected
separation velocity of approximately 0.03 m/sec (0.1 fps) and is negligible. Hence,
the attitude of OEC will not be affected by the motion of the Voyager spacecraft
steady-state operation.

2.4.3.3 OEC Induced Perturbations on Voyager

The Voyager limit cycle period is approximately 1.3 hours. It is assumed
that this period exists about each of the axes and that a control pulse occurs when-
ever the deadband is reached. As mentioned above, the limit cycle characteristics
are designed to minimize fuel expenditure and still provide necessary attitude accu-
racies by controlling the spacecraft to point to the Sun and Canopus.

Separation of the OEC from Voyager will not cause a break of lock with the
celestial references but will perturb the Voyager from its nominal attitude. The
sensor fields of view are sufficiently large to provide continuous signals to the
control system. Table 2-12 gives the typical sensor characteristics for the GE
configuration and is expected to be very similar to the Boeing or TRW sensors.

The torque impulse applied to the spacecraft induces an instantaneous
rate error

Tt
0, === (2-153)
A\
where
Ty = disturbance torque (separation force =0.91 kg)
t = separation period - 0.3 second
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TABLE 2-12. SENSOR FIELDS OF VIEW AND ACCURACIES

Field of View, Linear Range,
degrees degrees
Sun Sensor 15 1
Canopus Sensor
Instantaneous 4
Slewing
Roll 2
Pitch 15
IV = maximum moment of inertia =5450 kg-m
and
6p =0.49 mr/sec
The position error is less than 1 percent of the deadband
Tp) 2 .
OD =1/2 (—I-\-/’-) t™ =1/2 6t =0.0735 milliradian

and is negligible.

The rate error is measured about the Voyager axis where the disturbance
occurs, and a closed loop control signal is initiated to pulse the proper jet. The
error is removed by the control torque in about 2 seconds and the Voyager resumes
steady-state operation,

There are two additional perturbative effects on Voyager that deserve con-
sideration. First is the translational acceleration added at separation, and sec-
ond is the decrease in Voyager moments of inertia at separation. Reference 1
establishes the constraints on the allowable perturbations induced on the Voyager
spacecraft. In particular, the (unpredictable) translational accelerations shall
not exceed an average value of 0.6 x 10-7 cxm/sec2 over the mission. In terms
of the distance traveled over a 6-month period, this corresponds to an average
velocity of 0.95 cm/sec. Assuming a separation velocity of 3.1 cm/sec imparted
to the OEC, the acceleration imparted to translate the Voyager is equivalent to a
velocity of about 0.13 cm/sec. The Voyager bus is assumed to weigh 1365 kg.
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Separation of the OEC from Voyager changes the inertia properties of the
spacecraft. This couples into the efficiency of the control system operation.
Results from GE Voyager design indicate that the decrease in principal moments
of inertia due to the capsule-Lander separation has a negligible effect on limit
cycle operation. Hence, it is assumed that OEC, which weighs less than 5 per-
cent of the capsule-Lander will not degrade Voyager steady-state operation.
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2.5 ATTITUDE AND ORBIT DETERMINATION

The process of attitude and orbit determination plays an extremely
important role in the OEC mission. Data assessment requires knowledge of each of
these parameters. For this reason, the sensors necessary to measure both attitude
and orbit are discussed in this section rather than in the attitude control section,

The basic OEC accuracy requirements are presented followed by an in-depth
discussion of the expected geometry and capability to resolve ambiguities in meas-
uring spin axis attitude and orbit position.

Techniques for establishing the attitude and orbit are presented in
Sections 2.5.4 and 2.5.5 These methods are representative of possible computa-
tional algorithms which estimate the attitude and orbit parameters based on
smoothing of the sensor observations. The schemes presented here are a result

of two independent studies and in actuality should be combined into a single opera-
tional concept.

2.5.1 Requirements for Attitude and Orbit Determination

The OEC accuracy requirements are generated from both the experiment
objective of defining the Mars magnetosphere and the accuracies of the experiments.
These requirements are interpreted interms of provisions for accurate relative
position determination to the Mars orbit as well as vehicle attitude determination
for the observed data. Table 2-13 summarizes the requirements for the OEC spe-
cified by Ames Research Center (Reference 14).

The process of attitude determination requires a precise fix of the OEC spin
axis in inertial space. This can be accomplished by referencing the spin axis to any
of a number of celestial objects. Ideally, a minimum of two objects is necessary to
completely specify the attitude of a satellite. The position can be determined with
the addition of some form of range measurement

TABLE 2-13. OEC ATTITUDE AND ORBIT DETERMINATION REQUIREMENTS

Knowledge of spin axis attitude <+1.0 degree (30)
Knowledge of attitude to sun <10.25 degree (3¢)
Knowledge of orbit position <1100 km (30) apoapsis

<420 km (30) periapsis
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The energy emanating from a celestial body can be detected by sensitive
measuring instruments. The optics, fields of view, and other characteristic param-

eters of these sensors are predicated on the energy source selected and the particular

sensor application. The latter plays an extremely important part in the choice of
sensors. Requirements on a sensor operating from a spinning satellite are quite
different from celestial tracking sensors such as those used on the Voyager bus.
When applied on a spin stabilized satellite such as OEC, the sensor will view the
particular source for a short time interval during the satellite spin cycle as the
object passes through the sensor field of view.

The available celestial objects for attitude measurement include:

° Sun
° Planets (Mars)

™ Stars

Both the Sun and the stars can be treated as point sources, whereas the planets
angular subtense varies as function of closeness to the particular planet. The
application of a planet sensor has different design requirements as a function of its
particular environment. At Mars distances, the earth appears as a small point
to a sensor, but the planet Mars has a large disc when viewed from a Mars orbit.

Orbit determination can be effected by several means. For the OEC mission,
there are both direct and indirect methods. The direct method requires the inclu-
sion of a transponder on the capsule for deep space tracking from Earth. Range
and rate measurements via the Deep Space Net (DSN) can provide an accurate
orbit prediction similar to the accuracies of the Voyager orbit. Position can also
be indirectly determined by ranging from the Voyager bus with the data transmitted
to Earth. Finally it is possible to determine position autonomously. The OEC's
orbit can be established by combining planet sensor information with the spin rate
and the IR disc characteristics of Mars.

The first two of the above methods of specifying OEC position requires the
addition of a transponder for the basic determination scheme. The last method
indicates that it is possible to use only two devices — Sun sensor and horizon sensor —
to completely identify the orbit as well as the attitude.

2.5.2 Geometrz

Conceptually, attitude and position can each be found independently, since
three independent attitude measurements generally specify inertial orientation
and three independent range measurements generally specify position. In analyzing

the OEC mission geometry it will be shown how the problems of orbit determination
and attitude determination can be interrelated.
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Suppose that the position of the OEC is known; then the attitude can be
defined uniquely by Sun and Mars angles. The elevation of the Sun with respect
to the vehicular equator of the OEC specifies a conical locus of possible orienta-
tions, as shown in Figure 2-88. A similar conical locus is specified by the eleva-
tion of Mars and the attitude must be one of the two intersection lines of the two cones,
as shown in Figure 2-89. The azimuthal difference between the Mars and Sun

lines of sight specifies which of the two, as indicated in Figure 2-90, for a partic-
ular situation.

Conversely, suppose that the attitude of the OEC is known. The Martian and
solar elevation angles each specify a conical locus of possible positions for the
OEC; the intersection of the two cones specifies a curve of possible positions (see
Figure 2-91). Once again, the azimuthal difference is used as the final piece of
information, this time to fix the position of the OEC,

What if neither the position nor the attitude is known? Then, line-of-sight
measurements provide the orientation of the spin axis with respect to a plane con-
taining Mars and the Sun, but do not specify the plane (see Figure 2-92). In any
such plane, there is a locus of possible positions given by the Sun-OEC-Mars
angle as shown in Figure 2-93. The locus of all possible OEC positions is then the
surface obtained by rotating the curve in the plane about the Sun-Mars line as
shown in Figure 2-94. Given the altitude of the OEC above Mars implies a spher-
ical locus of positions about Mars; the intersection of the surface in Figure 2-94
with the sphere provides a circular locus of positions as shown in the Figure.

The circular locus of possible OEC positions is centered on the Mars-Sun line, due
to the nature of the angular references used. With each possible position on the
locus, there is associated a particular OEC attitude, as indicated in Figure 2-94.
Thus the uncertainty is not in position alone, but an uncertainty between '"coordi-
nated position-attitude pairs."

One further datum yielding either position or attitude will uniquely specify
the OEC position and attitude. Various additional sources of data can be identified
which will complete the specification: range or range rate from Voyager to OEC,
an additional attitude reference provided by a star sensor, or accurate range rate
to earth via the DSN. All of these are feasible and, as will be seen, will definitely
be required to achieve orbit position determination accuracies of the order of 5 to
20 km* or better. It is, however, of some interest to consider the case (co-orbiter
mission) where no additional data is used and to discover the expected accuracy of
orbit and attitude determination in that case. For this purpose some of the numer-
ical results to be derived in succeeding sections will be used.

It might appear that the various possible OEC positions (on the circular
locus) would be sorted out by data taken over a sequence of positions as OEC
orbits Mars. Some reflection on the symmetries of the '""'uncertainty locus, "

*For the case where OEC forms one part of an occultation experiment, much
better accuracies than this are said to be required; in this case DSN tracking to
sufficient accuracy can be performed with the S-band occultation equipment ‘
required on the OEC with no additional weight or power penalty. This is also true
of the ""baseline'" OEC of this report.
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however, reveal that this is not the case: the possible positions of OEC at one
instant lie on areocentric orbits each succeeding point of which lines on an uncer-
tainty locus stemming from the same initial uncertainty locus. That is, the time
histories of data obtained from the OEC sensors do not resolve the original
ambiguity.

To see this, consider an inertial coordinate frame (instantaneously)
centered on the Mars center with the Z-axis lying along the Mars sun line as in
Figure 2-95. A cylindrical coordinate set (P, 8, Z) will be used with the @ =
direction along ecliptic north as in the figure. At some initial time the measure-
ments of sun and Mars sensors place the OEC on a particular circular locus as in
the figure. The orbit which will be followed by an OEC on this locus depends on
its velocity vector as well as its position. Neglecting perturbation terms, the
gravitational attraction is a function of P and Z, but not of the angle 6; thus the
whole orbital geometry is preserved under a rotation (8 direction) about the Sun
line. The spin axis angles to sun and Mars are fixed (corresponding to measured
angles) but these angles, too, are preserved under such a rotation providing that
position, velocity and attitude are all rotated about the Mars-Sun line. Since the
symmetry is complete, the time history of altitude and angles to Sun and Mars
will be the same for any of these position/velocity/attitude combinations.

The situation is, then, this: Mars and sun sensor data will determine a
position and attitude locus for the OEC; the determination of which point on the
locus corresponds to the acutal OEC position must be made in some other way.
Several ways for sorting out this ambiguity without additional sensors can be
identified:

2.5.2.1 Voyager Separation Conditions

Initially the OEC position is known since Voyager position was known.
The problem here is that perturbing forces act on the orbit and attitude during the
mission operation requiring updated estimates of new orbit and attitude to take
account of "'slipping' around the uncertainty locus. Thus the identification of which
part of the locus OEC is on becomes gradually poorer and poorer. An upper bound
on the rate at which this ambiguity increases the error in position can be obtained
in the following way. Suppose that the torques on OEC due to solar pressure, grav-
ity gradient, and aerodynamics are nominally zero (CP and cg nominally aligned.)
Then any changes in the sensor data will be interpreted as due entirely to changes
in the OEC orbit. This means that on the new uncertainty locus, the OEC will be
located at the point corresponding to the old spin axis orientation. In reality the
OEC may have been subjected to torques resulting in attitude changes as large as
0.03 degree per day (Section 2.5); therefore the uncertainty in the angular position,
® (Figure 2-95) of the OEC might increase at a rate of up to 0.03 degree per day.
Translated into position uncertainties around the uncertainty locus, this is about
5 km per day at apoapse and 2 km per day at periapse.
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2.5.2.,2 Motion of Mars About Sun

The basic uncertainty is in rotation about the Sun line. The Mars-Sun
line rotates at a rate of about 0.5 degree per day, so that a rotation of the spin
axis about the Sun line will ultimately show up as a change in the elevation angle
of the spin axis to the Sun. The rate at which rotation angles about the Sun line
are ''fed in" to elevation angles to the Sun is about 1 percent per day due to rota-
tion of the Mars-Sun line. In a steady-state situation, then, the increase in attitude
error caused by unknown torques (0.03 degree per day) would be balanced by the
incremental corrections permitted by the detection of elevation angle errors
(1 percent per day) when the error reached a value of 0.03/0.01 or 3 degrees.
This corresponds to positional errors of up to 500 km at apoapse, 200 km at
periapse.

2.5.2.3 Orbital Regression

As shown in Section 2. 2, the OEC orbits will regress at a rate of about 0.3
to 1.0 degree per day in a direction opposite to the Sun line motion. Hence, the
total '"feed-in'' to elevation 'error' will be at a rate of 1.5 to 2.5 percent per day,
yielding position uncertainties of 80 to 130 km at periapse and 200 to 330 km at
apoapse.

Curve fitting (estimation) techniques might be used to reduce these uncer-
tainties; the effectiveness of such techniques would be limited due to the unknown
time variation of the disturbing torques. Clearly to achieve accuracies in the 5 to
20 km regime will require additional data, as, for example, with DSN tracking
(if S-band transmitter is aboard) or with a star sensor such as that described in
Appendix D.

It is important to recognize that the positional uncertainties cited above
are only along the circular locus, i.e., in the 6 direction of Figure 2-95. Errors
in the other axes are substantially smaller, less than 10 km near periapse with
only Mars and Sun sensor data. With DSN tracking, of course, errors would be
even less.

In selecting the OEC sensors, these geometrical considerations are taken
into account. The choice of sensors for operating the OEC in different missions
will be discussed in succeeding sections. The ultimate selection for a baseline
mission design depends greatly on which combination of sensors most suitably
meet the specified accuracies.

2.5.3 Determination of Sensor Accuracies

A summary of the basic sensor accuracies for possible attitude sensors is
presented in Table 2-14.
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TABLE 2-14. ATTITUDE SENSOR ACCURACIES

Source Accuracy (30), degrees Comment

Sun +0.5 Slit field of view spinning sensor

Star <10.1 Measure field of stars during
spin cycle

Planet <tl.5 Measure IR disc of planet

Selection of the sun as a reference source is natural for the Sun line
attitude determination requirement. The 10.5 degree (30¢) sensor accuracy can be

smoothed over a number of sun sensor data pulses to values below the +0.25 degree
(30) specification,

A second sensor for specifying the attitude of the spin axis cannot be
chosen so simply. The star sensor is quoted to have very fine accuracies
(<0.1 degree) and has been used in several tracking applications such as the
Mariner, Surveyor, and Lunar Orbiter and is proposed for the Voyager spacecraft.
In a spinning satellite the use of only the star sensor element would suffice. In
this application the sensor would not track a particular star but would map a field
of known stars during a spin revolution. In particular, Canopus could serve as
one of the sensed stars since it lies within 15 degrees of the ecliptic normal. A
design exercise for this device is presented in Appendix D,

A Mars sensor can also be used with the sun sensor to establish the spin
axis attitude. This device is generically identical to the earth horizon sensors
used on the spinning TIROS satellite and the Hughes HS-308 satellite.

Both of these horizon sensors operate in the infrared spectrum of the
earth's atmosphere with accuracies of much less than $1.0 degree (30).
Application of this type of sensor to the OEC mission requires sizing the sensor
optics for the Martian IR characteristics. This is provided in Section 6.0. An
unsmoothed accuracy of approximately t1.5 degree (30) is sufficient for the OEC
mission application as will be shown. Thus both the star and Mars sensor can
provide the desired accuracies for the mission. The baseline choice is selected
following the discussionof orbit determination sensors.

The determination of the orbital position of the OEC can be provided as
mentioned by three methods. Table 2-15 lists these techniques and their basic
accuracies,

Deep Space ranging to the OEC with coherent doppler tracking similar
to that used by the Voyager spacecraft provides the most accurate position deter -
mination. This form of orbit determination requires the inclusion of additional
equipment on the OEC and involves a weight penalty of approximately 11 pounds.
Since the budgeted weight proposed for the OEC on Voyager ranges up to 125 pounds,
it is possible to include this equipment on the capsule.

2-149




TABLE 2-15. POSITION SENSOR ACCURACIES

Source Accuracy (30), km Comment

Deep Space Net (DSN) 1tol0 Smoothed position accuracy at
periapsis

Ranging from OEC to 110 Accuracy in range measure-~

Voyager ment

Mars sensor 100 to 300 Depends on nominal altitude;
this is an error in local
vertical measurement

Ranging between the Voyager and OEC is dependent on several factors.
First, both vehicles must carry additional instrumentation for tracking purposes.
The accuracy of the range vector can be established to +10 km (3¢) and is limited
mainly by the weight and power needed on the two vehicles.

There is one major drawback to the application of tracking between the
two vehicles as a primary mode. As indicated in the Voyager specifications

(Reference 1), the Voyager lifetime is nominally 6 months with a 2 month minimum.

Hence this form of position measurement could not be applied over the capsule

lifetime. This means of ranging could, however, be used for vernier orbit position

measuring or in a backup mode.

The last form of providing for position determination is an autonomous
method. The Mars sensor presented as an attitude measuring device can also be
used to determine the capsule altitude above the planet. This information is then
converted through the geometry into equivalent position in the orbit. The basic

accuracy of this device is a function of the nominal design point in the Mars orbit.

Errors attributed to the Mars horizon sensor can be suitably smoothed over a
number of orbits as will be shown in Section 2.5.4 to provide the desired orbit
accuracies. A desirable feature of this form of orbit determination is that the
data is referenced directly to the planet and the OEC determination process can
be carried on with only a sun and Mars sensor.

A summary of the solutions to the determination process is given in
Table 2-16. Each of the groupings of sensor performs the attitude and orbit
determination. As a basis for the analysis in the following sections, a brief
description of each group is presented.
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TABLE 2-16. ATTITUDE AND ORBIT DETERMINATION SENSORS

Group Sensors

A ° Sun

'Y Mars

B ° Sun
° Mars

° S-band to Voyager

or Earth
C ° Sun
° Mars
° Star
D ™ Sun
® Star

[ S-band DSN

The sensors in Group A represent the nominal baseline selection. Only two
sensors are required for measuring both attitude and orbit and in addition provide
autonomous operation. Because of the ambiguities attributed to perturbations on
the OEC orbit, another sensor is required in order to meet all of the mission
accuracy specifications. :

Addition of an S-band link on the OEC as a communication system backup or
alternate mode suitably meets the requirement for some additional orbit information.
An occasional range fix to Voyager or to the earth is all that is needed to uniquely
locate the attitude and position within the specifications.

A star sensor (Group C) can also be used to resolve the geometrical
ambiguity. This does require the addition of another sensor and could be considered
as an alternate although is not selected because of the added backup feature of the
S-band.
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The same conclusion is reached for Group D. This grouping does, however,
provide the most accurate measure of attitude and OEC position by the use of the
Sun, star and DSN. There is only one outstanding reason for using this comple-
ment of sensors. Inclusion of an atmospheric occultation experiment on the OEC
and Voyager may require exceptionally precise tracking. This could be easily
achieved with the DSN,

2.5.4 Attitude and Position Sensors

Having identified the alternative approaches for inertially locating the OEC
spin axis, the baseline sensors are next discussed. The operation and design
characteristics of these sensors are described below.

2.5.4.1 Sun Sensor

The high intensity symmetrical signal emanating from the Sun presentsitself as
a particularly useful source for determining a satellite attitude. At Mars distances,
the Sun subtends approximately 21 minutes of arc. The only major deviation from
uniformity in the Sun's photosphere is due to sunspots. A conservative analysis
has shown that the maximum shift in the center of radiation due to sunspots is less
than 0.52 arc seconds, which is negligible for the OEC mission. The irradiance
received from the Sun at the distance of Mars is approximately 62 mw/cm®. It has
a spectral distribution approximating that of a black body at 6000°k. Thus, the
majority of the sun's radiation lies in the visual spectral range.

Design Characteristics. A simple method of measuring attitude to the Sun
from a spinning vehicle is to produce a Sun pulse with a slit optics type sensor
shown in Figure 2-96. The width and orientation of the slit on the vehicle define
the width and shape of the sun pulse. A lower limit on pulse width is set by the
angular subtense of the Sun. By aligning two of these slit fields of view at some
preselected angle to one another, it is possible to measure the angle between the
satellite spin axis and the Sun line. Figure 2-96 illustrates the typical orientation
of the two sensors, labeled ¥ and 4)2' The plane of one fan-shaped field of view is
nominally parallel to the spin axis.

By inclining the second sensor to the first, an additional piece of informa-~
tion regarding the aspect of the spin axis to the Sun line is observed. Figure 2-97
shows the geometrical relationship. The Y -sensor is a spin angle sensor; its
telemetered output pulse serves as a reference for spin angle. The LPZ sensor is
rotated about the X-axis relative to the ¥ -sensor through the angle e.

The desired angle ¢ is obtained by forming the inner product of the Sun
line vector S and the unit vector €, normal to the inclined sensor. The unit vectors
are expressed in terms of the OEC xyz coordinates as

A

S = Rcos (¥-¥,) sin ¢ - ¢ sin (U-4,) sin¢ + 2 cos ¢ (2-154)
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and

€ = Jcose +% sine (2-155)
so

n

- € = -sin (li-L[JZ) sin ¢ cos € + sine cos ¢ = 0 (2-156)

10)2

Regrouping and writing in terms of &,

cotd = sin (lJJ-tlJZ) cot ¢ (-157)

Selection of the inclination angle between the two fields of view is based
on considerations for pulse width, scan time and accuracy. An angle of 35 degrees
represents an optimum angle of inclination. Hence

cot & = sin (lJJ-kPZ) cot 35 degrees (2-158)

Typical sensor pulse outputs are illustrated in Figure 2-98 for several vehicle
attitudes.

When the spin axis is aligned along the ecliptic normal, both sensors
receive the solar energy at the same time. However, if the vehicle is tipped in
either direction, there is a time difference between ¥ and H'JZ pulses as mentioned
above,

The ¥ and 4’2 pulses are telemetered to Voyager (after appropriate pulse
squaring), and then to Earth for ground processing and smoothing. The ¢ angle
can be determined to £+0.5 degree on a per pulse basis. By ground and in-flight
calibration of the actual unit, and by smoothing the data over a number of measure-
ments, the ¢ angle uncertainty can be reduced to approximately 0.2 degree (30).

A detailed sensor design is presented in Section 6.5. 2.

2.5.4.2 Horizon Sensor

The sun sensor establishes the angle between the Sun line and the OEC spin
axis within a 360 degree cone of uncertainty about the Sun line. By measuring the
angle from the spin axis to Mars, the spin axis can be uniquely determined.

The horizon sensor contemplated for the OEC mission is simply a horizon
crossing indicator operating in the infrared spectrum. When used in conjunction
with a spinning satellite such as the OEC, a signal is produced each time the leading
and trailing IR limbs of the planet are crossed. Figure 2-99 illustrates how the
sensor is used. OEC attitude is determined by measuring the time difference of
the leading and trailing edge crossings which is proportional to a scanned chord of
Mars. )
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Processed attitude data is used to update the initial OEC orbital information
on a periodic basis. By the use of two horizon indicators inclined to one another
at some fixed angle, and with knowledge of the spin speed and apparent IR disc, the
altitude of the capsule above Mars can be ascertained and used to establish an
updated orbit.

This form of horizon sensing for attitude or orbit determination has been
applied on such earth orbiting satellites as TIROS and the Hughes HS-308 satellite.
The accuracy requirements of each of these missions is greater than that of the
OEC, and hence there is no limitation in terms of sensor capability.

The above mentioned satellites are in circular orbits and within an altitude
regime of approximately 550t034,000 km. Operating with the satellite spin axis
normal to the circular orbit plane, the horizon sensor provides a continuous sampled
set of earth horizon pulses. Application of this sensing scheme to the OEC's mission
is somewhat different in this regard. The OEC orbits are elliptic and the attitude of
the capsule is not normal to the orbit plane. Therefore, there is an optimum spread
angle between the two sensors so that both cross the planet at some preferred alti-
tude, and there is also associated some particular nominal design position in the
orbit. Figure 2-100 illustrates the sensor application with the spin axis shown in
the plane of the orbit. For a particular orbit, the spread angle § is contained by

[t is desirable to cross at latitudes greater than 45 degrees because of the
sensor sensitivity to chord variations. Sizing the spread angle at apoapsis means
tnat at other positions in the orbit, the sensors will intersect at succeedingly larger
chords of the planet. As the chord increases in size, the sensitivity to distinguish
the actual chord length decreases. If on the other hand, the angle is sized at peri-
apsis, it is apparent that at some later position, the sensors will scan by the planet
which is viewed for only a portion of an orbit.

For horizon sensor application in which the satellite spin axis is near normal
to the orbit plane, the characteristic of sampling the horizon with both sensors
during only a portion of the orbit also exists. This is the case in point for the OEC
mission. The parameters which characterize the attitude and orbit determination
process are thus interrelated with the type of orbit and OEC attitude as well as
Mars characteristics.

Design Conditions. Operating altitudes ranging from 500 km at periapsis
to 20,000 km at apoapsis are considered in sizing the cant angle between the two
horizon sensors. The angle is defined by

sin—P- = Rm - (2-159)
&)
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where

R
m

I

Mars radius = 3393 km

h altitude from surface

For the above altitude range, the angle B is constrained to operate between
17 2P 2 102 degrees, where the angle is defined with respect to the planets actual
disc.

Assuming a nominal orbit of 10,000 km at apoapsis and 1, 000 km periapsis,
an angle of approximately B = 51 degrees is selected. This represents an average
size spread angle and is equivalent to an orbital altitude of 4,500 km. To increase
the indicator sensitivity, it is desirable to have the nominal latitude crossing near
45 degrees. This is equivalent to an optimum sensor spread of B = +21 degrees.

A summary of the pertinent design characteristics are presented in
Table 2-17.

Based on these accuracies, an unsmoothed error in spin axis determination
about the Mars local vertical of approximately t1.5 degrees (3¢) is expected.

A detailed description of the sensor is given in Section 6.0.

TABLE 2-17. HORIZON SENSOR CHARACTERISTICS

Nominal Mars chord scan time 83.3 milliseconds
Nominal horizon scan time 5.6 milliseconds
Field of view 1.5x 1.5 degrees
Objective lens 1.125 inch diameter
Minimum irradiance 0.14 microwatts
Minimum detectable signal 100 microvolts
Logic threshold V 80 microvolts
Horizon indication error (3¢) 10.72 degree
Maximum horizon indication error including i +0.8 degree
noise (3¢)
Mars chord error (30) 1+1.1 degrees
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2.5.5 Determination Process

The OEC mission geometry has been described in Section 2.5.2. Both the
ambiguities due to locating the capsule position and attitude have been pointed out.
Having described the basic performance of the sun and horizon sensors, the dis-
cussion can proceed to the manner by which the attitude and orbit locations are
specified from the sensor data. Since both attitude and orbit are located with the
same sensors, it is reasonable to operate in the following manner:

1) Transmit raw sensor data to Earth.

2) Smooth data to provide an attitude accuracy within the desired limits.

3) Use the smoothed data for orbit determination program.

2.5.5.1 Attitude Determination

Raw sun sensor data is presmoothed by a single process of averaging
successive readings. This technique, which is accomplished at the ground station
with conventional electronic computers in a very simple and reliable manner, allows
reduction of the normal rss measurement error.

The largest source of error in this device is optical and mechanical
misalignment. These errors have resulted in attitude uncertainties of up to several
tenths of a degree on past spacecraft and have a greater effect than the random
errors. Several methods of reducing these errors are possible:

° Optical alignment or determination of the optical response of the
sensor

° Control of the uniformity of the viewing slits as well as the incidence
angle of illumination on the sensitive chip.

. Removal of characteristic biases by in-space calibration through
comparison with the horizon sensor and through careful data
reduction.

Measurements taken by the Mars horizon sensor also contain random and
bias type errors. The most restrictive errors are constant bias errors since the
random or noise errors are small when smoothed over a sufficient number of
measurements. Bias errors affect both types of data available from the Mars
sensor: the angle between the OEC spin axis and the Mars local vertical (designated
), and the measurement of the angular separation of the spin axis — Sun line
plane and the spin axis — Mars line plane (designated Y.). As shown in the following
discussion, these data types are independent and thus subject to different bias
errors. Measurement of @y, is biased by misalignment of the capsule geometrical
axis and its true axis of maximum moment of inertia about which it will rotate.
Misalignment of the sensor mechanical axis with OEC's geometrical axis contrib-
utes to the overall error and in turn the uncertainty in the alignment of the sensor
optical axis to its mechanical axis is present.
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A final source of error which was discussed is the uncertainty in the
Martian infrared horizon. As indicated in Section 6.0, some form of compensation
could be gained with additional logic circuitry. However, variation in radiance

between the leading and trailing edges of a single scan is the principal source of
error in this device.

These errors are summarized together with a breakdown of the bias error
sources for ll’c data and their expected magnitudes in Table 2-18. These include
radial misalignment of the sensor mechanical and optical axes, sun sensor reference
pulse uncertainty, and horizon uncertainties. The horizon uncertainty represents
the largest source of error. ‘

The exact nature of the effect of each of the enumerated biases on the
attitude determination process, and the data reduction techniques required to remove
them, are discussed in a later section.

Sensor Equations. This section describes the exact nature of the attitude
information derived from the raw measurements made on the capsule. As previously
mentioned, three independent types are available:

¢ Data from sun sensor giving the angle between the spin axis and the
Sun line
¢ Data from Mars sensor giving the angle between the spin axis and
m

the local vertical

TABLE 2-18. MARS SENSOR BIAS ERRORS (30)

¢ Data
m
Spacecraft principal axis uncertainty 0.05
Sensor mechanical axis misalignment 0.05
Sensor optical axis misalignment 0.05
Horizon uncertainty effect 1.40
Root sum square 1.40 degrees
L]JC Data
Sensor radial misalignment 0.07
Sensor optical axis misalignment 0.05
Sun sensor reference uncertainty 0.10
Horizon uncertainty effect 1.40
Root sum square 1.41 degrees
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LLC Angle through which spacecraft rotates between receipt of
Sun pulse and receipt of Mars pulse

(See Figure 2-101 for illustration.)

Sun sensor or @ data is obtained directly from the raw measurements of
the time separation between successive main beam or ¥ sensor pulses which indicate
the spin period and the time delay between the ¥ sensor and the second, canted beam.
It is evident that the ratio of this second time to the spin period is the same as the
ratio of spacecraft angular rotation during this time to 360 degrees. This rotation
angle is designated ‘PZ and isused directly with spherical trigonometry to give the
equation for @ listed in Table 2-19 and developed earlier.

The derivation of the Mars sensor equations also stems from spherical
trigonometry. For a brief discussion of the derivation, refer to Appendix A,
The computational equations appear in Table 2-19,

The angle ¢ is measured in the plane of the spin axis and the Sun line; the
angle @,,, is measured in the plane of the spin axis and the Mars line. If these two
planes coincide (Figure 2-101b), then clearly the information is redundant, and
worse, neither gives an indication of any attitude component slightly out of this
plane, if one is present. (That is, even if the attitude is displaced some small
amount from this plane, @ and ¢m would change negligibly.)

Fortunately a third type of information is inherent in the sun sensor —
Mars sensor combination and is designated Yo- It is defined as the spin angle
through which the satellite rotates between receipt of the Sun pulse and receipt of the
Mars center pulse. This data is calculated in the manner indicated in Table 2-19
(refer to Appendix A for the approximate derivation). This data tends to be most
sensitive, and therefore most useful, when the other two types are redundant. To
illustrate this, again consider the case just discussed when the Mars, Sun, and
spin axis vectors are all coplanar. As qualitatively indicated in Figure 2.10lc,
this small out-of-plane component of the spin axis results in a definite change in¥
from the 180 degree (or 0) it would register if the spin axis were in the plane.
That is, the partial derivative of LIJC with respect to this out-of-plane attitude
component is significant,

Attitude Determination Accuracy. The previous discussion characterized
the content of data obtained from each of the sensors and the relationship to the
measurement of the OEC attitude. Many data points are collected from each of
the sensors; this data is then to be used to determine a best estimate of actual
(inertial) OEC attitude. The method of attitude estimation adopted is a least squares
fit to the expected time variation of the local vertical reference. A detailed repre-
sentation of the proposed technique is discussed in Appendix A.

The attitude determination process requires only a small amount of the total
sun sensor data available per orbit. Since the OEC spin speed is nominally 60 rpm,
a measurement of the Sun pulse every revolution will give 3600 samples per orbit
(10,000 km x 1000 km altitude). This is more than adequate since the OEC attitude
remains fixed in inertial space except for the projected effects of perturbations.
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TABLE 2-19. ATTITUDE SENSOR EQUATIONS

Sun sensor
-1 .
@ = cot [cote sin 4J2]

where @ = angle between spin axis and spacecraft-to-Sun line

m
H

cant angle between sensor beams

€
i

2 spin angle between pulses from each sensor beam

Mars sensor

cos - cos
@, ¢rn cosm

Cosoa =

1 sin §_ sinn
where o = one-half the scan angle of the sensor during which Mars
is viewed
¢m = angle between spin axis and spacecraft-to-Mars centerline
M = angle between spacecraft spin axis and sensor optical axis
@, = apparent semi-diameter of Mars as seen from satellite
altitude
U = costl |5 m-(3 M) (s-3)
\[l - (7. m)z\/l - (_-_2
where Y = spacecraft spin angle between Sun pulse and Mars center
pulse
s = unit vector from spacecraft to Sun
m = unit vector from spacecraft to Mars center
‘a = unit vector in spin axis direction
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The data requirements of the Mars sensor are sized somewhat differently
since the OEC orbits the planet and does not necessarily view it continuously. The
determination of the orbit requires waiting until data is received from both sensors.
Obviously, each sensor individually views the planet for a duration which is much
greater than the dual coverage period. The sampling rate for the horizon sensor
is thus set by the necessity for dual coverage to establish the OEC orbit update.

The attitude determination process is carried forthin a continuous fashion
(i.e., data is sampled over the entire mission), providing an update of the spin
axis attitude. For example, data is measured over a segment of an orbit and
then operated on. This is a repetitive operation. The resulting attitude accuracy
is based on smoothing over the measured samples, removing the contribution of
random errors. In this manner, a spin axis attitude of <1.0 degree (3¢) and Sun
line attitude of <$0.2 degree (30) can be met.

With additional mathematical modeling, it is possible to remove some of
the source of bias error. Disturbances such as solar pressure can be modeled
with parameters which are estimated as a part of the attitude determination
process. These methods are currently being applied on the ATS missions and
have provided a greater attitude accuracy.

2.5.5.2 Orbit Determination

There are two aspects of orbit determination to consider: the operational
system and the preliminary accuracy analysis. These will be discussed in separate
sections, though they are not completely unrelated. Briefly, the discussion of the
operational system centers around the orbit determination process as related to
the OEC mission, while the preliminary accuracy analysis includes the derivation
of error expressions and the results of a digital computer accuracy study.

The orbit determination process consists of two phases: preliminary orbit
specification and differential correction. The preliminary orbit can be found using
expected injection conditions or a minimal set of measurements (e.g., six indepen-
dent quantities specify a conic orbit). For the OEC, the former approach will be
used, based on knowledge of the Voyager orbit and the nominal separation maneuver
and orbit-change maneuver (if any). The differential-correction computations form
the bulk of the orbit determination process and are contained in the remainder of
this section.

The preliminary orbit will probably not agree with the actual orbit, and
the differential-correction computation is a way of using additional measurements
to refine the estimate of the true orbit. This is a good place to emphasize a fact
that is often forgotten — the output of an orbit determination computation is an
estimate of the orbit; the true orbit is never known. To specify the motion of the
vehicle completely, it is necessary to know the complete dynamics, including all
perturbations, the estimated orbital motion is a ""best fit" of the assumed model to
the measured data, where the precise meaning of best depends on the correction
algorithm. Thus, a successful orbit determination requires a realistic dynamical
model as well as sufficient data.
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The degree of realism required in the dynamic model used for the orbit
determination computation depends on such factors as type of orbit, duration of
the mission, amount of measurement data, data rate, and estimation algorithm.
For example, for a short-term orbit estimation a relatively crude model may
suffice, but for a long-lived mission the problem is more involved. If the measure-
ment data is sparse, a quite refined model may be required, while a greater data
rate may allow a simpler model for the proper type of data processing algorithm.
Specifically, the orbit determination for a long-term mission with high data rates
can be performed as if it were a sequence of short-term estimations, each giving a
local fit of a simple model to the latest motion. However, if the algorithm is not

made to "forget'' earlier data, a more complex model is necessary, even with
continous data.

To complicate the problem somewhat, there are two types of modeling
errors: qualitative and quantitative. The former error can be the omission of a
perturbing effect or the improper description of the physical mechanism causing
a perturbation; the latter error is the use of an incorrect value for a numerical
parameter describing a perturbing force. As noted in the preceding paragraph,
an intentional qualitative modeling error may be used to simplify the computational
complexity of the estimation process; on the other hand, a significant unintentional
error can seriously degrade the orbit determination. If a parameter is not known
with sufficient precision, it can be included as a quantity to be estimated, and the
estimation scheme will compute the best value consistent with the rest of the model.
Unknown perturbing forces can be allowed for by including a functional expansion,
e.g., a Fourier series, with undetermined coefficients, where the coefficients are
mode parameters to be estimated.

The preceding discussion will now be specialized to the OEC mission. The
term of the OEC mission is sufficiently long that the orbit undergoes significant
perturbations. Because of the two widely differing concepts advanced for the OEC,

i.e., orbit-change and co-orbital, the discussion of orbit determination for the OEC
is divided into two parts.

Co-Orbital Mission. The keynote of the co-orbital mission is simplicity.
The separation maneuver is to be accomplished with sufficient precision that the
subsequent motion of the OEC relative to the Voyager can be pre-computed with
little error.* If the inaccuracy of the pre-computed relative motion is sufficiently
small, the OEC position can be inferred from the Voyager, since there is a require-
ment to perform an orbit determination for the Voyager. However, attitude control
maneuvers may be performed by the Voyager after separation that introduce signifi-
cant perturbations in its orbit; if so, the validity of the precomputed relative motion
is degraded, and the approach may not provide sufficient precision in the estimate of

*This possibility is considered in Appendix B. The principal error with this scheme

occurs due to uncertainty in the (small) difference in orbit period between OEC and
Voyager. This parameter could be measured using the Mars sensor; however,’
with or without Mars sensor data, the scheme is subject to serious objections, as
indicated above.
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the OEC position*. Moreover, if the Voyager changes its orbit during the mapping
mission, the relative-motion concept cannot be used.

Because of the present uncertainty in the planned Voyager mission, it is
necessary to assume that some form of direct orbit determination will have to be
performed for the OEC. The question is how? The three schemes that suggest
themselves have been discussed earlier. They are Earth-based measurement,
Voyager-based measurement, and autonomous or OEC-based measurement.

Orbit Change Mission. For the orbit change mission, the OEC must have
sufficient autonomy to provide for the orbital adjustments which are contemplated.
In Section 2.5.2, the discussion indicated that the measurement of the attitude and
orbit could be accomplished with the proposed sensors.

In that same discussion it was tacitly assumed that it is necessary to
measure instantaneously enough quantities to provide a unique estimate of position
and attitude; the discussion was oriented to show that orbit determination and
attitude determination are but obverse and reverse of a single coin. The next step
is to include the dynamic aspect of the estimation, since a sequence of measure-
ments of a changing quantity can take the place of additional measurements of
different quantities.

Appendix B presents a discussion of the dynamic modeling considerations
and illustrates how the differential corrections could be computed.

The basic idea of the orbit determination computationis to provide a correc-
tion to the nominal parameter set. There are a number of ways to approach the a
actual numerical mechanization of the orbit determination program; the choice
depends on a number of factors, some theoretical and some practical.

The orbit update algorithm can be derived on the basis of different smoothed
criteria, which may or may not be based on the concepts of probability theory. For
the linearized approach, the details of the computations are similar for the proba-
balistic approaches; indeed, the only difference is in the specification of the matrix
R in the more general expression of the classical least square fit

M= [8,/o5)T R™) [55, /ap]} " [25,/2p)" R

*From the results of the analysis in Appendix B, it is doubtful that sufficient
precision can be obtained even if the Voyager position is known exactly.
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In the nonprobabilistic theory R is simply a weighting matrix assigning a measure
of the relative importance of the various measurements; in the probabilistic theory
R is the covariance matrix of the measurement noise and the expression

[ash/ap]T R'l[ash/ap] -

is the covariance of the error in the estimate of Ap, a fact which will be useful for
the accuracy analysis later on.

As presented thus far, the orbit determination program is a huge matrix
manipulation routine; however, instead of handling the data all at once, the program
can do the improvement sequentially, if it is so written. The theory and practice of
sequential estimation has received much attention in the literature, and a thorough

discussion is beyond the scope of this report; see, for example, References 22 and 23.

Appendix B contains a detailed discussion of the sequential approach to the orbit
estimation problem.

Accuracy Analysis. An orbit determination accuracy analysis provides an
a priori estimate of the dispersion of the error in the orbit correction, and should
not be confused with the orbit determination itself. The confusion arises from the
fact that the error estimate is computed using a part of the filter; recall that one
of the matrix factors relating the measurement error to the correction is the a priori
covariance of the error in the estimate, just the quantity desired from an error
analysis. The accuracy analysis can be performed as a single matrix computation
or sequentially, just as the orbit determination itself; the choice between the
approaches is strictly practical, since the resulting answers are theoretically
equivalent. The differences between the accuracy program and the determination
program are the following. First, there is the obvious difference that a state cor-
rectionis never computed during an accuracy computation; as trivial as this may
seem, it is sometimes overlooked. Second, the nominal parameters are not
updated, there is no need for relinearization or iteration. The resulting accuracies
are only as good as the linearization, and it may be useful to modify the nominal to
ascertain the sensitivity of the covariance to such changes.

Accuracy estimates were run for an orbit with a 10,000 km apoapsis altitude
and 1500 km periapsis altitude. The assumption was made that the two planet
sensors were canted +15 degrees to the vehicular equator, i.e., 30 degrees apart.
This assumption, although different from the desired separation of 41 degrees does
not greatly change the results. The basic difference is the time that each sensor
intersects the planet and the duration that both sensors intersect. Having specified
a desired separation angle, the only two variables are the nominal position in orbit
where the sensor is optimally designed and the minimum number of samples of the
Mars horizon in the vicinity of this point. The portion of the orbit during which the
planet is seen by the sensors depends on the attitude of the OEC with respect to the
orbit. From Appendix B it follows that the altitude of the orbit must be less than
9790 km if both sensors are to see the planet. From the polar equation for a conic
trajectory

_af(l - ez)
"1+ e cosv

(2-161)
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where r is the radial distance from the focus to the conic, a is the semimajor axis,
e is the eccentricity, and v is the angle from the periapsis direction to the radius
vector, it is easy to find the zone of possible sightings by both sensors, which is
shown in Figure 2-102. Note that if the OEC spin axis is normal to the orbit plane,
Figure 2-102 shows the only region of visibility. If the spin axis is in the orbit
plane, aligned with the axis, the visibility regions, found graphically, are as shown
in Figure 2-103(a), Orientation A. Similarly, if the spin axis is aligned with the
minor axis, the visibility zones are those shown in Figure 2-103(b), Orientation B.
The two-sensor region of Figure 2-103 was picked as a representative pessimistic
case for the study; this case corresponds to about 20 minutes of data on each side
of the 7-hour orbit. '

Another important attitude-like parameter is the position of the Sun with
respect to the orbit plane. For example, if the Sun vector is normal to the orbit
plane, to first order, the angle between the Sun-OEC and Mars, 7n , provides no
information about the in-plane parameters of the orbit. Similarly, if the Sun vector
is in the orbit plane, to first order, the anglen provides no information about the
out-of-plane parameters. Moreover, if the Sun vector is close to the orbit plane,
the sun sensor may be eclipsed and solar illumination from the region behind the
disc of Mars may result in the loss of planet sensor information. Three sun vectors
were chosen for the accuracy estimation study; two were inclined 45 degrees to the
orbit plane, one with its projection along the major axis, the other with its projec-
tion along the minor axis; the third sun vector was in the orbit plane aligned with
the minor axis. The assumption was made that one entire view period per orbit
was lost because of eclipsing in the last case.

The next class of inputs are the statistics of the errors in the initial state,
as reflected in the initial covariance matrix; these were the most difficult to assess.
The initial errors in the OEC orbit are due to three sources: the uncertainty in the
Voyager orbit, the uncertainty in the separation maneuver, and the uncertainty of
any orbit-change maneuver. Because of the small separation velocities envisioned,
the uncertainty in the velocity increment is a negligible portion of the initial error;
assuming a 3¢ value of 10 percent execution error for a nominal separation of 10~
km/min results in a variance of about 0.3 x 10™° (km/min)%. Since orbit change
maneuvers may be on the order of 200 times as large as the separation, as
measured by velocity increment, the variance for an equivalent percent error is
4x10-4 as large as that for separation. The difficulty is assessing the errors due
to the uncertainty in the Voyager orbit arises from the lack of definitive information
about orbit determination for Voyager. However, some data is available in the form
of requirements in Reference 1.

The Voyager orbit determination requirements were given in terms of the
semimajor axis a, the eccentricity e, and the time of periapsis passage t. For
definiteness, the initial position was assumed to be at apoapsis; as a result errors
in a and e could be translated into radial errors and errors in t into in-track errors.
Since no information was given about cross-track errors, they were assumed to be
equal to in-track errors. The apoapsis altitude errors are found from the equation
for the apoapsis radius

r = a(l + e) (2-162)
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from which

Ara= (1 +e)Aaa+ade (2-163)

This error inthe time of periapsis passage can be related to a position error

through the periapsis velocity, which can be found from the formula for speed:as a
function of radial distance from the force center

vt = p.(% - -i-) (2-164)

The apoapsis position error is related to the periapsis position error by the ratio
of apoapsis radius to periapsis radius, since a change of periapsis position implies
a rotation of the entire lineof apsides. It was further assumed that the resulting
position error variance was the sum of equal in-track and cross-track errors. The
worst case requirements from Reference 1 are given in Table 2-20; the resulting
initial error variances, assumed uncorrelated, are given in Table 2-21. It should

be noted that the design goal for Voyager is at least an order of magnitude better
than the worst case requirements listed.

TABLE 2-20. VOYAGER ORBIT ACCURACY REQUIREMENTS

Quantity 30Error
Semimajor axis, a 10 km
Eccentricity, e 1074
Periapsis passage time, t 5 seconds

TABLE 2-21. ASSUMED INITIAL ORBIT ERROR VARIANCES

Quantity Initial Variance
Radial position 25 km?
In-track position 112.5 ka
Cross~track position 112.5 km2
Radial speed 0.013 (km/min)z
In-track speed 0.08 (krn/min)2
Cross-track speed | 0.08 (km/min)2

2-169




The final set of inputs to the program specifies the sensor characteristics,
including the spin rate of the vehicle, which is the basic limitation to the sampling
rate. The minimum value, 50 rpm was used for the spin rate. The basic angle
accuracy was assumed to be 1.5 degrees (30), with three variations: all the error
is bias error, all the error is random error, and the error is half bias and half
random. For range measurements, the error was taken as the Voyager position
uncertainty, since the measurement itself could be made much more accurate.

The first set of runs was for angle sensors only and resulted in the error
curves shown in Figure 2-104. The curves in Figure 2-104a correspond to a sun
vector oriented 45 degrees to the orbit plane with its projection aligned with the
minor axis of the orbit. The trends shown in Figure 2-104a are generally what
would be expected; errors due to biases decrease more slowly than errors due to
random noise, although the ultimate behavior is nearly the same. For the situation
described, the desired position accuracy can be achieved with at least a probability
of 0.97 after about four and one-half orbits. The curves in Figure 2-104b correspond

to a sun vector oriented 45 degrees to the orbit plane with its projection aligned with
the major axis of the orbit.

Qualitatively, Figures 2-104a and 2-104b are quite similar, but the accuracy
achieved by the orbit determination in the latter situation is somewhat worse; by
extrapolating it appears that the desired accuracy can be reached in about five and
one-half orbits. The curves in Figure 2-104a appear to be much worse than those
in the preceding cases, which is understandable; the orientation of the Sun vector
along the minor axis results in a solar eclipse during one measurement period,
which, by the ground rules set up, is considered equivalent to a complete informa-
tion blackout. Thus the estimation modeled in the computations leading to Figure
2-104a is based on half the information available in the other cases, which would
suggest that the estimation takes about twice as long to reach any given accuracy.
The prediction is roughly borne out by the portion of the curve shown.

Should it be necessary or desirable to improve the estimation accuracy faster
than the sensors alone allow, range information can help. Ranging to Voyager for
example as a vernier correction on OEC position can provide a reduction in the
uncertainties in a shorter number of orbits. To demonstrate how effective ranging
is, the worst-case situation was rerun, modified by the addition of seven range fixes
during the first orbit, as shown in Figure 2-105. The Voyager initial state was
perturbed slightly from that of OEC, 5 km in position and 0.5 km/min in velocity
to simulate the effects of a small orbit change maneuver. The overall range accuracy
was taken as 26 km (30) which includes actual range imprecision plus Vouager
uncertainty. Note that the Voyager position accuracy for the purpose of the range
measurement was assumed to be somewhat better than that given by the maximum
eigenvalue of the initial error covariance for OEC; this was done somewhat arbitrarily
to account in some way for the fact that the range vector rotates and not all measure-
ments are really as bad as the worst case would imply. In any case, the accuracy
used is still quite conservative. The improvement in the estimate is dramatic, as is

shown in Figure 2-106. Further improvements would result if range measurements
were taken over more orbits.
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A sample run was made for a nominal orbit with a 20, 000 km apoapsis
altitude and a 1500 km periapsis altitude, and the results indicated that the expected
accuracy is roughly equal to that obtained in the lower orbit on a per orbit basis, at
least for two orbits. A complete five-orbit run could not be made because of a
numerical instability problem. Because the orbit is higher, the sensor information
1s of poorer quality, but the speed is lower, allowing more data to be gathered; the
two effects balance each other out, resulting in equivalent accuracies. However,
since the higher orbit has a period which is about twice as long as that of the lower
orbit, it takes about twice as long to achieve a given accuracy.

Before the discussion of the results is terminated, some comments should
be made about the meaning of the number used to present the results of the accuracy
computation. As noted previously, the position error was taken as three times the
largest dimension of the error ellipsoid; this choice implies that the probability
that the true position is within a sphere about the estimated position of radius equal
to the stated error number is at least 0.971. If instead of three times the maximum
0, some other factor, say k times the maximum o, were used the lower bound on
the probability would be different. The variation of probability with k is given in
Appendix B, Equation B45, and is plotted in Figure 2-107. The value chosen for k
is just past the knee of the curve; increasing k does not increase probability much,
but reducing k has a considerable effect. Figure 2-108 shows the behavior of the
lo, 20, 30, and 40 boundaries with time for the worst case estimate. Thus, the
time to reach a given accuracy depends on how much confidence is to be placed in
the accuracy figure.

Conclusions. Based on a rather conservative estimate of the expected orbit
determination accuracy for OEC, the position of the spacecraft can be specified to
within 10 km at periapsis and 60 km at apoapsis, with probability greater than 0. 97,
after an observation period of a few days.

The exact time to achieve the desired accuracy depends on the actual orbit
and sensor error characteristics. The maintenance of the precision over long
periods of time depends on the type of orbit determination program and the validity
of the dynamic model.

The results assume that the sun and Mars sensors uniquely define the attitude
and position. For these results to apply to the OEC mission, another piece of
information must be assumed to resolve the attitude/orbit ambiguity; otherwise the
errors are actually greater. The baseline OEC mission does contain an S-band link,
and hence the above accuracies are valid.
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2.6 ATTITUDE STABILIZATION, CONTROL, AND
ORBITAL MANEUVER REQUIREMENTS

In this section, the external perturbations and controlled changes which
alter the OEC attitude and orbit are considered. A design requirement of the OEC
mission is that the stabilization system operate over the 6 month lifetime. This is
true for the co-orbital as well as orbit change systems. To determine if the atti-
tude accuracy requirements can be met, the perturbing forces acting on the capsule
and causing its attitude to deviated from the ecliptic normal must be assessed. The
requirements for attitude corrections and changes preliminary to an orbit maneuver
must also be determined to provide for the sizing of the propulsion system. Finally,
the velocity increment requirements for changing the orbit of the OEC must be estab-
lished for the various maneuvers contemplated.

2.6.1 Effects of External Disturbances on Attitude

Design of the attitude control system requires the determination of the atti-
tude errors due to external disturbances such as solar radiation pressure, Martian
gravitational effects, and aerodynamic drag. These disturbances are treated, but
first the assumed OEC orbital environment is established.

For the purposes of discussing the stabilization tradeoffs and analyses, a
nominal spacecraft and three basic elliptical orbits are assumed.

The nominal spacecraft parameters assumed for the various analyses are:

7.5 slug—ft:2

1]

I, (spin inertia)

I = 7 0 slug-ft2
y

2
I = 5,0 slug-ft
X
M (mass) = 4,1 slugs
w, (spin speed) = 60 rpm

The characteristics of the three selected elliptical orbits are as follows:

Co-orbital Mission

Apoapsis, hy 10, 000 km

Periapsis, hp 1000 km

Eccentricity, e 0.5051

Semimajor axis, a 8910 km
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The equations used in describing the various orbital functions are:

r (radius)

] ('angula r rate)'

Semi-lattus rectum, p

Period, P

Orbit Change Case I

Apoapsis, ha
Periapsis, h

P P
Eccentricity, e

Semimajor axis, a

Semi-lattus rectum, p

Period, P

Orbit Change Case II

Apoapsis, ha
Periapsis, h

P p
Eccentricity, e

Semimajor axis, a

Semi-lattus rectum, p

Period, P

Mars gravitational constant,

Orbital inclinations relative

to ecliptic

v, (tangential velocity)

a (1-e2)

l+ecos?b

a (1-e?) = 6637 km

7.08 hours

10, 000 km
500 km
0.5485
8660 km
6054 km

6. 79 hours

10,000 km
200 km
0.5758
8510 km
5689 km

6. 61 hours

4,28 x 104 Km3/sec2

5 degrees = ie < 45 degrees

Sz 12 1 2102

2
r
ul/z (l-i—e2 + 2e cos 6)1/2
a‘1/2 (1-e2)1/2
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(2-166)
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t (time measured from periapsis) = 2— (E-e SinE) (2-168)
2T

2. 1/2 .
E =sip |{l-e) ' sineg (2-169)

1l +ecosg

2n a3/2

P = (2-170)
#172

roL. T
a =—21P (2-171)
2

The disturbance torques acting on a vehicle which tend to precess the spin
axis from itsdésired orientation result from gravity gradient, secular solar pres-
sure, and, for low periapses, aerodynamic effects. Magnetic torques will be negli-
gible because of experiment requirements for magnetic cleanliness,

2.6,1,1 Solar Pressure Torques

Considerable effort has been devoted at Hughes on such progarms as ATS,
Syncom, and Early Bird to study and minimize the effects of solar radiation pres-
sure on similar, but more complex, vehicle configurations. In addition, in-flight
precession rate data for Syncom 2 has verified the predicted torque values for
that vehicle within the attitude measurement granularity.

The simplified spacecraft model utilized in this analysis consists of a
34 x 35 inch cylinder open at both ends (4 inch openings assumed). The torque
about an axis normal to the spin axis (z-axis and the Sun line of sight) is expressed
as (Figure 2-109): :

T = [ F(Vi’ r, h, he, 0, LZ) (2-172)
where
v, = reflectances of various surfaces
r, h, he = spacecraft dimensions
hm =h + 2he
0 = angle between spin axis and Sun line of sight, nominally 90 degrees
I__z = distance from CP to cg
P = solar pressure constant
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2

R 8 2
= P earth (——-) = 4.1 x 10: lb/ft
Rm

The booms are not included in the solar model as their effect is negligible.

The complete set of expressions implied in Equation 2-172, including shadow-
ing effects, are programmed on the digital computer and developed in References 15
and 16. The program output yields the solar torques for various values of ¢, For
purposes of parametric tradeoffs, Equation 2-172 may be expressed as:

erh
T =P_ (3+v) m] 19, v,) (2-173)
E s ~ L 3 J

= p_AL(P, v) =5.624 x 10~ 7 (£t-1b/ft)2

where
(9, Vi) = effective CP - cg offset
computed by the digital program
i F(vi, T eeeesa)
Ap
and

>
e}
[

o]

effective projected area for

normal incidence (¢ = 7T/2)

The variation of (¢, v,) is illustrated in Figure 2-110 for many values of L
(relative cg location). For this analysis, a vehicle CP-cg location of +2 inches is
assumed,

The resulting change in the spacecraft angular momentum per orbit as a
function of ¢ ( ¢ remains constant over several orbits) is illustrated in Figure 2-111,
This change in angular momentum is periodic in inertial space with period of 1 year
causing the z-axis to precess from its inertial position,

The nominal orientation of the spacecraft will determine the variation of ¢

over the vehicle lifetime. For a nominal spin axis orientation normal to an orbit
plane inclined 45 degrees to the ecliptic, 45 degrees <¢ < 135 degrees. If
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orientation is normal to the ecliptic, variations in ¢ will be a small angle about the
nominal T/2. The constraints for solar cell illumination and the attitude sensors
will dictate the allowable variations in ¢. In order to account for the potential
variations in 6, the maximum change in the angular momentum per orbit is

5.65 x 10-3 ft-lb-sec/orbit (periapsis - 1000 km).

2.6.1.2 Gravity Gradient Torques

The net gravity gradient torque acting on the spacecraft about an inertial
axis normal to the spin axis is given by:

-3 £
TX = -3r3 AIa,23 as3 Cos 6 (2-174)
where
Al = effective inertia difference between the spin axis and
transverse axes
I +1I
Al =1 (_X__Y) (2-175)
“ 2

ay3s @33 = direction cosines relating orientation to areocentric
coordinate set
Resolution of an inertial spin axis attitude error, ¢, , at periapsis relative
to the areocentric coordinate set results in the expressions for the direction
cosines given as:
s ]

-
2l 1211212 213

y1=1221 222 ®23|| ¥ (2-176)

7] |31 %32 %33] £a

The necessary direction cosines are:

a,y = - sin ¢y cos 8 (2-177)
a,3 = cos M
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Substituting Equations 2-175 and 2-176 into 2-174, and solving for T .At, the

angular momentum added per orbit in inertial coordinates due to gravity gra%ient
torques, results in:

: T
T At~ 3 pAl sin 29y cosz 0dt
G 2 r3
0
T/2
= 6AI w_ sin 2 e / (1 + e cos 0) cos2 6 dé (2-178)
0
l- (IX +1 )-l 5
:6(4_) IZ-_TY {l'i‘-—e) Sln2¢u
Pl IACE
where
w, = 6(p) = angular velocity at r = p

(see Equation 2-165)

Evaluating Equation 2-178 for various periapsis altitudes (h_) for the selected
orbits results in the variation of the normalized gravity torque momentum change
(TGAt) /(AL sin 2 op) for the three orbital cases considered,

The results are tabulated in Table 2-22,

Substitution of the inertia values, given previously, into the normalized
angular momentum change results in Figure 2-112 which illustrates the variation
of TG At with @y andperiapsis altitudes. If the satellite transverse alignment of
inertia is not identical, as might be the case, the impulse TGAt could be 20 to 30
percent larger,

The angle ¢, is constrained to lie between +45 degrees if the spin axis orien-

tation is normal to the ecliptic, However, for nominal orientation normal to the
orbit, ¢, is a small angle, Therefore the maximum gravity gradient disturbance

TABLE 2-22. NORMALIZED GRAVITY TORQUE MOMENTUM CHANGE

. L (TG At)/(AI Sin 2¢£),
Orbital Periapsis, km ft-1b-sec/slug-ft
1000 2.58 x 1073
500 3.04x 107>
200 3.39 x 107>
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torques occur at ¢y = £45 degrees and will be used for the sizing of the control
system propellant requirements. Although these torques are cyclic over a year,
they appear secular for the 6 month mission projected.

2.6.1.3 Aerodynamic Torques

The process of solar torque estimation can be applied to aerodynamic torque
estimation, assuming the effective reflectances equal to zero and replacing the solar
pressure constant, p_, with the incident pressure for free molecular flow, pVZ2, in
the direction of the orbit tangential velocity vector.

The Martian atmosphere assumed in this study is taken from the table of
atmospheric characteristics given in Section 2. 2. The model labeled VM-9 was
shown to be the most critical with respect to lifetime requirements and is there-
fore chosen for this worst caseanalysis.

Based on the given atmospheric parameters, a power law approximation was
used to determine the appropriate relationship between the density and altitude,
The variation of density with altitude is used to produce Figure 2-113 where the
value of pVC2 1b/ft2, is given as a function of altitude for a circular orbit.

Since the density drops off very rapidly for altitudes greater than 400 km,
the orbital time spent below this altitude is required; i.e., for a 400 km circular
orbit, TAt = 6.5 x 10-5 ft-1b-sec/orbit. Converting this value to an elliptical
orbit, periapsis = 400 km, will result in an angular momentum considerably less
than that generated by solar and gravity gradient torques.

In order to account for the increased velocity for a 200 km periapsis altitude,
over a circular orbit, the velocity expression of Equation 2-167 is utilized, giving:

(2;177)

(l) _ 11+e2’ +2e cos @) r
'Vc a(l-ez)
where for 200 km < h < 400 km, the values of (V/V )2 are 1,552 < (V/V )2 £1,576;

hence a constant value of 1,564 may be used with vgry little error. Thé resulting
torque expression for normal incident is given as:

2
I pVCZ(_V_) A

[ A\

where (2-178)
g =CP-cg offset
A = effective projected area
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A curve of the aerodynamic force, T/f versus At, is illustrated in
Figure 2-114. The aerodynamic force builds up as the OEC enters the atmosphere.
A maximum torque on the capsule occurs when the OEC passes through periapsis;
however, it is the integrated torque that is important. On a per orbit basis, the
total change in angular momentum is a function of the total impulse which can be
found from Figure 2-113. Numerical integration of the area under the curve yields

T At/g = 14.3 1lb-sec

The actual aerodynamic torque experienced, of course, is dependent on the
spacecraft orientation. Based on the solar torque data and the assumed CP-cg
off set of 2 inches, the maximum aerodynamic angular momentum, for orbital
inclinations =45 degrees, should be approximately

(2.0) (14.3)
6

T At ~ = 4.8 ft-1b-sec/orbit

2.6.1.4 Disturbance Torque Summary

The normalized values of momentum change per orbit due to solar pressure,
(T SAt) /(LA), aerodynamics (T p At)/Af), and gravity gradient (Tq At) /AL sin 2 ou)
are all illustrated in Figure 2-115 for comparative purposes. (Note that the normal-
izing factors are not the same). The maximum values of impulses per orbit and
peak torque for these disturbances are given in Table 2-23.

The maximum disturbance torque and impulse values will be utilized to

determine the resulting attitude and angular momentum vector drift rates as a
function of spin speed.

2.6.2 Spinning Body Dynamics

The inertial disturbance torques acting on a spinning body produce a drift of
the spin axis (and angular momentum vector) from its desired position. The instan-
taneous drift rate of the spin axis from its nominal position will be greater at some
times than its average drift rate (drift rate of the angular momentum vector). The
effects of these drifts are discussed below.

2.6.2.1 Average Drift Effects

Figure 2-116 illustrates the dynamical relationships for a spinning body under
the influence of an external or internal torque. The angular momentum vector is
forced to precess through an angle a due to the applied torque. The equation des-
cribing this effect are given by

(2-179)
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TABLE 2-23, MAXIMUM IMPULSE PER ORBIT
(2 INCH CP-CG OFFSET ASSUMED)

Periapsis of 1000 km

Solar pressure TgAt =5,65 x 10”3 ft-lb-sec/orbit
Gravity gradient ToAt =6.45 x 1073 ft-1b-sec/orbit
Aerodynamics TAAt =0

Periapsis of 500 km
Solar pressure TgAt =5.50 x 1073 ft-1b-sec/orbit
Gravity gradient TAt =7.60 x 1077 ft-Ib-sec/orbit
Aerodynamics TAAt =0

Periapsis of 200 km
Solar pressure TGAt 5,25 x 107 ft-lb-sec/orbit
Gravity gradient T,At =8.48 x 103 ft-1b-sec/orbit
Aerodynamics TAAt < 4,8 ft-lb-sec/orbit

where

and

H = spin angular momentum
s - (2-180)
=tz Y
AH = applied change in angular momentum (2-181)
=T. At
i
@ = inertial attitude error between spin axis

and its nominal orientation

T. = disturbance torque about inertial axis
normal to spacecraft spin axis

At = time through which Ti acts

Iz = spin moment of inertia
W, = spin speed (assumed constant)
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The influence of these external disturbances force the angular momentum
vector to deviate from its desired inertial attitude. Since the change in direction

of the momentum vector is incremental, a small angle approximation is valid for
Equation 2-179; hence

T At
O = — (2-182)
I w
zZ s
and drift rate is consequently
. T'i
o= (2-183)
I w
zZ s

2.6.2.2 Instantaneous Drift Effects

In order to describe in detail the motions of the vehicle relative to the
nominal orientation, definition of several reference coordinate sets is convenient.

The reference coordinate sets are illustrated in Figure 2-116 and are described as
follows:

X, y. z, - Inertial reference coordinate set with origin at spacecraft

cg alnd defining the desired nominal orientation of the spacecraft. The
z. defines the nominal orientation of the spacecraft spin axis and the
x5 Yy plane nominally contains the transverse axis, The X, axis is
arbitrarily defined to be the axis about which an inertial disturbance
torque acts on the vehicle (for small error angles).

xy z - A vehicle reference set with origin at the spacecraft cg, the
z-axis defining the spin axis, and y-axes along the booms.

The orientation of the x y z set relative to the X ¥; % set may be expressed
as a function of time by direction cosines:

] [ag,(8) a, (1) Cag, 0] EA
v = a ,(t) a,,(t) a3, (t) Yi| (2-184)
L7 [ 25(1) a,3(t) 233(t) %1 ]

the spin axis motion is then defined by evalua,1,:\ing a ,,(t) and a, ,(t) and their deriva-
tives, which represent (8 . &_.)and (éz . € i) respectively, "and for small angles,
(a132 + a232)1/2 represents the angular error of the spin axis relative to the inertial
reference set.
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The rotational equations of motion for the unsymmetrical spinning vehicle

are:
. Iz -1 T, T
W tw w |——) =(— cos wt +<—o
X sy I I S I
X X
. (IZ - Ix) (Ti> . (2-185)
W, -w w S-l="} sin wt
vy s x I I s
y y
where

€
1

spin rate (assumed constant)

H
1

inertial disturbance torque (assumed about xi-axis)

H
1

bbdy fixed disturbance torque (assumed about x-axis)

Solving Equation 2-185 for wX(t), wy(t) results in:

o(kx-k Jw

W
w (t) =w__ cos Ot - L Yx sin Qt
X X0 Q

A

+ %Z’i sin Ot

Alx

= > [Qsin Qt - W sin wst] (2-186)

@ - w)

N Aly (kx - kyx)w

2 2
Q™ - ws)

S [Qsin wt - w sin Qt]
s s

Wyo g Ky -k )

wy(t) =wyo cos Qt + S I sinqt
Ane o (ko - k)
t=—=——=—T I (cosQt - 1) (2-187)
Q
A w. (k. ~k_)-2 o.)]
+[ 1x s YZ XY2 ly =s (cos wt - cos 0t)
(€ - ) ®
s
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where
T Ti
—==2A - =A
L 1x IY ly
To To
— =A - =2
L ox IY oy
k =1 /1
X z''x
k=111
y z Yy
k =1 /I
xy xy
k =1 /I
yx y X
- 1/2 1/2
k -1+(ky-1) (kX—l)
Q@ = nutation frequency =w_(k_ - k )1/2 (k -k )1/2
s X yx y Xy
2
=W (k - 1)
Wxo, _ . ...
w = initial angular rates about transverse axes
yo

Both symmetric and unsymmetric OEC design configurations are compat-

ible with the experiment packages delineated in

earlier sections. Hence, Equa-

tions 2-186 and 2-187 can also be written for an OEC having symmetric properties

by letting
I =1
X y
therefore
k =k =k
X y
and
k =k =1
Xy yX

making these substitutions into Equation 2-185

2-190

(2-189)
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I -1

. Z_ V)= -
W, +wswy( Ix W, +wswy (K - 1)
(2-191)
= 7\1 cos wst
L] Iz = IX .
wy - wswx( Iy >=wY -w W (K - 1)
_ . (2-192)
= - 7\1 sin ws t
The solution to Equations 2-191 and 2-192 is then
Ao . .
wx(t) “oTo[sin Qt + sin wst] (2-193)
s J
w (t) = Ao [ Q 2
¢ )—m -— cos {it +cos wst] ( -194)

The instantaneous drift rates can be determined from the direction cosine
derivatives where the direction cosines are those relating a vehicle reference
coordinate set to an inertial reference set defining the desired nominal spacecraft
orientation.

A brief digression will be made to develop the necessary relationship. In
general, the vector equation of motion describing the change in angular momentum
is given by

=L+ Gx H =M (2-195)
where
H = angular momentum vector
w = angular velocity vector
I;I = momentum vector
This vector can be described equivalently in a matrix form as
(2] + Pe)] [H] = [M] (2-196)
where the angular velocity is given by the symmetric form
|- O -w, ‘-"y-
[Pe] 2 | o o “w (2-197)
z X
--wy w_ O -‘
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A fundamental set of relations (Reference 17) concerning the direction
cosines and their time derivatives is given in the following matrix form:

L [a] + [Pw)] [A] =0 (2-198)
where [A] =directioncosine matrix.
Thus there is a set of nine differential equations in the form of Equation
2-198 which, together with Eulers equations of motion (2-195) form a set of 12

first order differential equations describing the motion of the capsule.

Writing out the directional derivatives by equating coefficients in
Equation 2-198,

ap (b)) =@, a5y - wy a3,

a,(t) =w 2y, - w 2z,
a13(t) =w, ay5 - w2,
ay,(t) =@ a5, ~w, ay,

a,,(t) _w a3, -w, 2, (2-199)
a5,(t) =w, 255 - w, 2y,

a31(t) =y ayy - W, 35,

a3p(t) =wg a5 - w, 35,

233(0) =@y a5 - W, 253

Equation 2-199 is then integrated to produce (rather complex) expressions

for az(t), a3 (t); however, the value of the attitude error
2 2 \1/2

(a3) +23;)
over an orbit reduces to the simple expression for a of Equation 2-182 for the small
disturbance torques acting on the vehicle. The instantaneous values of azj and a3
are, however, of interest with respect to the maximum allowable drift rate.
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By assuming that the attitude errors relative to X, y; z; are small, the
equations are given as v

a31(t) =wy(t) cos wst +wx(t) sin wst

_ (2-200)
a32(t) =wy(t) sin wst - wx(t) cos wst

The instantaneous drift rates are then found for the unsymmetrical vehicle
configuration by substitution of Equations 2-186 and 2-187 into 2-200. For the
symmetric case (from Equations 2-193 and 2-194):

. Al
a31(t) _EUS (1 - cos kwst)

. N .
a32(t) —Ew—s (- sin kwst)

The instantaneous peak values are found for the unsymmetric case after
some manipulation to be

2A
1x%s
a —_— (k_-1-k_)
31, 2 2
(w, -2 7 =y
(2-202)
532 . Ay g (2 +akx - kay - 20q)
i (@ - o)
- ws
where
k- 1\/?
Q = ?Lr
< X ) >
" and inertial torques only were considered (T0 =0).

A simple form of solution for the symmetric spinning satellite exhibits peak
drift rates as follows:

27\1
a31(t) S-Q—JS—
(2-203)
<2 Ti
I w
z S
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T (2-203)

)

2.6:2,3 Effects of Disturbances on OEC Attitude

Studying the resulting expression 2-202 and 2-203, the influence of the
transverse moments of inertia on the instantaneous drift rate can be readily
recognized. Assuming typical inertia values of

2
IX =3.5 slug-ft
I =7.0 slug-ft2
y

I =7.5 slug-ft2
z

the peak drift rates for the unsy mmetrical case will exhibit a slight ampli-
fication in 'a32 whereas the a3) component will decrease by approximately 60
percent. Both of these rates are in an opposite sense to that of the symmetric madel.

Having described both the average and instantaneous drift rates, the
resulting expressions may be applied in determining the effects on the OEC
attitude.

Orbital models defined in Section 2.6 are assumed. A nominal apoapse
altitude of 10, 000 km together periapsis altitudes of 1000, 500, and 200 km are
selected to determine the attitude errors incurred as a function of the solar,
gravity, and aerodynamic disturbances.

The angular drift per orbit due to each of the disturbance torques, is com-
puted using Equation 2-182. The resulting variation of the attitude, &, with the
spacecraft spin speed, Wg, is illustrated in Figure 2-117 for periapsis of 1000,
500, and 200 km.

Since the aerodynamic perturbations exist well below 1000 km, they do not
appear in Figure 2-117a. The maximum angular drift per orbit (~7 hour period)
for solar pressure and gravity gradient is seen to be approximately the same
magnitude. In the region of 50 to 70 rpm (desirable spin frequencies for the
experiment) the attitude drift is on the order of 0.0075 degrees/orbit. At lower
frequencies the attitude error builds up somewhat faster. Increasing spin speed
does not decrease the per orbit attitude error by a great amount beyond 80 rpm
since the attitude error is inversely proportional to spin speed and a very large
number of rpm is required to further decrease .
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Similarly, at a perapsis of 500 km (Figure 2-117c) the aerodynamic effects
are negligible. What is apparent in this chart is that gravity disturbances increase
somewhat, as is expected,

Aerodynamic perturbations based on the Martian atmospheric model VM-9
are initially effective at 400 km. A study of a lower periapsis altitude was made
to determine attitude requirements in the case that orbit maneuvers to these
lower altitudes were contemplated. Figure 2-117c illustrates the singular effect
of the aerodynamic disturbance since it is so much greater than the combination
of the solar and gravity disturbances. Notice here that the deviation of the OEC
spin axis from its desired inertial reference is three orders of magnitude greater
than that at the previous altitudes. In fact, the attitude requirement of =5 degrees
to the ecliptic normal could not be realistically met at this low altitude without
real time attitude control.

A more suitable attitude performance can obviously be provided for in the
region between the 200 km and 500 km periapsis altitude. Referring back to Fig-
ure 2-113, it is recognized that there is greater than five orders of magnitude dif-
ference between the aerodynamic drag force between 400 and 200 km altitude.
Thus increasing the minimum operational altitude from 200 km to 300 km reduces
the force as well as the attitude error by a factor of 1000. Doing so, the aero-
dynamic disturbances are reduced to the order of those exhibited by solar and
gravitational effect, approximately 0.01 degree/orbit.

The maximum drift rate is now determined for the three cases cited.
Drifts due to solar pressure remain the lowest in magnitude. The error from
gravity disturbances at say 60 rpm varies between 0.02 and 0. 04 deg/hr depending
on the minimum altitude as shown in Figure 2-118. Aerodynamic peak rates are
very high at altitudes of, say, 200 km, but for the 300 km altitude (chosen earlier
as a lower limit on altitude) the rate is on the same order as the gravity induced
rate. A summary of the steady state and peak drift is tabulated in Table 2-24.

The selection of a best baseline spin speed between 50 and 70 rpm does not
appear critical. A choice of 60 rpm is representative as a nominal and will be
used to design the attitude control system parameters such as the nutation damper
and propulsion system.

2.6.3 Attitude Corrections

Attitude correction is a basic operation in the orbit change mode. An atti-
tude correction system can, however, also be included on the simpler co-orbital
OEC. The reason for doing so is to ease the initial separation requirements so
that the %5 degree (30) attitude alignment to the ecliptic normal can easily be
achieved. In addition, this correction system could be used to rotate the capsule
into a preferred orientation so as to sense all components of the Martian magnetic
field.
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TABLE 2-24. MAXIMUM ATTITUDE DRIFT/ORBIT AND MAXIMUM

INSTANTANEOUS DRIFT RATE

Disturbance

Attitude Drift Per Orbit

Instantaneous Drift Rate

1000 km

Solar pressure
Aerodynamics

Gravity gradient

1

500 km

Solar pressure
Aerodynamics

Gravity gradient
300 km

Solar pressure
Aerodynamics

Gravity gradient
200 km

Solar pressure
Aerodynamics

Gravity gradient

£ 0.0048 deg/orbit
Negligible
< 0.0069 deg/orbit

IA

IA

0.0046 deg/orbit
Negligible
0.0081 deg/orbit

IA

1A

IA

0.0045 deg/orbit
0.005 deg/orbit
0.0087 deg/orbit

IA

IA

= 0.00638 deg/orbit
< 4, 8 deg/orbit
=0.0103 deg/orbit

IA
-~

<4.6 x 10-6

<7.9x 10‘6

£6.5 x_10-6

=7.9 x 10_6

<7.6x 10‘6

=7.9x 10-6

<8.3 x 10’(D

.9 x 10_6

deg/sec

deg/sec

deg/sec

deg/sec

deg/sec

deg/sec

deg/sec

deg/sec
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The correction system is also used to control the OEC attitude to a new
orientation so as to conduct orbit maneuvers. Requirements for these various
corrections can be interpreted in terms of the total impulse necessary to achieve
a change. Figure 2-119 illustrates this requirement in terms of the angular change
in attitude.

2.6.4 Orbital Maneuvers

The discussion in the preceding sections is pertinent to both the simple co-
orbital concept and the orbit change concept. At this point in the discussion, the
emphasis is shifted to illuminate the flexibility of the OEC in the orbit change
concept.

There are several advantages to the orbit change mission that cannot be
realized by the simpler system:

° Capability to perform atmospheric occulation experiments (mother-
daughter occultation)

. Provision for adjusting the OEC orbital altitude, inclination or node

° Provision for a stationkeeping mode between Voyager and OEC

The requirements for performing maneuvers are established in the following
discussion. Several orbit change maneuvers are considered: altitude changes,

orbit inclination changes, and apse line rotation.

2.6.4.1 Orbit Changes Dynamics

Orbital maneuvers require that energy be either added or subtracted to the
orbit. The energy must be in the form of propellent carried aboard the OEC, Siz-
ing of the quantity of fuel required is dependent on the design weight constraints.
Even more, it is bounded by the velocity increment necessary to perform an orbital
maneuver.

Several maneuvers are contemplated as being useful to extend the mission
requirements of mapping the Martian magnetosphere. Included are changes in alti-
tude to possibly more interesting regimes of the magnetosphere, variations in orbital
inclination to observe ecliptic related experimental phenomena, and the possibility of
extending the mapping feature discussed in Section 2.3 by controlled rotation of the
apse line.

Altitude Changes. A derivation of the velocity requirements to provide these
maneuvers is based on an evaluation of the vis-viva equation given below. For velocity

changes at apoapsis,

2 2 1
v = u(r_. - .a.) (2-204)
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.

where

g = Martian gravitation constant
r, = radius at apoapsis
a = semimajor axis

Differentiating with respect to a,
2V dv_ = - aa (2-205)
a a az

Since the semimajor axis is related to the apoapsis and periapsis altitude,

ha + h

a = —T—p + R (2-206)

m
where

ha. = apoapsis altitude

hp = periapsis altitude

R = radius of Mars

m

By taking the derivative of Equation 2-206

da _ 1
(T}; = > (2-207)

and recombining with Equation 2-205, the approximaté® change in periapsis altitude
due to a change in velocity at apoapsis is

Ah
P

I

42% vV AV (2-208)
—u- a a

The term a/p may be replaced by evaluating the visa-viva Equation 2-204
which gives

% :‘_I'Z G‘i‘i‘) (2-209)

*%This approximation is good to within 10 percent of the altitude change desired.
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Normalizing to the circular orbit velocity (at apoapsis)

v, =V, V1-e (2-209)
a
it is finally observed that
4r
an, =2 e & (2-211)
(1+e) c.

where Vc is the magnitude of circular orbit velocity at apoapsis altitude.
a

In a similar fashion, changes in initial apoapsis altitude are maximized by
applying a AV at periapsis. In this case

AL = 4T Ve AV
a - Y
(1-¢) c

p

(2-212)

where Vc is the magnitude of circular orbit velocity at hp'
P v

Figure 2-120 gives Ah_ as a function of AV for several apoapsis altitudes
and periapsis altitudes equal "to 500 km and 1500 km, respectively. The results
show that a capability of 500 fps is more than sufficient to reduce the periapsis alti-
tude to any desired value from the initial Voyages periapsis altitude.

Figure 2-121 is obtained by application of Equation 2-212. A velocity capa-
bility of 500 fps appears to be sufficient to change the apoapsis altitude by at least
40 percent of the initial value. For a AV of 1000 fps, the OEC orbit could be circu-
larized at the periapsis altitude. Circularization, however, is not beneficial since
changes in altitude are desirable for adequate and complete mapping of the
magnetosphere.

Inclination Changes. Results in Section 2.1 indicate a desire to make the
magnetic measurements between Mars inclinations of 30 to 50 degrees. This falls
within the current range of possible Voyager mission inclinations, which at injection
range from 30 to 70 degrees to the Martian equator. Therefore inclination changes
by OEC would only result if Voyager selected the higher inclinations. Thus it would
appear that changes on the order of 20 degrees might be desirable.

An expression for changes in inclination in terms of velocity added to the orbit
can be obtained by application of the Law of Cosines to the illustrations in
Figure 2-122. :

AV = v % 4+ V2% _ 2V V. cosAi (2-213)
O O O O .

v 2 [1 , cosAi]
@]
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By a trigonometric identity,

NG zvo2 (2 sinz(%i—)) (2-214)

can be written and, in terms of the change in inclination,

. . =1{ AV
Ai = 2 sin (T\t> (2-215)

Velocity increment requirements for inclination changes are displayed in
Figure 2-123. Maneuvers initiated from both apoapsis and periapsis are illustrated
to show the extremes. The actual selection could be between the two sets of results.
It is particularly important to point out that the inclination change obtained depends
on the angular location of periapsis relative to the equator (i.e., the argument of
periapsis), and therefore a complete range of inclination changes could be shown,

The general trend of the results in Figure 2-123 also points out the futility
in attempting to change inclination. Costs in terms of velocity increment are
extremely high. For example, a 20 degree adjustment in inclination would require
a velocity increment of 1500 fps if the maneuver could be made from apoapsis
(nominal 10,000 km x 1000 km altitude orbit). This requires that the apoapse of the
orbit intersect the Martian equatorial plane.

Controlled Apse Line Rotation. From the point of view of the experimenter,
it appears that placement of OEC periapsis at the solar subpoint at the beginning of
the mission is desirable. The possibility of the Voyager orbit's being somewhat
different prompted the investigation of requirements to adjust the periapsis position.
Control over the location of periapsis is provided by the adjustment of the line of
apsides.

Figure 2-124 shows the rotation of periapsis achieved as a function of -AV
expended. These results are based on applying the velocity normal to the velocity
vector and in the plane of motion, at apoapsis of the orbit. This appears to represent
an optimum’point to apply this change. . The figure indicates that substantial velocity
increments would be required to produce large changes in the location of periapsis.
As an example, a velocity increment of 1000 fps, in a 10,000 km by 500 km orbit,
will rotate periapsis only 10 degrees. If, however, the apoapsis altitude is
decreased to a relatively small value prior to initiation of this maneuver, the capa-
bility for rotating periapsis will increase. A combination of this type would require
additional satellite reorientation maneuvers, and would therefore increase the com-
plexity of orbital operations. In addition, a AV considerably in excess of 1000 fps
would be necessary.

Thus it appears that this form of orbit correction is outside the current
spectrum of OEC capability.
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2.6.4.2 Voyager - OEC Stationkeeping

Performance of maneuvers as an extension to the simple co-orbiter concept
was initially treated as a method of broadening the OEC mission by provision for
new experimental results. In this light, orbit changes provide greater data at a
small cost in system weight, volume, etc. There is one valuable suggestion for an
OEC mission operation which is not treated in detail but deserves mention as a
promising option.

In particular, the rationale is to minimize OEC communication ranges by
not only ensuring relatively short separation distances but also controlling the rela-
tive range between Voyager and OEC - in other words, ''stationkeeping.' The con-
cept certainly stands out as a viable solution to minimizing power and maximizing
the experimental data taken by OEC and transmitted to Voyager.

Figure 2-125 illustrates the manner in which this mission would operate.
Two orbital maneuvers are required. First, the OEC must establish the proper
attitude at apoapsis and maneuver to a lower periapsis. Without reorienting, the

OEC is commanded at the new periapsis to increase its apoapsis. In the ideal situa-

tion, the new orbitis of the same period as the original OEC orbit in which the
Voyager remains. Hence, by fixing oneself in a Voyager centered coordinate sys-
tem, the OEC appears to hover relatively close to Voyager in a manner shown in
Figure 2-126. Thus communication ranges can be fixed to an upper bound by the
proper maneuvers.

In the actual case, both attitude and orbit trim maneuvers would be required
to bring the OEC into the desired geometry and to maintain it. External disturb-
ances such as solar pressure would continually perturb both vehicles from the
desired nominal state; hence stationkeeping at some fixed interval of time would be
used.
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Velocity Capability
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2.7 ATTITUDE STABILIZATION, CONTROL,AND ORBIT
CONTROL IMPLEMENTATION

The OEC is a spin stabilized satellite of Mars. This method of stabiliza-
tion is not only the most desirable from a scientific point of view since it does pro-
vide a natural spinning platform for gathering field and particle measurements but
is also the most desirable from a satellite design point of view. Stabilization as
such is passive and is the least expensive and most reliable technique available.

With the addition of an active control capability, the versatility of this sys-
tem increases dramatically. In its simple mode of operation (co-orbital mission),
the OEC is separated, spun up to 60 rpm, and remains in a particular orbit rela-
tive to Voyager. By the addition of the active attitude control system, several
important additional mission experiments can be carried out.

The desirable features of an active attitude control system are:

1) Capability to initially align the spin axis normal to the ecliptic plane for
all viable OEC missions.

2) Provision for attitude corrections of external perturbations.

3) Capability of providing additional OEC magnetic field component
measurement by reversing the direction of the spin axis attitude.

4) Necessary to provide orientation for orbital maneuvers.

Once the attitude control system is part of the satellite design, the extension
to orbit control is rather simple.

Orbit control extends the OEC mission flexibility in many ways, for example:
1) Provision to map the magnetosphere at altitudes very near to the planet.

2) Capability to change apoapsis altitude to investigate the shock boundary
in the tail of the magnetosphere.

3) Possibility of performing a stationkeeping mode of operation.

A summary of the basic stabilization concept and the sizing of an attitude/
orbit control system are presented here.
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2.7.1 OEC Spinup System

Following separation from the Voyager spacecraft, the OEC will be spun up
to the predetermined rate. A spinup system is included on the OEC to spin the
vehicle to 60 rpm. This stabilization technique provides a gyroscopic ''stiffness"
to the vehicle and allows relatively large thrust levels to be utilized for velocity
and attitude control maneuvers without appreciably disturbing the desired orienta-
tion. In addition, this form of stabilization allows for a reasonable long period of
time to pass before orientation errors due to natural disturbance torques need be

corrected.

Two types of spinup system are considered here: a blowdown N> system,
and a constant thrust system. A digital program, incorporating accurate mathe-
matical models of the systems, is used to determine the attitude history with

arbitrary initial conditions under the action of a force about the axis of symmetry
given by:

F(t) = ——}—R— (2-216)

3
(1 + Kzt)

where, in the case of a blowdown system, the K parameters are functions of the
tank and nozzle pressures and specific heat ratios, the nozzle throat area, weight
of fuel, gas constant, and temperature, and Fj is the initial thrust. For constant
thrust analyses, Kj is set equal to zero.

With the assumed vehicle parameters (I = 7.5 slug—ftz, wg = 60 rpm, etc.),
a total impulse of 33.25 lb-sec is required for spinup. This requirement in con-
junction with an assumed tank pressure of 2500 psia dictates an initial thrust of
~95 pounds for the ATS N blowdown system. This particular system is used here
largely to exemplify the differences between the two spinup systems.

Constant thrust values of 0. 5, 1.5 and 3.0 pounds are studied as they repre-
sent reasonable spinup periods. The associated spinup times for each of these (all
two jet systems) are:

Thrust Level Time to Spin Up
N2 blowdown (ATS) 1.4 seconds
0.5 pound constant thrust 33.25 seconds
1.5 pound constant thrust 11.08 seconds
3. 0 pound constant thrust 5.54 seconds
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The attitude errors and nutation angles resulting from the systems are
illustrated as functions of the initial tipoff rates in Figures 2-73 and 2-74. The
curves are based on a thrust plane to cg offset of 3 inches and the following
tolerances:

e Angular misalignment of nozzle <0.5 degree
in thrust plane

e Angular misalignment of nozzle 0.5 degree
out of thrust plane

e Fractional thrust mismatch <5 percent

e Nozzle position mismatch <0. 06 inch

As can be noted, significant attitude errors can build up at thrust levels
below 0.5 pound. This is, of course, a function of the initial tipoff rate. The
induced nutation angles appear quite reasonable for the thrust levels studied.

These results are not treated in further detail in this section since a
detailed tradeoff is considered in Section 2.4 in regard to the separation-spinup
phase of the OEC mission.

The final choice of thrust level based on those results is 130 miilipounds.
Detailed discussion on the propulsion system and the N spinup propellant is

presented in Section 6. 0.

2.7.2 Nutation Damping

The objective of a nutation damper is to remove the induced torque free
precession (or nutation) angle of the OEC spin axis about its angular momentum
vector. Nutation damping for the OEC can be provided by a nutation damper similar
to that used on the Syncom/Early Bird satellites. The principal disturbances caus-
ing spacecraft nutation are separation from the Voyager spacecraft and thrusting of
the reaction control system. Extensive performance analysis and testing of Syncom-
type dampers have been performed at Hughes in the Syncom, Early Bird, and ATS
programs, and techniques have been developed to accurately predict damping time
constants for various vehicle conditions (References 18 to 21).

This type of nutation damper is a passive device consisting of a fiberglass
tube partially filled with mercury and mounted some distance from the vehicle spin
axis with its long axis parallel to the spin axis. The spacecraft nutation motion
results in the generation of surface waves in the fluid, thereby dissipating the nuta-
tional energy via the fluid viscosity. The action of the passive energy dissipation
results in variation of the nutation angle ap with time. For small angles, ap is
given by:

(t) _ o e-t/T

. S (2-217)

where T is the nutation damping time constant, T > o for (IZ/IX) =K>1.
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The damping time constant is determined as a function of the nutation
frequency (), vehicle spin speed (wg), radial distance of the damper centerline
from the spin axis (Xgy), inside diameter of the tube (D¢), fraction filled (FF) of
the tube, and tube length ({). A digital computer program is utilized to compute
the time constant.

Figure 2-127 illustrates the relationship of the damper to the capsule. As
indicated above, the nutation angle € is removed by the viscous energy dissipation
from within the damper. Attitude errors such as 6 cannot be so removed and
requires fuel expenditure. The damper proposed for the OEC is similar to that
illustrated in Figure 2-128.

Figure 2-129 illustrates damper time constant versus radial distance, X,
from the spin axis (Wg = 60 rpm). If the OEC transverse moments of inertia are
not equal, the time constant will increase slightly.

Based on these results, a damper time constant of 10 minutes is chosen

since it represents a reasonable period. The characteristics of the proposed OEC
damper are shown in Figure 2-127.

2.7.3 Control Considerations

Much thought has been given to the operational aspect of the OEC mission
and the ability of the capsule to maintain the nominal inertial attitude. An evalu-
ation of the disturbances and the related attitude deviations has carefully been
studied in the preceding sections. Now it remains to interpret the effects of these
attitude perturbations in terms of including a correction capability as a subsystem
of the experiment capsule.

2.7.3.1 Attitude Control Techniques

The form of attitude correction, as well as orbit adjustment, for a spinning
satellite is discussed preliminary to a detailed discussion of fuel requirements
and system performance.

A body under spin is governed by the Euler rotational equations of motion.
As such, it is recognized that the control of the bodies angular momentum vector
(ideally collinear with the spin axis) is provided by a torque about an axis 90 degrees
out of phase with the desired direction of motion. The angular momentum vector
is precessed through the angle 6 to its new attitude as shown in Figure 2-130. The
equation is identical with that formulated in Section 2.6, Equation 2-182, except that
the attitude change is a result of an internally controlled rather than an external
torque. Rewriting,

18
59 =Lt (2-218)
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where
F = attitude control thrust, axial jet
4 = moment arm from center of mass to thruster
0t = time of application
IS = spin axis moment of inertia
w, = capsule spin speed

The correction vector is the applied torque impulse
H = (T x F) 6t

As shown in Figure 2-130, the task of precessing the capsule angular
momentum vector H ideally requires the application of a pulse of thrust parallel
but offset from the spin axis. In actuality, the impulse is replaced by a slightly
less efficient but physically realizable thrust pulse of finite duration. The mini-
mum pulse duration is limited only by the electrical and mechanical operation of
the thrustor solenoid response.

The thrust and minimum pulse on-time specifies the region of application
of the axial thruster during one spin cycle. Thus

58 = <]’;—L> (6t)2 (2-219)
z
where
F = thrust level
4 = moment arm
IZ = spin axis moment of inertia

0t = minimum pulse on time

This equation establishes the minimum part of a spin revolution that can
be used and indicates efficiency of the control torque to provide the desired pre-
cession. As the pulse on-time is increased, the inefficiency, which is usually
small, also increases. Taken to the extreme, the thruster can be operated over
a complete spin cycle. This is exactly how orbit maneuvers are provided. Dis-
cussion of this technique for making orbit adjustments is presented in subsequent
sections.
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In performing the actual attitude maneuver, the amount of precession per
jet pulse is multiplied by the number of pulses necessary to precess the angular
momentum vector from its initial reference to a new inertial attitude. Thus, the
operational OEC requires storing both the pulse initiation angle (referenced to the
sun sensor signal) and the total number of pulses. In similar earth satellite opera-
tions, this form of correction has been conducted in an open-loop fashion. That is,
only a part of the attitude maneuver is conducted at a time. Each time the attitude
sensor data is reassessed to determine accuracy of the correction. In this way, a
very precise reorientation can be guaranteed.

2.7.3.2 Orbit Control Technique

As part of the OEC feasibility study, the extremes of the viable missions
are evaluated. The desire to adjust the initial OEC orbit from that of Voyager
plays an important role in the flexible orbit change mission concept. The manner
in which the capsule will perform these maneuvers is similar to that just described
for attitude corrections.

There are two techniques for correcting the orbital position of a spin sat-
ellite. The first operates in a pulse mode identical to the axial thrustor but instead
uses a radial thruster. Referring to Figure 2-131, the application of thrust is
through the center of mass of the OEC, producing a translational motion in the
desired direction.

The other approach is one already mentioned — that is, to apply the axial
thrustor in a continuous operational mode.

There are several differences in these approaches and their applications.
First, pulsed operation is inherently less efficient in producing the desired thrust
level because of a slight degradation in specific impulse; thus, the continuously
operated axial maneuver is more desirable. On the other hand, an orbit maneuver
conducted with the radial jet has a built-in safety if an open failure occurs. For
example, given that the radial jet solenoid fails to close; the fuel will be totally
expended, and the average motion of the vehicle about the spin axis is cancelled.

Orbit maneuvers with the axial thruster have a slightly greater I5,; however,
an open failure could occur. The choice of a baseline orbit control technique cannot
be suitably made at this time. Mission performance evalvation is first required to
indicate the operational modes necessary to carry out the orbit change mission.
However, both methods of orbit control are chosen for the baseline because of the
small cost of adding the radial thruster to the system and the redundancy afforded
the orbit change mission.

2.7.3.3 Operational Characteristics

The choice of thrust levels for the attitude and orbit maneuvers is not critical.
A range of thrusts between 1 to 3 pounds appears satisfactory and represents values
typical of a similar class and size of earth satellites. For example, jets of thrust
levels similar to those used in the synchronous communications satellite program
(Syncom) are chosen to illustrate operational parameters. Assuming a minimum
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pulsed mode operation with a 60 millisecond pulse duration, the spin angle is
given as 21.6 degrees. For thrust levels of 1.9 and 3.1 pounds, the velocity and
attitude correction per pulse are derived and tabulated in Table 2-25. Pulse
requirements for typical types of maneuvers are given in Table 2-26.

TABLE 2-25. TYPICAL CONTROL PARAMETER VALUES

Thrust Level, pounds
1.9 3.1
AV /pulse, fps 0.0367 0.0599
AB/pulse, degrees 0.1386 0.2262

TABLE 2-26. TYPICAL PULSE REQUIREMENTS
(NUMBER OF PULSES)

‘Thrust Level, pounds
Maneuver 1.9 3.1
180 degrees 1300 796
90 degrees 650 398
1 degree 7 5

2.7.3.4 Attitude and Orbit Control Requirements

Assuming a nominal OEC spin speed of 60 rpm, the total impulse require-
ments to correct the attitude disturbances are determined. Table 2-27 summarizes
the per orbit attitude error for the nominal 10, 000 km apoapsis altitude model.
Periapsis altitudes down to the 300 km minimum are shown. As mentioned in
Section 2.6, each of the disturbances is of the same magnitude at the 300 km altitude.

To determine the total impulse to correct these errors, some rationale for
combining them must be established. There are several pertinent factors to con-
sider. The basic one is defining the correlation, if one exists between the three
sources of attitude disturbance. Certainly the solar pressure is in no way corre-
lated to either the gravity or aerodynamic torque. The solar pressure is always
exerted away from the sun and about an OEC axis where the center pressure exists.
It is cyclic over the year, but for the 90 degree motion of Mars over the 6-month
mission can be assumed to be secular.
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TABLE 2-27. DISTURBANCE TORQUE SUMMARY
(ATTITUDE ERROR IN DEGREES PER ORBIT}

Apoapsis altitude —- 10, 000 km
Assumptions: 2 inch CP-cg offset

Periapeis Alifitude
Scurce 1000 km 50C¢ km 300 km
Solar pressure <(,0048 <0.0046 <C. 0045
Gravity gradient <0.0069 <C.CG81 <0.0087
Aerodynamic Negligible Negligible <0. 005

Gravity gradient disturbances are cycliz and are nc* ivterrelated with aero-
dynamic pressure although both are Mars centered phenomenz. Since the aero-
dynamic forces are exerted for only a short duration throuvgh the periapsis of an
orbit, and since the orbit precesses (Section 2.2}, the relationship could be con-
sidered random. Based on this rationale, the independent scurces of error can be
root sum squared to determine the net effect. The rss attitude error is given in
Table 2-28. Based on these errors, the requirements to m=zintain the attitude to
<+5 degrees are ascertained. A correction frequency of abc:t 6 months (mission

lifetime) is necessary for a nominal periapsis altitude of 1C(0 km for that duration.

At the lower altitudes, the increased disturbance level necessitates correcting the
attitude sooner.

It is very important to realize that the 5 degree constraint is only a desir-
able goal to meet, and that increasing this requiremert by 1 degree or 5 degrees
does not affect the solar plasma instrument but increases the complexity to reduce
its data. Increasing this requirement by just 1 degree increzses the co-orbiter
flexibility by an additicnal month. Hence, it is defiritely reascrable to operate the
co-orbiter concept of the OEC for the 6 months with the desired accuracies and
beyond that time for up to a year with accuracies of <li degrees. This is limited
only by the OEC subsystems ability to contirue to function properly.

Establishing the total impulse is required to size the propulsion system if

it is desirable to remove these inaccuracies. The total irnpiulse requirements in
Table 2-29 are determined by observing that

Total impulse = —-71——1\
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TABLE 2-28. EFFECT OF ATTITUDE DISTURBANCE

Periapsis Attitude Total Impulse,
Altitude, Error, 6 Months, Fuel Weight, Correction
km deg/orbit Ib-sec pounds Frequency
1000 0.0083 4.1 0.02 ~6 months
500 0.0093 5.0 0.025 <5 months
300 0.011 6.2 0.03 <4 months
e Allowable attitude error 5 degrees
e Apoapsis 10, 000 km
e Spin rate 60 rpm
® Pulsed axial jet Angle = 22 degree pulse
Duration = 60 milliseconds
e Thrust level T = 3 pounds
e Correction increment 08 = 0.2262 degrees/pulse
where
IZ = spin moment of inertia

4 = moment arm (maximum)

6

per orbit attitude error
N = total number of orbits in 6 months

Assuming the nominal system parameters, the total impulse is found to vary between
4 and 6 lb-sec.

A hydrazine attitude control propulsion is presented in Section 6.0 as the
baseline control propellant. Based on the performance of this fuel, Figure 6-26
is constructed and indicates that the fuel weight requirements are very small.
The weights are in the range of 20 to 30 millipounds.

Capability to perform attitude maneuvers to reorient the OEC for orbital

maneuvers, as well as conducting those maneuvers, is discussed next. Typical
propulsion system requirements are determined for a sequence in which
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TABLE 2-29. TYPICAL ORBIT/ATTITUDE CORRECTION

AV for Orbit Change Maneuver
from Periapsis, fps
Maneuver 1500 km 1000 km 500 km
Initial attitude orientation (360 degrees) 60 60 60
Attitude reorientation (90 degrees) 15 15 15
Lower periapsis to 350 km 355 205 50
Total AV 430 280 125
Required fuel, pounds 7.7 5.3 2.5
® Apoapsis 10, 000 km
e Spin rate 60 rpm
e Axial jet thrust T = 3 pounds
e Radial jet thrust (pulsed) T = 3 pounds
e Pulse accuracy AV = 0.0599 fps/pulse
A6 = 0.2262 deg/pulse

1) An initial 360 degree OEC attitude maneuver is required after separation
from Voyager.

2) A reorientation in attitude of 45 degrees is required to operate the axial
or radial jet.

3) An orbit adjustment to lower periapsis altitude from 1500 km, 1000 km,
or 500 km to 350 km is required.

4) Attitude is reestablished along the ecliptic normal by a 45 degree
attitude correction.

The results are tabulated in Figure 2-132 assuming a 3 pound thrust level as
well as the jet characteristics given in Table 2-29. The velocity increment and fuel
requirements for the periapsis attitude correction are shown in Figure 2-132. A
summary of the results in Table 2-29 indicates the minimal fuel requirements to
provide attitude corrections as well as the small increase in OEC system weight to
account for propellant to adjust the altitude to minimum distances from Mars which
are commensurate with the 50 year lifetime constraint.
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2.8 SYSTEM PERFCRMANCE

2.8.1 Mission Summary

Feasibility for cperating an experiment capsule abcut the planet Mars
has been treated in detail. The extreme classes c¢i alternative missions have
been studied and each has proven to be a viable scluticn.

The simple co-orbital concept is a relatively light-weigkt vehicls and is

shown to adequately meet missicn accuracy requirements. This approach requires

precise initial alignment on Voyager to provide an orientation of the configuration
spin axis parallel to the ecliptic normal. The location ¢n the Voyzger does not
appear to affect the injection since the launch platform could bs properly canted
from any initial position tc the desired alignment.

The importance of maintaining relatively short relative ranges tc Voyager
has beern intensively studied to ensure the desired flow c¢f experim=antal datadur-
ing the mission. Selection of a relatively small separaticn velocity of a 0. 1fps,
which is commensurate with relative ranges of <3500 km during the mission,
generates communication power requirements which are within the scope of the
OEC mission objectives. A detailed error analysis indicates that ranges of this
magnitude can be met with launch windows on the crder of +1/2 hour at periapsis
to as great as *1 hour at apcapsis (nominal orbit of 10,000 km X 1. 000 km}. A
safety factor of approximately 1/3 km passage of closest approach between
Voyager and OEC cn the first orbit is designed into the launch window,

Following spinup, the OEC operates as an experimental inertial plat-
form, measuring Mars related phenomena and relaying the information v
Veyager to Earth.

ia

Whereas the co-orbital mission is qualified as being simple. it is diffi-
cult not to say that at the other extreme the orbit change mission is also rela-
tively simple. However, in addition, it is qualified as being flexible, and
brings to the mission a depth that cannot be provided in the cc~orbital concept.
There are several operational aspects of this mcre flexible approach to an
OEC that must also be pointed out.

Tkere are at least four factors in the design of this mission that stand
out:

e Simple separation techniques can be used

e Voyager-OEC relative ranges are not consirained
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® Collisior is not a problem
o Location on Voyager is completely flexible

By the inclusion cf an attitude correction capability and by provision for
increased power, the OEC configuration and mission are in some ways increased
in simplicity and made more flexible. Adding an attitude contrcl system to the
capsule removes the requirement for precise location and separation from the
Voyager Orbiter. Following spinup, which cccurs at a preselected safe distance,
the attitude is assessed and corrections applied. A simple ejection technique of
separation is used since attitude errors can be removed with small added fuel
requirements.

Increasing the available solar power eases the constraint on communica-
tion range. Hence a larger separation velocity increment can be applied. How-
ever, the critical separation angle (injecting normal to the Voyager orbital
velocity vector) must still be observed.

The preferred design of the orbit change configuration places the experi-
ments on booms mounted radial to the capsule spin axis. In this way stability
can always be ensured in case experiment requirements change and increased
accuracy of magnetic ;fields is desired.

Independent of the actual OEC mission, attitude and orbit determination
is provided by measurements of two celestial references. A sun and Mars sensor
combination is used to measure the attitude of the capsule as well as to estimate the
orbital position. These sensors meet the attitude determination requirements of
*+ 1/4 degree knowledge of the Sun line and 1,0 degree for the spin axis. The
smoothed data from these sensors is also used to determine the attitude and orbit
control performance. Addition of an S-band communication link serves to remove
attitude or positional ambiguities.

Orbit control is available from the same propulsion system used for the
attitude control. A dual tank hydrazine reaction control system is designed for
this task. There are several important reasons for the inclusion of orbit control
besides the fact that it is a natural progression for the next step in the propulsion
system implementation. First, orbit maneuvers require only that larger tanks be
designed to hold the additional fuel; the jets, squibs, and other associated hardware
are already available. Second, and more important, is the added dimension of
flexibility to observe planetary phenomena at other conditions, and the possibility of
providing a stationkeeping mode of operation. This is particularly of interest if the
occultation experiment is made a part of the OEC experiment package.

Finally, the fact that increased nower is available for this mission provides
the OEC with a suitable communication backup system. The S-band command and
receive link could be used to transmit OEC daia directly to Earth. A low data rate
mode will provide both the experiment and engineering data.
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2. 8.2 Baseline OEC Selection

Each of the missions suitably meet the requirements imposed. Selection
of a preferred system requires that an additional constraint be imposed; otherwise,
the choice would be made based purely on criteria of simplicity or flexibility. The
added constraint is the nominal expected weight allotment that could be available
on the Voyager 1973 bus. For present purposes, 125 pounds is provided and is
broken down into the weight of the basic capsule subsystems, nominal experiment
package, and S-band communication link. Sufficient weight is available for inclu-
sion of a propulsion system; thus the following baseline vehicle design is chosen.

First, the configuration is based on a fixed length, pre-deployed pair of
radial booms. This design is compatible with mating on each of the Voyager bus
configurations and is separated in a radial manner. Separation in this form is
chosen because of the available attitude correction capability and because it eases
initial orientation requirements for this phase of the operation. Spinup occurs at
a suitable distance with a single action nitrogen blowdown spinup system which
nominally provides a couple using two 130 millipound thrusters. Figure 2-133
shows the typical system in operation. The attitude is reoriented at some later
time after assessment of the attitude withthe sun and Mars sensors.

The hydrazine propulsion system is sized with offloaded tanks which pro-
vide for up to 450 degrees of attitude reorientation and an orbit maneuver
AV = 205fps. By offloading the tanks, it is possible to add fuel for increased
maneuverability without invoking additional redesign costs. As shown in Section
2.7, this allotment is sufficient to decrease the OEC altitude from a periapsis
of 1000 km to 350 km (10,000 km apoapsis). The available propellant is suffi-
cient to remove attitude perturbations induced at the lower altitudes. A trimming
attitude is necessary after the fourth month of operation unless the OEC is maneu-
vered before that time.

2.8.3 Operation Characteristics

Prior to discussion of the sequence of baseline mission cperation, the
effect of the extremely large Mars-Earth communication distance must be intro-
duced. Time delays in the reception of OEC sensor data must be evaluated to
ascertain whether any basic real time operational limitations exist. The relative
distance between Mars and Earth is minimum at opposition, 56 X 106 km when
Mars is at or near to the perihelion of its orbit. When conjunction coincides with
the aphelion of the Martian orbit, the Earth-Mars distance has its maximum value
of some 400 X 102 km (Reference 31). Based on these extremes, the time delay
associated with cormnmunications between these planetary distances lies between
3 and 22 minutes. For the Voyager 1973 mission, a time delay of approximately
15 minutes is assumed. Hence, a minimum round trip time of 30 minutes is
required to receive data and transmit a command from Earth to the OEC in
orbit about Mars.

The process of real time attitude or orbit determination could be compli-

cated by the time delay. This is largely of importance during a maneuver.
Assuming a 15 minute command transmittal delay time, the confirmation of
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coemmand reception would take a tctal of 30 minutes. Evaiuvaticrn of the maneuver
requires reception and processing of both the sun and Mars senscr data taken for

a period fcllowing the completion of the mansuver., This perioa depends on the
geometry and whether Mars is in the horizon senscr field ¢f view. The timeneces-
sary to process this data and establish the proper altitude correcfion could then

take on the order cf 2 to 4 hcurs. This, of course, depends tc o great extent in

the magnitude of the crbit maneuver contemplated. To better understand the pseudo-
real-time mansuver cperation, an example of the attitude-orbit conirzl sequence

for the case cited in Section 2. 8, 2 is developed.

A AV = 205 {ps is sufficient to lower periapsis of the nominal orbit to 300
km. This requires reorientation of the OEC and thrusting at apcapsis. Proce-
dure for the reorientation maneuver is similar in nature to initial orientaticon.
Since the attitude and orbit are well established prior to this mansuver, the
magnitude of attitude correction can be stored in the OEC central secuencer at
any time prior tc initiation. In the worst case, a change in attitude of 90 degrees
might be necessary. The total time to make this maneuver i3 found by observing
the total number of axial jet pulses required. From Section 2.7, the 3 pound
axial jet was sized to provide 0. 14 degrees/pulse.

The total number of pulses (equivalent to spin revclutions) required is
640. Therefore, 12 minutes is necessary to perform this change for the nominal
OEC spin speed of 60 rpm. Because of the importance of precise attitude align-
ment prior to a maneuver, the adjustment could be extended cver a longer period
of time by dividing it into several corrections, each being studisd prior to com-
manding the next. Inthis way, overshoot can also be avoided.

Upon completion of the attitude correction, the orbkit maneuver is initiated.
Either the axial or radial jet is applied. If a pulsed radial jet is used, the per-
pulse correction of ~0. 04 fps indicates the execution of 5650 pulses. At 60 rpm,
the total time required is 95 minutes.

For this case, the crbit mansuver is conducted at apoapsis. FromSection
2. 2, it is seen that the OEC period spent near the apoapsis (* 20 degrees) of
this particular orbitis almost Z hours. The orbit correction is com-
pleted and verified within the first orbit. Following confirmation of the change,
the attitude is redetermined and ccrrections to reestablish the spin axis collinear
with the ecliptic normal are made.

The identical sequence is followed when using the axial thrustor. However,
the continuous mode operation must be used. The AV added per revclution in the
continuous operation is 17 times greater than that in the puised mcde since the
pulse spin angle is 21 degrees. Therefore, the maneuver couid be completed in
just 6 minutes. This is a far more reasonabie cperaticn time.

Ancther method of decreasing the maneuver time when using the pulsed
radial jet is to increase the thrust level. For example, a cheice of 10 pounds
decreases the maneuver period to <20 minutes. This is menticned only to show
that the radial jet could be usad to raise the apoapsis of the orbit also. Assuming
the requirement to increase apoapsis with AV = 205f{ps, it is readily recognized




from Section 2. 2 that only 20 minutes is available in the vicinity of periapsis

(£ 20 true anomaly). A 3 pound pulsed jet would require 95 minutes or up to five
orbits to accomplish this, whereas a thrust increase to 10 pounds would allow
maneuver completion in one orbit. There is but one additional alternative: to
increase the pulse spin angle. This increases the AV per cycle, but at the cost
of greater inefficiency. Axial jet operation is again an obvious solution for the
orbit changes.

There is one additional constraint imposed cn maneuvers that deserves
mention. If the correction is made over several orbits, the attitude to the Sun
must be preserved to maintain the solar array at the minimum allowable solar
aspect.

Maneuvers may require reorientation of the spin axis normal to or into
the plane of the orbit about Mars. This change is bounded by the inclination
of the orbit to Mars. which is 30 to 70 degrees. Hence, for low inclined orbits,
the attitude adjustment could be as great as 45 degrees. There is then a solar
array peak power degradation of 30 percent during this orientation. In this case
it is required to establish a maneuver mode,

2.8.4 Sequence of Events

Based on the previous discussions, the sequence of events and the
associated time intervals are established. To illustrate the differences between the
co-orbital concept and the baseline orbit change, two sequences are defined.

Tables 2-30 and 2-31 list the events. A time history is illustrated for the base-
line OEC in Figure 2-134. The important events are shown at the respective
orbital positions. Although the attitude correction need not be conducted
immediately, it is shown as part of the acquisition phase.

TABLE 2-30., TYPICAL SEQUENCE OF EVENTS — CO-ORBITAL SYSTEM

1) Transit to Mars

a) OEC temperature controlled using Voyager power
b) Batteries under continuous trickle charge (NiCd); precharged for (AgCd)

2) Voyager in Mars orbit, Lander operation complete
3) Optimum separation time determined (Earth computation)

4) OEC systems activated, internal power connected (Earth command)
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Table 2-30 (continued)

5)

6)

7)

8)
9)

10)

Separation sequence initiated, timer started (Earth command)

a) Main structural support of OEC removed (OEC timer)

b) Power umbilical separated (OEC timer)

c) Final release, springs push OEC off (OEC timer)

d) Fire squibs to release spinup gas (OEC timer)

e) OEC spinup to 60 rpm (automatic consequence of squib firings)
f) Switch to operational mode (OEC timer)

Operational mode

a) Sample scientific instruments (spin-cycle counter)

b) Sample sun and Mars sensors (spin-cycle counter)

c) Sample housekeeping data (spin-cycle counter)

d) Transmit data to Voyager (continuous-real time)

e) Control OEC temperature (passive control — power to boom sensors)
f) Charge batteries (battery controller, as needed)

g) Provide regulated power (power subsystem)

Solar eclipse mode

a) Switch to battery power (battery controller)

b) Continue sampling and transmitting (as in (6))

c) Control OEC temperature (passive control — power to boom sensors)
d) Provide regulated power (power subsystem)

e) Absorb power surge on emergence from eclipse (bus limiters)

f) Use horizon sensor pulse to activate plasma probe (sensor logic)

Data received and stored on Voyager (continuous)
Data transmitted from Voyager to Earth (Earth command)

Sensor data processed to determine OEC attitude and position (Earth
computation)

EARTH COMMANDS REQUIRED

Activate OEC (1 on-off) 1 time only
Start separation (on-off) 1 time only

Transmit data to Earth (1 on-off)

Depends on Voyager storage

VOYAGER COMMANDS REQUIRED

Relay ""activate OEC'" (1 on-off) 1 time only — umbilical
Relay "'start separation'' (1 on-off) 1 time only — umbilical

2-229




TABLE 2-31. TYPICAL SEQUENCE OF EVENTS — ORBIT
CHANGE SYSTEM

1)

2)

4)

5)

6}

Transmit tc Mars

a) OEC temperature controlled using Vcyager power
b} Batteries under continuous trickle charge (NiCd}; prechzarged for {(AgCd)

Voyager in Mars orbit, landing operaticon complete

Optimum separation time determined (Earth computaticn}

OEC system activated, internal power ccnnected (Earth ccmmand}
Separation sequence initiated, OEC sequencer started {(Earth command)

a) Main structural support of OEC removed (OEC sequencer}
b) Umbilical separated (OEC sequencer)

c) Final release, springs push OEC off (OEC sequencer]

d) Fire squibs to activate propulsion (OEC sequencer)

e) Spinup to 60 rpm (OEC sequencer)

f) Activate attitude control system (OEC sequencer)

g) Switch to acquisition (OEC sequencer)

Acquisition Mode

a) Sample and store scientific instruments (spin-cycle ccunter)

b) Sample and store sun and Mars sensors (spin-cycle counter}

c) Sample and store housekeeping data (spin-cycle counter)

d) Receive ranging pulse(s) (Voyager command)

e) Transmit ranging pulse(s) (command decoder to telemetry transpond
mode)

f) Receive transmit data command (Voyager ccmmand}

g) Switch to transmit data mode (command deccder to data and telemetry
subsystems)

h) Switch out of data transmit mode {Veyager command ocr OEC sequencer)

i) Assess OEC attitude and provide ccrrection commands {earth
computation)

j) Orientation maneuvers set in OEC sequencer {Earth command through
S-band)

k) Process to stored Sun-spin axis angle (OEC sequencer)

1) Process about Sun line by stored number of pulses parallel with
ecliptic normal {OEC sequencer)

Operational Mcde
a) Sample scientific instruments (spin-cycle counter}

b) Sample housekeeping data (spin-cycle counter})
c) Transmit data to Voyager
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Table 2-31 (continued)

8}

9)

10)

11)

d) Control OEC temperature (passive control power to boom sensors)
e€) Charge batteries (battery controller as needed)
f) Provide regulated power (power subsystem)

Solar Eclipse Mode

a) Switch to battery power (battery controller)

b) Continue sampling and transmitting data (as in (8))

c} Switch off attitude control system (attitude control logic)

d) Control OEC temperature (passive control — power to boom sensors)
e) Use horizon sensor pulse to activate plasma probe

f) Provide regulated power (power subsystem)

g} Absorb power surge on emergency from eclipse (bus limiters)

Data (including ranging pulses) received and stored on Voyager Earth
command, relayed to OEC — or Voyager sequencer)

Data transmitted from Voyager to Earth (Earth command)

Maneuvers sensor and range data processed toc determine OEC attitude
and position (Earth computation)

a) Time and direction of the attitude and orbit change impulse determined
(Earth computation)

b) Attitude and orbit change impulse duration set in OEC sequencer (Earth
command to OEC S-band)

c) Precess to stored Sun-spin axis angle (OEC sequencer)

d) Precess about Sun line by stored number of pulses (OEC sequencer)

e) Fire orbit change engine for stored duration (OEC sequencer)

f) Precess about Sun line, reversing (c) (OEC sequencer)

g} Precess spin axis to perpendicular to Sun line and parallel to ecliptic

normal (OEC sequencer, attitude control logic)

EARTH COMMANDS REQUIRED

Orientation maneuvers (2 magnitudes)
Orbit change impulse duration {1 magnitude)

Activate OEC (1 con-off) 1 time only

Start separation (1 on-off} 1 time only

Obtain ranging data (1 on-off) Several times only

Obtain data from OEC (1 on-off) Every orbit

Transmit data to Earth (1 on-off) Depends on Voyager storage
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Table 2-31 (continued)

VOYAGER COMMANDS REQUIRED

Relay orientation maneuvers (2 magnitudes)
Relay orbit change impulse duration (1 magnitude)
Relay "activate OEC" (1 on-off)

Relay ''start separation' (1 on-off)

Relay '"obtain ranging' (1 on-off)

Relay "obtain OEC data' (1 on-off)

Command OEC data stop (1 on-off)

1 time only — umbilical
1 time only —umbilical
1 time only —umbilical
1 time only —umbilical
Several times only
Every orbit

Possibly every orbit
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3.0 COMMUNICATIONS AND DATA HANDLING STUDIES
AND TRADEOFFS

3.1 GENERAL

Communication links to and from the OEC will provide for transmission of
data to earth via the Voyager orbiting spacecraft for commands to the OEC and,
possibly, at substantially reduced data rate transmitted directly to DSN inan emer-
gency mode. The commands could be sent directly from earth or by spacecraft
relay. Figure 3-1 shows a sketch of these routes with indications of link capabilities
for the illustrative design. Following are the considerations that influence selection
of RF power, duty cycles, modulation methods, frequencies, orbit preference, and
equipment selection.

The illustrative design is based on mission requirements outlined in Table 3-1.
Parametric curves are presented that allow gquipment characteristics to be deducef
for changes in these requirements which are- nd to occur as the design of experi
ments becomes firm,

3.2 UHF/VHF RELAY LINK FOR PRIMARY DATA MODE

The primary data link will use the Voyager vehicle as a relay so that the
large antenna and power capability of the large spacecraft will bridge the long path
to earth. A glance at the subsequent discussion describing the direct OEC link for
a backup mode will illustrate the need for relaying OEC data gathered at rates
exceeding 500 bits/sec. In the co-orbital mission, OEC separation is controlled so
that the two orbiting vehicles do not drift sufficiently apart that the line of sight is
occulted by Mars during the 6 months operational requirement. This implies
ranges less than 7000 km (3000 km at 6 months for the baseline example), so that
real time data can be transmitted using modest transmitter power. In the orbit
change mission Mars will intervene and the two vehicles may only have unobstructed
line of sight at distances as great as 23,000 km and then for only 30 percent of the
time. Provisions must be made to store data during most of the orbit and transmit
at an accelerated rate when the opportunity occurs. The transmitters will consume
energy levels of at least 110 watt-hours every 7 hours for the baseline design and
correspondingly more if unfavorable frequencies are used or if data requirements
grow.



TABLE 3-1, COMMUNICATIONS REQUIREMENTS

e Sampling rate for experiments 550 bits/sec or
1 frame/spin

Distance between samples <4.4 km at periapsis,
<l.3 km at apoapsis

e Mars sensor data 8 bits/sec, averaged
e Clock — Sun sensor 15 bits/sec

e Engineering data 50 bits/sec, averaged
e Data rate 630 bits/sec

or

16 megabits in 10,000 km
orbit; 32 megabits in 20, 000
km orbit

° Commands
Set magnituces into sequencer 7
Start sequences | 4
Select data readout modes 4
Backup capability on-off 16 (32 commands)

3.2.1 Frequency Selection

On the one hand, frequency selection depends upon the frequency varying
terms of the range equation, which are: noise temperature, transmitter power
efficiencies, and receiving antenna coverage requirements. On the other hand,
the frequency choice involves practical wavelength dimensions for achieving the

. antenna coverage required for both vehicles and also must lie in bands that have

been allocated for these purposes. The latter consideration would not appear to be
important for Mars applications; however, Earth testing problems make it advisable
to observe these regulations. Analysis leading to a quantitative evaluation of the
particular terms is described in the succeeding paragraphs.

It will be observed that receiving antenna coverage is listed among the fre-
quency dependent terms. This arises from the fact that coverage for both sending
and receiving antennas is set by the orbital geometry; therefore gain of the trans-
mitter is constant with respect to frequency and the effective receiving area increases
as N\ for constant coverage angle. '




3.2.2 Galactic Noise

The total noise temperature seen by the receiver is composed of receiver
noise, normal and abnormal solar temperature, and galactic noise.

The galactic noise seen by the vehicle receiving antenna was derived by
superimposing typical antenna beamwidths on a galactic plot of noise, measured at
100 MHz by John Bolton* and averaging for the worst case. These values were then
interpolated across the UHF/VHF band using other researcher's measurements of
the peak noise at the galactic nucleus. Figure 3-2 shows the integrated effect for
three different antenna beamwidths; noise temperatures for present uncooled
receivers have been plotted against the same ordinate. Antenna patterns are sur-
faces of revolution, henceforth termed omnidirectional. Only the wider beamwidths
appear suitable for the OEC geometry,

3.2.3 Solar Noise

Temperatures for the normal sun were derived from the relationship

_ (290) (675)
Ty° * T Gigahertz

This value represents the noise temperature 'seen by an antenna with beamwidth
sufficiently narrow to precisely include the sun (41 db gain) and must be adjusted
for the wider antenna beamwidths used here. This adjustment is most readily
achieved by forming the ratio of gains for the two antennas and was found to aug-
ment the noise temperature by 1.6 db in the 30 degree - 100 MHz case.

Types III (synchrotron radiation) and IV (plasma radiation) will add to the
normal solar temperature for limited periods. Type IIl radiation is concentrated in
the first few minutes of a storm and is characterized by spikes of energy spaced at
5-second intervals and lasting 1 to 2 seconds, followed by spikes of energy spaced
at 10 second intervals, 1 to 2 seconds long. Their effect is to raise the noise tem-
perature 7 to 13 db at 136 Mz. The plasma radiation will last for 1 to 6 hours but
the total power reduction will be less than 0. 6 db.

The more extreme power loss caused by Type IIl is not shown in the data
links since discussions with ARC indicated that these short term dropouts are tol-
erable and the entire system should not be penalized by the additional weight needed
to override such transient noise.

%" The Distribution of Cosmic Radio Background Radiation,' Proc IRE, Vol. 46,
pp. 208-215, January 1958.
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3.2.4 Summary of Frequency-Dependent Parameters

Figure 3-3 shows the conversion losses presently attainable in producing
RF power from solar panel or battery prime power sources. Figure 3-4 shows the
combined effect of all the frequency-dependent terms. Arrows indicate the three
frequencies in the range that are available for telemetry according to international

agreement. The positive direction of the ordinate represents increasing link
capability.

3.2.5 Modulation Method

Two modulation techniques have been considered for the relay link., The
fact that the Orbiter relay equipment is unattended suggested the use of a simple
discriminator for detecting noncoherent FSK of binary data on the carrier. The
penalty to the link couched in logarithmic terms is:

db [carrier/noise]RlQlD = 15.0 + 10 log (bit rate) + 10 log [(M+1) 2]
- 10 log (3M?)

Added bandwidth to allow for oscillator instability will raise this requirement sig-
nificantly. At 10 parts per million or 3 ppm if an oven is used, an additional 2 kHz
or 600 Hz must be provided, and these bandwidths are comparable to those required
for transmitting the information.

A similar representation of link stress for coherent PCM/PM in which the
data are bi-phase modulated on a subcarrier oscillator is:

db carrier/noise R'Q'D = 6.8 + 10 log (bit rate) + 10 log (2 JIZ)

Substituting numerical values for the real time case involving data rates of 630
bits/sec with a bit error rate of 10‘3, it is found that the noncoherent method
requires 10,6 db to 6.3 db more power than the coherent case, depending on use of
an oven. '

This difference may have little significance if power is low as is the situation
with some combinations of short ranges and optimum frequencies displayed below,
but for other situations shown even the 6 db penalty may result in data compromise.

There is still uncertainty in the demodulation method carried on the orbiting
vehicle for relay of descent data from the landing vehicle, but the very high data
rates expected for that phase indicate that high power levels would also encourage
the use of the most efficient modulation method. In this application the RF power
breakdown in Mars atmosphere causes a limitation that will not yield appreciably
even if weight were not limited.
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3.2.6 Coding

A good case is made for using coding in the subsequent discussion of the
backup data link operating directly into DSN. The possibility of using similar tech-
niques on the relay link was discarded because of the uncertainty in acquiring bit
synchronization. In order to realize a power advantage it is necessary to send the
coded binits at such a low energy level that the received signal is from 1 to 4 db
below the noise. Therefore binit synchronization must be achieved before decoding
can be started. The entire RF signal band can be recorded on the ground and binit
synchronization can be acquired at leisure with monitoring and repetition if diffi-
culty arises. This approach on the Voyager spacecraft is felt to involve too much
risk to be recommended in view of the present amount of inexperience.

3.2.7 Power Requirements for Alternate Cases in Co-orbital Mode

Table 3-2 shows combined effects for all of the frequency-independent terms
for the three types of modulation methods discussed above. These db sums added
to those shown in Figure 3-4 for the frequency-dependent terms give the -dbw value
for prime power required to transmit 630 bits/sec from 1000 km. Figure 3-5 shows
the prime power required for the several frequencies and modulation methods as
range increases,

The maximum range for each of nine data link parameters is determined by
the range at which the pertinent power line is intersected. These ranges are impor-
tant to the co-orbital tradeoff concerning separation forces and to the occultation
experiment. Occultation distances can only be achieved in the real time data trans-
mission mode if the coherent phase-modulation and 135 MHz option is used and if
13 watts can be used for the transmitter.

If an F'SK noncoherent system were specified for ease of spacecraft data
handling and if 400 MHz were dictated, then the co-orbital OEC could not be per-
mitted to drift more than 1000 km away from the spacecraft for full data transmis-
sion capability.

3.2.8 Orbit Change Mode

The preceding calculations can be adapted to the orbit change mode in which
spacecraft and capsule can be regarded as having roughly the same orbit but with
changing phase relationship in that orbit. Data collected at the 630 bits/sec rate
amount to 15 to 30 megabits for the orbital extremes under consideration. Since the
energy required to transmit a given amount of data is independent of transmission
rate, it is instructive to examine energy requirements versus range shown in Fig-
ure 3-6. This graph shows the watt-hours that will be expended by the transmitter
in transmitting various amounts of data to the Voyager Orbiter. Next, the actual
ranges that will be encountered for two vehicles in similar orbits but with different
periods was examined and summarized in Figure 3-7,

Here is shown a day-to-day history of ranges for readout opportunities as

the two vehicles drift into and out of orbital phase. The lower curve shows ranges
for 2 hour readout intervals when the Voyager orbit has 10,000 km apoapsis and
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TABLE 3-2. DATA LINK FREQUENCY INVARIANT TERMS

Frequency invariant terms normalized for:

Power 1 watt
Range 1000 km
Data rate 630 bits/sec
FSK-FM | FSK-FM |
PCM/PM No Oven Oven
OEC gain and losses, db - 6.0
41TR2 with respect to a meter, db -131.0
Boltzman's Constant, dbw/Hz +228.6
Margin, db - 4.0
Data requirements, dbw + 87.6 87.6 87.6
Modulation loss or improvement, db - 3.2 - 3.3 | - 3.3
Bandwidth (630 bits/sec), db - 28.0 -28.0 -28.0
Threshold for bit error rate of - 6.8 -10.0 -10.0
103, db
Oscillator instability, db _ 0 - 7.3 - 3.0
%49, 6 dbw | *39.0 dbw %42, 3 dbw

*These values may be combined with the frequency-dependent terms shown in
Figure 3-3. Prime power required may then be deduced by reversing the
resulting sign. '

1000 km periapsis but the OEC orbit has apses of 10,000 km and 500 km. The upper
curve gives ranges for 4 hour readout intervals for the same periapses, but apoapses
are both 20,000 km. These readout intervals were chosen to represent the same
duty cycle for each case since the orbit period is 7 hours for the lower curve and

14 hours for the upper curve. Curves for the intervening Voyager orbits lie between
these two extremes if duty cycles are maintained at 0, 29.

These curves represent one cycle of the synodic period which is repeated
with the period of earth days plotted respectively along the two abscissas. In both
cases the discrepancy between vehicle orbits is about 24 minutes. If a more dra-
matic orbit shift is effected, then the range histories (or ordinates) will remain the
same but the synodic period will be shortened; i.e., the two vehicles will drift into
and out of phase more quickly.
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At any particular day of a cycle it is possible to discover the energy
necessary to transmit data by reading range from the ordinate and entering this
value on Figure 3-6, The illustrative design has assumed that the batteries and
solar array are capable of collecting and storing transmitter energy of 110 watt-
hours each 7 hours. Figure 3-6 shows that this energy is sufficient to transmit
all of the experiments data for ranges up to 16,000 km, All of the data corresponds
to sampling experiments each vehicle spin or at distances of 1,3 to 4.4 km., This
line has been transferred to Figure 3-7 to show those days of the synodic cycles
when all data may be retrieved. If half the battery weight, or 55 watt-hours capa-
bility every 7 hours, is used the maximum amount of data can be retrieved only
when ranges are less than 11,300 km, This is also indicated by a horizontal line
with the 1, 3 to 4. 4 km inter-experiments sampling distance marked. Lines marked
with greater inter-experiments sampling distances indicate one way the volume of
data might be diminished to permit transmission when distances are too great for
the energy available, Experimenters could be given the option of reducing the samp-
ling rate with attendant increase in distance between consecutive samples or samp-
ling rate could be maintained with concentration on some portions of the orbit, The
above discussion is further covered for the baseline OEC power system in
Section 5.2 of Volume I,

3.3 S-BAND LINK FOR BACKUP DATA MODE

3.3.1 Analysis and Design i

A direct link to the DSN can be provided with the addition of equipment shown
in Table 3-3, Table 3-4 gives the calculations for link capability at the maximum
Mars range of 2,5 AU, and Figure 3-8 shows the performance for ranges down to
the closest range for either 1973 and 1975 launch opportunities, The curves for no
coding and for a convolutional code are presented to show the range of capability
that can be offered.

The curves designated minimum margin represent the case for all negative
tolerances agglomerated. The spread of values for various distances and system
performance levels indicates that provisions for several data rates should be
included to optimize data return. If coding were used, the rates might be 8, 48,

96, 200, and 300 bits/sec. Similarly, the sequencer could be programmed for a
variety of sampling modes that might be elected by the experimenters. With coding,
options could be provided so that data could be sampled from 1/2 to 1/70 as often

as in the primary data mode, or orbital segments of particular interest might be
sampled with the primary mode density.

The equipment weights shown are those of an existing transponder which has
been flight qualified for Surveyor and also flown on Atlas-Centaur tests for doppler
tracking, The antenna will be a stacked array of about 6\ with a 10 degree half-
power omnidirectional beam. The calculations are shown for circular polarization
which can be achieved with the element shown in Figure 3-9, This element has been
used at UHF frequencies in an array configuration, and scaling to the Goldstone
frequency presents no problem.,
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TABLE 3-3. ADDITIONAL COMPONENTS FOR S-BAND MODE

Components Weight, pounds Power Input, watts

TWT amplifier 0.95 --
Electronic conversion unit 2.5 53
Drive chain 2.15 9
Receiver and transponder 3.9 3
Diplexer 0.5 --
Decoder selection circuits 0.3 -
Cables and connectors 0.2 --
Structure 0.7 --

Totals 11.2 65

Should it be decided to measure the capsule attitude by sensing polarization,

then it would be necessary to use a linearly polarized antenna. The existing Syncom
communications satellite design can be readily extended to provide a 10 degree beam.




TABLE 3-4., TELECOMMUNICATION DESIGN CONTROL TABLE

Number Parameter Value Tolerance, db Source
1 Total Transmitter Power (12 watts) +10.8 dbw +1.0 -0.8 | TWT specification
2 Transmitting Circuit Loss -1.7db
3 Transmitting Antenna Gain (6\, circular polarization) 10.5 db -0.5
4 Transmitting Antenna Pointing Loss -3.0db +3.0 -0.0
5 Equation Constant k%(4ﬂR)_2 with respect to a meter -271.1 db +3.2 -0.4

at 2295 MHz, R =37.5-10%km
6 Polarization Loss
7 Receiving Antenna Gain (including losses) +60.9 db +1.2 -1.2
8 Receiving Antenna Pointing Loss 0.0 db
9 Receiving Circuit Loss 0.0 ab
10 Net Circuit Loss -204.4 db +7.4 -2.1
11 Total Received Power -193. 6 dbw +8.4 -2.9
12 Receiver Noise Spectral Density (N/B) +¢12.0 dbw/Hz| +i.1 -0.9%
T System = 45° ¢ 10°
13 Carrier Modulation Loss 1.2 R -3.4db 4+0.2 -0.2
14 Received Carrier Power -197.0 dbw +9.7 -4.0
15 Carrier APC Noise Bandwidth (ZBLO = 5 Hz) -7.0 db
CARRIER PERFORMANCE-TRACKING (ONE-WAY)
16 Threshold SNR in ZBLO -2.0db
17 Threshold Carrier Power
18 Performance Margin
CARRIER PERFORMANCE-TRACKING (TWO-WAY)
19 Required Threshold SNR in 2B1,0 4.0 db
20 Required Threshold Carrier Power 201.0 db
21 Performance Margin 4.0 db +9.7 -4.0
22 Threshold SNR in 2By 4 -4.0 db
23 Threshold Carrier Power 1+8.4 db
24 Performance Margin +4.4 db 9.7 -4.0
DATA CHANNEL
25 Modulation Loss -3.1db +0.2 -0.2
26 Received Data Subcarrier Power -196.7 dbw +9.7 -4.0
27 Bit Rate {1/T) (2.8 bits/sec) -4.5 Manchester
28 Required ST/N/B -6.8 db No coding, 10-3
bit error rate
29 Required Threshold Subcarrier Power -200.7 dbw
30 Performance Margin 4.0 db -4.0
SYNC CHANNEL
31 Modulation Loss
32 Receiver Sync Subcarrier Power
33 Sync APC Noise Bandwidth (ZBLO =
34 Threshold SNR in ZBLO
35 Threshold Subcarrier Power
36 Performance Margin
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3.3.2 Modulation Methods

The link computation for an OEC S-band transmitter to be used with the
DSN for a "backup' data mode shows that the minimum margin worst range case
affords a bandwidth x S/N product in excess of 11 db. This represents the
power in the subcarrier after threshold has been met in a 5 Hz carrier tracking
loop (2 B,) for a total received power of -197, 6 dbw.

The first question that arises is that of modulation method, and in par-
ticular whether the link is sufficiently weak to warrant multiple frequency shift
keying (MFSK), instead of proven phase shift keying of a subcarrier frequency.
The succeeding arguments were made in rejecting inclusion of this modulation
method,

If only the statistical effects of thermal noise are considered, then the
two straight line performance curves for MFSK and FSK of Figure 3-10 are
obtained. The 32 level modulation would then offer an improvement factor of
four over PSK; however, when oscillator drift is taken into account, as shown
in Appendix C, the dotted curve performance is obtained and the method offers
little improvement in the critical low data region., In addition, PSK has the
advantage that it is the DSN method which is compatible with doppler tracking
and proven data acquisition,

3.3.3 Data Enhancement Achievable With Coding Techniques

Enhancement of data rates by coding was then studied for this mission
and results were found to be favorable., The few codes discussed in the follow-
ing paragraphs are selected to give comparative advantages of block coding
and sequential (e.g., convolutional) coding for the present application. The
additional equipment in the spacecraft is modest for all of the codes cited, and
the ground decoding equipment varies for different codes as indicated below.

The capability of a code is expressed basically in terms of its error
rate as a function of received energy per bit/noise spectral density. In
Figure 3-11 the information bit error rate probability p is plotted against
STg/Ny, where S is the average received power in watts, Tp the bit time in
seconds, and N the noise spectral density in watts/Hz. Two codes are indi-
cated in addition to the no coding case: the (256, 9) biorthogonal code (Viterbi,
"Digital Communications') and the convolutional code with sequential decoding.
The biorthogonal code uses word correlation decoding, and requires 256 corre-
lators to decode according to one mode of decoding.

It may be important to note that each binit will have 1/28 the energy in
a binit, gmd hence synchronization could be a problem. For example, at
p = 1072, STy/N, = 2.1 and the binit signal to noise ratio is -11 db.

For the convolutional code the notation of Wozencraft and Jacobs™ is
used, For V = 3, essentially error-free performance could be achieved for
values of STB/NO quite close to the Shannon bound, but it is felt that the lower

*'"Principles of Communication Engineering."
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limit on ST, /N, is about 1. 75 due to computational difficulties. At this point
Rcomp = 173 for V = 3, and the average number of computations per bit
becomes infinite. Note that energy/binit is much higher than for the biortho-
gonal code. The cutoff point of 1. 75 assumes 8-level quantization of each binit
at the receiver.

It is also useful to determine the word error rate becuase it is some-
times more meaningful to think of a word as a single entity. In Figure 3-12
the word error rate for 9-bit blocks is plotted. The word error rate does not
have any significant effect on the cutoff energy/bit for the convolutional code,
and hence 1,75 remains the lower limit,

Enhancement is defined as the ratio, for given error probability, of
the no coding STg/N, to the STg/Ny for the code in question. For the convo-
lutional code, the latter quantity is taken to be STR/N, = 1.75 for all values
of error rate, The no coding case is considered to be the reference for mea-
suring enhancement. Figure 3-13 shows the enhancement plotted against
information bit error probability and word error probability respectively. The
enhancement is different for block codes depending on whether the bit error
criterion or word error criterion is used.

The interpretation of enhancement is that it is the factor by which the
power can be reduced for the same information bit rate or the factor by which
the information bit rate can be increased for the same power. The enhance-
ment curves should be used in the following way for block codes. For a bit
error probability of, say, 10-5, the enhancement in Figure 3-13a is 2,9, This
bit error probability corresponds to a no coding word error probability of 10'4,
and this yields an enhancement of 4,1 in Figure 3-13b, Which one will be used
is a question the user must decide. For a bit error probability of 10-3, the two
enhancements are nearly the same,

For the convolutional code, enhancement offers a comparison between
the energy required for a certain no coding error rate and the least energy
required to produce essentially error-free performance, under conditions that
make decoding reasonable. Recent developments suggest that it may be possi-
ble to trade computing difficulty for some non-negligible error rate for these
low energy levels. This problem is being further studied and with the help of
the Hughes simulator, now being developed, it will be possible to state what
additional performance can be obtained. However, as of this time, the block
codes are shown having greater enhancement than the convolutional code for
high error rates, but it is the opinion of experts in the field that convolutional
codes will outperform block codes in every aspect,

Other block codes have been considered, but the results are not
included here, For example, the Hamming (13, 9) code using two level binit
quantization (BSC channel) would produce a very modest enhancement (around
1.3). The decoding for this code is trivial compared to the above codes.
Another code might be (24, 9) code consisting of adjacent (16, 5) and (8, 4)
biorthogonal codes. The energy/binit would be high enough to ensure bit
synchronization, and the analysis is manageable.
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3.3.4 Command Link

The illustrative design makes use of the direct link from the Deep Space
Net (DSN) for sending commands to the vehicle, This path was selected in
preference to a Voyager relayed link for a number of reasons, but none forces
the choice decisively, and a relayed link would be adequate, First, present
Voyager plans have not included a VHF/UHF transmitter for commands to the
Lander capsule, and the OEC effort has been directed toward sharing relay
equipment as much as possible. Second, the inclusion of an S-band trans-
mitter for emergency data retrieval makes it desirable to carry an S-band
receiver so that the OEC can be entirely independent of the Voyager Orbiter.
Once this equipment has been added, it is reasonable to connect the two in a
transponder mode so that the excellent DSN doppler tracking capability can be
employed to accelerate acquisition of OEC orbital information. The orbital
considerations are discussed in Section 4, 0"where the conclusion is drawn
that this capability is not necessary for inferring positional data, but it would
facilitate assessment of the OEC orbit after orbit changes have been com-
manded,

Disadvantages of relaying commands through the orbiting vehicle are
that the equipment necessary for the relay portion adds in series for relia-
bility purposes and that the possibility of Mars occultation between Voyager
and OEC will increase the time during which commands may not be sent to
the OEC.

A range calculation verified that this link would indeed be adequate for
the purpose. This calculation is shown in the JPL format (Table 3-5) using a
pessimistic projection of DSN capability for the Voyager era and presuming
the use of an OEC receiver with a tunnel diode amplifier and a 20 Hz carrier
tracking loop. Maximum Mars-Earth range was used in the calculation.

Investigation of coding techniques for this link led to the following
recommendations., Codes that offer increased data rate are probably not worth
the incorporation of extra equipment in the OEC since the uncoded link supports
sufficient data rates to permit any command sequences envisioned. On the
other hand, error correction codes do offer the advantage that they significantly
diminish the probability that commands having errors will arrive and be
rejected by the OEC, thus requiring repetition of the command. Since the
round-trip time for a command and rejection may take 30 minutes, it is desir-
able to reduce the incidence of such an occurrence.

The effect of using a (15, 10) Hamming ''distance 4'' code implemented
so that single errors in a word are corrected and double errors are detected
is of interest, If a carrier to noise level and information rate is selected so
that the uncoded stream will experience an erroneously accepted word in 105
words, then the (15, 10) code using the same carrier to noise leyel and com-
mand rate will result in a rejected and retransmitted word in 106 words. -

Execution of an erroneous command will not occur more than once in
about 1010 words, If only error detection were implemented, then the rejection
rate, with attendant time lost, would rise to one word in 103, Figure 3-14
shows the probability of these events occurring as a function of STB/Ny, where
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TABLE 3-5. TELECOMMUNICATION DESIGN CONTROL TABLE
Number Parameter Value Tolerance, db Source

1 Total Transmitter Power 40.0 dbw +0.0 -1.0

2 Transmitting Circuit Loss -0.5 db +0.1 -0.1

3 Transmitting Antenna Gain 60.0 db +0.8 -0.8

4 Transmitting Antenna Pointing Loss -0.2db +0.0 -0.1

5 )\Z'(4WR)-2 with respect to meter -267.6 db +0.4 -0.4
at 2113MC, R =270 x 10® KM

6 Polarization Loss -0.7db +0.3 -0.3

7 Receiving Antenna Gain 0.0 db

8 Receiving Antenna Pointing Loss

9 Receiving Circuit Loss -0.4 db +0.5 -0.5

10 Net Circuit Loss -269.4 db +1.3 -1.4

11 Total Received Power -169.4 dbw +2.2 -3.2

12 Receiver Noise Spectral Density (N/B) 202.5 dbw/Hz | +1.0 -1.0
T System = 410°K

13 Carrier Modulation Loss -3.2 db +1.0 -1.0

14 Received Carrier Power -172.6 dbw +3.2 -4.2

15 Carrier APC Noise BW(ZBLO = 20 Hz) ~-13.0 db +0.7 -0.7
CARRIER PERFORMANCE-TRACKING (ONE-WAY)

16 Threshold SNR in ZBLO -6.0 db

17 Required Threshold Carrier Power -183.5 dbw +1.7 -1.7

18 Performance Margin 10.9 db +4.9 -5.9
CARRIER PERFORMANCE-TRACKING (TWO-WAY)

19 Threshold SNR in 2B;

20 Threshold Carrier Power

21 Performance Margin
CARRIER PERFORMANCE

22 Threshold SNR in ZBLO

23 Threshold Carrier Power

24 Performance Margin
DATA CHANNEL

25 Modulation Loss 1.16 radians -3.2db +0.6 -0.6

26 Received Data Subcarrier Power -172.6 dbw +2.8 -3.8

27 Bit Rate (lyT) -10.0 db +1.0 -1.0 10 bits/sec

28 Required ST/N/B -11.04db +1.0 -1.0 1077 bit error

rate

29 Required Threshold Subcarrier Power -180.5 dbw +2.0 -2.0

30 Performance Margin +7.9 db +4.8 -5.8
SYNC CHANNEL

31 Modulation Loss

32 Receiver Sync Subcarrier Power

33 Sync APC Noise BW(ZELO =

34 Threshold SNR in ZBLO

35 Threshold Subcarrier Power

36 Performance Margin




S is signal power, B bandwidth, T time per binit, and N, noise spectral density.
This quantity represents the product of energy/binit and bandwidth which occur
in the range equation. The uncoded case, represented by (10, 10), will be sent
at 10 bits/sec and the coded case (15, 10) will be sent at 15 binits/sec to effect
the same information rate, The abscissa has been selected so that a single value
represents the same link stress or energy for both cases, This may also be
regarded as energy per word, where the information per word is equivalent for
both cases.

The matter of transit time between sending and executing commands
presents the question of whether this delay could affect the mission adversely.
The command philosophy as shown in Section 4.0 *has been to make the space-
craft essentially automatic, with commands used for changing the mission
sequences or selecting alternate modes, Separation from the Voyager space-
craft will be initiated by a command to that vehicle, but subsequent operations
will be controlled by a sequence stored on the OEC. Similarly, attitude changes
will be controlled by stored sequences which are initiated by clock magnitudes
set into the OEC by magnitude commands that can be sent as much as one orbit
prior to execution. Instances when the inission is redirected involve examina-
tion of engineering data which have been stored on the Voyager spacecraft, The
time lapse involved in storing and relaying information is more significant than
command transit times,

3.4 SUMMARY

Figure 3-15 is a block diagram of the communications components nec-
essary to implement the orbit change baseline design. The proposed weights,
powers, and functional characteristics are now met in existing components or
represent simple modifications of existing components. Simple modifications
include stripping unwanted capability from more complex designs, adding
existing circuitry to augment capability, or scaling in frequency. The type of
equipment or modification is listed in Volume L.

* Volume I.
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4.0 CONFIGURATION STUDIES AND TRADEOFFS

4.1 GENERAL

Prior to the selection of a baseline OEC configuration, key areas needed
to be studied and explored so as to ensure that the conceptual design selected for
the OEC could feasibly satisfy the overall mission requirements. The purpose
of this section is to document the studies conducted during the course of the
feasibility study that provided the groundwork for selection of the baseline
configuration.

The establishment of a baseline configuration for the Orbital Experi-
mental Capsule rests primarily on meeting problems associated with the follow-
ing aspects of the system design:

e Experiment requirements and constraints

e Environmental conditions

e Voyager interface

e Gyroscopic stability

e Separation concept considerations

e Solar power considerations

e Boom mounted sensors

e Overall integration of OEC subsystems required to satisfy mission
requirements

The design effort required to integrate the OEC experiments and the capsule sub-
systems could meaningfully evolve only after these interrelated areas were
evaluated and their implications on the capsule configuration fully understood.

In the pursuit of establishing a conceptual OEC configuration, certain
design freedom was constrained by the following specified OEC system
requirements:

e Compatibility of the OEC with the 1973 Voyager misSion spacecraft.

e A life requirement of 12 months in transit to Mars stowed on Voyager
with a 6 month life in orbit about the planet.




e Spin stabilization at 50 to 70 rpm.

e A 0.25 gamma or less magnetic field at the magnetometer sensor due to
the capsule's inherent field.

e A scientific payload consisting of a complement of instruments which
could be represented by a magnetometer, solar plasma probe, and
electric field meter totaling 15 pounds and requiring 10 watts of power
continuously.

e A nominal weight of 100 pounds with potentially a contingency of 15
percent.

e A stipulation that the capsule's spin axis be normal within £5 degrees to
the ecliptic plane while in orbit about Mars.

The requirements of spin stabilization and spin axis orientation for the OEC
immediately suggest that the capsule's shape be cylindrical to accommodate an
optimum shaped solar cell array. There are then basically two concepts for the
capsule internal arrangement: an integrated design approach where the experi-
ments and supporting subsystems are intermingled, or a modular design approach
where the experiments and subsystems are essentially isolated from each other by
an arrangement that allocates a certain portion of the cylindrically enclosed
volume for each. Certain ramifications result, and are discussed later in this
section, by electing to locate the experiment module centrally on the capsule or at
one end of the cylinder.

The requirement that the magnetometer and the electric field meter sensors
be located away from the capsule bus by booms also implies possible configuration
variations: 1) an axially mounted boom along the spin axis for both sensors,

2) two radially mounted booms, and 3) drooped radially mounted booms.

The fact that the feasibility study considered both the co-orbital OEC sys-
tem and the orbit change OEC concept did not significantly affect the configuration
studies since only the propulsion subsystem requirement is significantly different.
Basically, the choice of an OEC configuration rests with satisfactorily integrating
the overall system into a simple and reliable design utilizing qualified equipment
and subsystems, after having explored the key interrelated areas tc ensure flexi-
bility and compatibility of the design choice.

4.1.1 Experiment Requirements

For the purposes of configuration evaluation and studies, three experiments
were defined as the baseline payload: a magnetometer, solar plasma probe, and
electric field meter. Both the magnetometer and electric field meter require that
their sensing elements be located some distance from the capsule electronics for
valid measurements to be made. The consideration of booms as part of the OEC
therefore is a firm requirement in light of the 0.25 gamma limit for the magnetom-

eter. The sensors for both these experiments could conceivably share the same
mast.




The plasma probe considered for the OEC mission requires a window
through the capsule to permit scanning the plasma, primarily in the plane of the
ecliptic. In addition to the three experiments mentioned, a low energy electron
detector may also be required in the payload Upon reviewing the typical
scientific experiments, the nominal physical parameters were found to be approxi-
mately as follows:

Magnetometer
Sensor 1.0 pound
Electronics 5.0 pounds (10 x 10 x 3 inches)

Solar plasma probe
Weight 8.0 pounds
Size ~ 6 inch cube
Electric field meter
Sensor 1.0 pound
Electronics 2.0 pounds (3 x 4 x 5 inches)

For the solar plasma probe, the required unobstructed acceptance window cor-
ridor is assumed to be 30 degrees equatorial by 160 degrees polar with respect
to the capsule.

The nominal physical parameters used for the scientific equipment
specified as the baseline payload compare very closely to the equipment used
by Ames Research Center on the Pioneer program.

4.2 ENVIRONMENTAL CONSIDERATIONS

Although the environmental conditions the OEC would be exposed to do not
play a major role in dictating configuration selection, they are certainly of utmost
concern in the conceptual design of the overall system. The thermal environment
was studied for both the transit phase and in-orbit operation of the OEC. During
the transit phase,the OEC is mounted on the Voyager spacecraft bus and by
necessity (available stowage volume) must be placed on the nominal shade side
of the Voyager solar panels. For in-orbit operation, the thermal studies had to
investigate power variations for extreme modes of operation as well as eclipse
periods. The studies resulted in findings and conclusions that recommended
special design features for incorporation in the baseline configuration. These
conclusions are covered in detail in Section 6.4 of this volume.

Due to the current uncertainty of the actual 1973 Voyager spacecraft
design to be selected from the present three contractors involved, a dynamics
analysis of the OEC launch environment was felt to be of little credibility at this
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time. Information on the structural dynamic characteristics of the Voyager bus
would require thorough assessment before a meaningful study of the OEC launch
environment could be undertaken. In concept there do not appear to be insur-
mountable problems in attaching an OEC mounting adapter to a portion of the
Voyager structure, realizing that the Voyager bus itself requires that certain of
its equipment be mounted externally of the bus structure, i.e., scanner platform,
high gain antenna, etc.

4.3 VOYAGER SPACECRAFT CONSTRAINTS

In order to define a baseline OEC configuration, the preferred spacecraft
design of each of the three candidate contractors (General Electric, Boeing, and
TRW Systems) was studied so as to establish the physical constraints that each
design imposed on the OEC. The commonality of the three designs with respect
to their solar array, spacecraft bus, and Lander capsule placement established
the fact that the OEC could only be attached to the Voyager bus in the peripheral
space between the bus and the Saturn V shroud. The longitudinal position of the
OEC is restricted between the Lander capsule bus interface and the shade side
of the solar array. Figure 4-1 depicts the typical overall Voyager envelope.
There may very likely be additional stowage space forward of the Lander-
spacecraft interface should the selected Lander design for the 1973 Voyager
mission not fully utilize the launch vehicle cylindrical dynamic envelope of 20
feet in diameter. Since the Lander design is presently undergoing design develop-
ment, the stowage volume for the OEC was assumed to be constrained to the
peripheral space around the Voyager bus so as not to violate space in the forward
area that may be required by the Lander or its separation mechanism and inter-
face with Voyager.

Figure 4-2 depicts the GE Voyager design and placement of subsystems
that could negate stowage of the OEC in those areas Figures 4-3 and 4-4 show
the same information for the TRW Systems and Boeing designs respectively.

The radial space between the Voyager bus and the shroud dynamic
envelope is approximately 5 feet, with the exception of the Boeing design which
is more restrictive. The Boeing design utilizes solar panels that are stowed
parallel to the longitudinal axis af the Voyager during the launch phase, further
reducing the radial space in local regions to approximately 3 feet available for
stowage of the OEC.

Figure 4-5 summarizes these physical constraints for all three designs
with a superimposed plan view. To maintain a common reference on all three
designs, the location of the spacecraft transverse axis normally pointing to
Canopus was used since the axis nomenclature used by the three contractors
varied.

In summary, it appears that at least within the present Voyager space-
craft concepts proposed by the three contractors, the most OEC stowage space
in available in the GE design. The TRW design offers slightly less space
because the longitudinal dimension of the bus is reduced over the GE design.
The most restrictive envelope for stowage of the OEC is offered by the Boeing
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design, primarily due tc their solar panel design concept and electronics compart-
ment that extends farther cutboard from the basic bus structural envelope. Never-
theless, it appears that with any of the present Voyager designs, adequate space

1s available for stowage of the OEC.

4.4 GYROSCOPIC STABILITY CONSIDERATIONS

The specified requirement that the OEC be a spin-stabilized capsule
requires that the mass moment of inertia about the spin axis be greater than the
moment of inertia about any transverse axis for stability to be inherent. During
the course of this feasibility study, the implications of the inertia ratio criteria
(Iro11/Itransverse = 1. 0) was investigated for alternate configuration approaches
(integrated or modular design) and various boom mounting schemes to the
capsule — axial, radial, and drooped radial booms.

The fact that the size of the cylindrical solar cell array basically dictates
the capsule envelope required an assessment of the volume requirements of the
internal equipment and experiments. Based on preliminary studies, the total
packaging volume required was established nominally at 4 cubic feet. A solar
array capable of 37. 5 watts appeared to be required to provide the necessary
power for the capsule equipment and subsystems. Based on the capsule diameter
and effective packaging height, Figure 4-6 relates inertia ratio to capsule aspect
ratio (diameter/effective height).

For increased power demands, the effect of increasing the length of the
cylindrical solar array has only a negligible net result on the moments of inertia
of the capsule, although the added feature of booms to support sensors remotely
from the bus does significantly affect the capsule's inertia ratios. Figure 4-6
shows the range of inertia ratios (Iroll/lpitch) for four Hughes spin-stabilized
spacecrafts, The approximate increase of 50 percent in the Early Bird
satellite's solar panel length does not contribute any substantial change in
inertia ratio over its predecessor, the Syncom satellite, yet outwardly a large
change in apparent aspect ratio (diameter/actual height). The UCLA satellite
inertia ratio is significantly lower than Early Bird or Syncom by virtue of the
two long (~ 3 meters), drooped booms required. The curve on the figure is for
a classical model cylinder shaped capsule assuming uniform packaging density.

The effects of both axially mounted booms and radially oriented booms
are shown in Figures 4-7 through 4-12. Figure 4-7 presents moments of inertia
of the OEC in roll and pitch versus capsule diameter for the single axially
mounted boom concept. Figure 4-8 is a plot of axial boom length versus OEC
diameter for varying roll to pitch inertia ratios. Figure 4-9 relates cylindrical
height for the basic bus and solar arrays of 20 and 30 watt capabilities to OEC
diameter. Figure 4-10 indicates the axial boom length variation for various
OEC basic diameters for a desirable roll to pitch inertia ratio of 1. 10. Figure
4-111is a plot of roll to pitch inertia ratio versus radial boom length for a fixed
volume OEC and also for a fixed weight (varying volume) OEC. The same data
is presented in Figure 4-12 for dual radial booms drooped 30 degrees for a
fixed height OEC capable of satisfying the modular ""stacked' configuration concept.

S
|
<1




SPACES OCCUPIED BY é
VOYAGER SUBSYSTEMS %
GENERAL ELECTRIC E
E= eacecrarr &
E TRW SPACECRAFT TO CANOPUS 2.0 \ T N
([ BOEING SPACECRAFT ‘ FLAT CIRCULAR DISK _ ;.é
0 ®
=
2| & O SYNCOM
OUTBOARD EDGE OF _8 _E @ EARLY BIRD
SOLAR ARRAY (VOYAGER) -
RADIAL SPACE e [} HOMOGENOUS CYLINDER
APPROXIMATE T o) SIP::AOE;(E“’;AATE 2 FT g APPROXIMATED BY UNIFORM @ ATS
5 FT FOR OEC =t H g ® PACKAGING DENSITY © UCLA 66-A
STOWAGE i VOYAGER ORBITER 2 ©
35° 2 BUS STRUCTURE g 1.0
\L " APPROXIMATE z
. N 10 FT DIAMETER z
180 o 2 PREFERRED RANGE OF
g OEC CONFIGURATIONS
2
ane 2 AXIAL BOOM REQUIRES
~38 IN HH GREATER D/H RATIOS
Sfned X ~28 N
»° 0 2 4 6
o DIAMETER
70 EFFECTIVE HEIGHT RATIO
Figure 4-5. Peripheral Space Figure 4-6. Roll to Pitch Inertia Ratio
Allocations of Voyager Orbiter Versus OEC Diameter to Height Ratio
Subsystems
8 PITCH INERTIA OF | &
OFEC WITH SINGLE | &
AXIAL BOOM L
BooM, |3
6 FEET = 8 g
ASSUMPTIONS
1. OEC WEIGHT =100 LBS
2. MASS ON END OF BOOM = 1.5 LBS
s | 3 OEC VOLUME REQUIRED MINIMUM = 4 FT°
4. UNIFORM PACKING DENSITY 6
&
(O]
2 /
a4 .
< NO AXIAL BOOM 4
£ CAPABILITY BELOW
E 22.5 IN. DIAMETER 2
e « / NO BOOM 12 o
o 3 | 2
= I [+5]
pa R v
C2> / m IP 3
= /) g8 1.0 [
2 = 1.1
/L/ DIAMETER STOWAGE z /Z 12
ENVELOPE CONSTRAINT
z C——— 1.4
B (VOYAGER SPACECRAFT) & s
V| 5 4 =]
1 A 8
FEASIBLE RANGE a /
OF S——
OEC DIAMETER
l 0 10 20 30 40 50 60
0 10 » % “0 %0 €0 OEC DIAMETER, INCHES
OEC DIAMETER, INCHES
Figure 4-7. Moments of Inertia Figure 4-8. Single Axial Boom Length
Versus OEC Diameter for Constant Versus OEC (4 square feet) Diameter
Volume OEC (4 square feet) for Range of Roll to Pitch Inertia
Ratios (I, /I
(I /1p)
4-8




MAGNETOMETER

BOOM LENGTH

(N) zz1-58£0L

CYLINDER HEIGHT, INCHES

CONSTANT
HEIGHT PACKAGING
(21 IN.)
w0 N 8
8
30 W ARRAY & 5
20 W ARRAY \ » W
\ \ N i /
30 \ AN 2 E 6
AN d o
\ ~ APHELION SOLAR Z
N N4 INTENSITIES AND 3
N . _TEMPERATURES
~
20 I > § 4 /
\\ g
'\ :
\ s
10 :
EFFECTIVE PACKAGING <
oMM HEIGHT HEIGHT OF COMPONENTS E
"STACKED" MODULAR E——
OE(J: CONFIGURIATION
0
0 10 20 30 40 50 60 (1} 10 20 30 40 50
OEC DIAMETER, INCHES OEC DIAMETER, INCHES
Figure 4-9. Cylindrical Height Versus Figure 4-10. Maximum Axial Boom
OEC Diameter Length Versus OEC Diameter for
Constant Height OEC to Retain
I_/I_=1.10
R / P
EXPERIMENTS 3
(CENTER MODULE) § g
OEC SUBSYSTEMS BOOMLENGTH L &
{TOP AND BOTTOM 83 BOOM LENGTH ';
MODULE) g —{ b
o0 1] 21.0IN. e

OEC DIAMETER o/( Q_

2.0 — 300
40 IN. OEC DIAMETER
DIAMETER
CYLINDER
1.8
N \ _ FIXED CYLINDER HEIGHT 1.8
N % IN\ ———  FIXED VOLUME
% 1.6 __\_mff:;';\ im. DIAMETER
S 4 IN. N \ -6
s DIAMETER | N\ N o
S, S~ U N 3 0N, DIANM
o ~ N ~N T N
R \\ A g o4
25 IN. DIAMETER \\ N < \ \
\ 6
1.2 \Q«{\\ \\\ = & 30 IN. DIAMETER \ \
1.2 M~
30 IN. DIAMETER — N‘ T \ I
\J 25 IN. DIAMETER | —==={ ___ __| \ [~
1.0 - : 25 IN. DIAMETER I~
0 2 4 6 8 10 o =l [
RADIAL BOOM LENGTH, FEET 0 z 4 é 8 10
DROOPED BOOM LENGTH, FEET
Figure 4-11. Roll to Pitch Inertia Figure 4-12. Roll to Pitch Inertia
Ratio Versus Radial Boom Length Ratio Versus Drooped Radial Boom
for Fixed Volume (4 square feet) Length for Fixed Height (21 inches)

and Fixed Cylindrical Height OEC
(21 inches) OEC Configurations

4-9




12 ,
| MODULAR DESIGN
R0 DROOPED RADIAL BOOMS
3 MODULAR DESIGN FIXED HEIGHT
TWO RADIAL BOOMS
10 ! — ,
| Y
INTEGRATED PANCAKE DESIGN g e ,’
TWO RADIAL BOOMS i P
4 ) ,
& ,{ (SELECTED
8 ot 741~ BASELINE —
) 5 RANGE OF BOOM o DESIGN)
d BOOM i LENGTHS COMPATIBLE
Lr:jim e WiTH 0.25 GAMMA : s
= REQUIREMENT
[0 ’
zZ 6 y pes
& [ /
/
AXIAL 8 g
BOOM Q Y
RADIAL ®
BOOMS 4
l INTEGRATED PANCAKE
DESIGN SINGLE AXIAL
BOOM FIXED VOLUME
2
MODULAR DESIGN
FIXED HEIGHT
SINGLE AXIAL BOOM
0 10 20 30 40 50

OEC DIAMETER, INCHES

Figure 4-13. Boom Implications on Inertia Ratios

SPIN AXIS NORMAL TO VOYAGER SPIN AXIS TANGENTIAL TO VOYAGER

(n)1-egzoL

7N
/ My =~
10 | |
SN T |
\ J
N e
\\ ~ |
ECLIPTIC NORMAL ECLIPTIC NORMAL
(OEC SPIN AXIS) (OEC SPIN AXIS)
FEASIBLE SEPARATION CONCEPTS
TYPES SEQUENCE REMARKS
o DELAYED SPINUP RELEASE/EJECT DESIGN SIMPLICITY/ATTITUDE ERRORS BUILD UP
e PARTIAL SPINUP RELEASE/EJECT AND SPIN DESIGN SIMPLICITY/REDUCED ATTITUDE ERRORS
o FULL SPINUP SPIN/RELEASE/EJECT INCREASED DESIGN COMPLEXITY/CLEARANCE PROBLEMS/

NEGLIGIBLE ATTITUDE ERRORS

Figure 4-14. Spectrum of Separation Modes

4-10

{n) L9-¥8€0L



Figure 4-13 in effect summarizes the investigations of boom implications
on inertia ratios. From the data presented, it is evident a serious disadvantage of
the axial’boom conceptexists in contrast toradialbooms since the capsule diameter
would have to greatly increase above approximately 4 feet in diameter should a
7 foot boom be required.

4.5 SEPARATION CONCEPTS

As part of the OEC configuration studies, the manner in which the capsule
is attached to the Voyager,and the direction and technique considered for separa-
tion had to be studied. In a separate section of this report,the problems involved
with separation are treated in detail; the discussion here is aimed at the facets
of separation most pertinent to and influencing configuration selection.

Figure 4-14 shows the variety of ways separation of the OEC cylindrical
capsule could be achieved. The scheme evolved, considered to be the most
simple and straightforward, is briefly described below.

The OEC is attached to an adapter which in turn is mounted to an appro-
priate surface on the Voyager bus. The separation joint is held in contact by
utilizing multiple explosive bolts at the flange. Upon command, prior to actual
separation, the pyrotechnic attachments are activated, which releases the
loading at the separation flange. Following this, small fixed stroke thrusters
(pinpushers) are activated which push the OEC mounting flange off the adapter
flange so as to ensure no adhesion at the joint. The amount of clearance need
not be great since it is merely the assurance of no adhesion between the sur-
faces that is desired. A single cable at this time holds the OEC to the adapter.
Upon initiating a pyrotechnic guillotine, which severs the cable, a single spring
imparts the separation impulse to the capsule. Should it be considered undesira-
ble to have the separation spring loaded throughout the transit phase of the
mission, it is quite feasible to design into the system a means of loading (com-
pressing) the spring as a result of the thrusters' function of gapping the separa-
tion plane.

The technique described above would be utilized for pure separation
without imparting any spin rate or, by a slight modification of the OEC mounting,
could be utilized to impart a partial spin (torque-impulse) with the separation
impulse (force impulse). In concept, the two schemes are shown in the sketches
in Figure 4-15. It is felt that the conceptual design of the OEC should be of a
nature that either scheme can be considered. The baseline configuration as
discussed in Volume I in fact could accommodate either mounting technique since
the structural frame could be attached to an adapter at either the cylinder end
(for nonspinning separation) or on the cylinder edge at the bulkheads (for partial
spinning separation).

The most straightforward and simple utilization of booms is to provide
rigid nonmoving members attached to the capsule structure. An assessment of
the stowage volume available on the Voyager spacecraft indicated that fixed
booms could be accommodated within the assessed available space. Figure 4-16
shows a sketch of the possible placement of the OEC on the Voyager bus utilizing
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both radial and axial booms. Of the candidate separation modes indicated, the
recommended technique considering radial booms is for the nonspinning (delayed
spinup) type of separation. The selection of fixed radial booms as the type
considered for the baseline OEC configuration definitely limits the orientation

of the capsule on Voyager to a manner such that the booms do not extend beyond
the Lander-bus interface.

4.6 SOI.AR POWER CONSIDERATIONS

A's mentioned earlier in this section, the requirement of providing a
solar array around the external surface of the OEC essentially established the
capsule's external profile and space envelope. The fact that the solar array
surface area encloses a volume sufficiently larger than that required by the
OEC equipment offers alternative approaches to the packaging of experiments
and subsystems. Figure 4-17 depicts the OEC configuration alternatives which
were explored leading to the selection of a baseline configuration.

Of importance in consideration of boom placement on the capsule is
potential shadowing of the solar array by radial booms. The modular design,
in which the experiment module is placed below the subsystem module, readily
ensures that booms mounted off the experiment compartment will not shadow
the array.

Due to the relatively light weight of the solar array, the extension of
the cylindrical array has negligible effect on the moments of inertia of the
basic capsule. Hence any increased power requirements could easily be met
with negligible changes to the basic configuration and arrangement.

4.7 BOOM CONSIDERATIONS

A prime factor in the selection of a baseline OEC configuration is the
necessity of providing the capsule with booms to position experiment sensing
elements such as a magnetometer sensor and electric field meter antennas away
from the magnetic field generated by the OEC electronics. The incorporation of
booms on satellites is a state-of-the-art technique utilized on numerous artificial
satellites for various reasons — i. e., sensor mounting, gravity gradient stabiliza-
tion techniques, and various antenna designs.

Ideally, constraints permitting, the simple fixed boom concept provides
maximum assurance of operation because no mechanisms or moving parts are
required in the system. Other techniques recognized as feasible are: hinge or
multiple -hinged booms such as those typically provided by Comstock and Wescott,
Inc., Cambridge, Massachusetts; storable tubular extendible member (STEM)
devices built by DeHavilland Aircraft of Canada Limited; and telescopic extendille
members.

The fixed double boom weighs approximately 3. 0 pounds, considering
sensor positions in the order of 2. 0 meters from the OEC center. Hinged booms
of equivalent length would weigh about 2. 5 to 3. 5 pounds for each assembly
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considering hinge and locking mechanisms. The DeHavilland STEM device poses
the largest system weight, in the order of 7.5 to 9. 0 pounds for a dual extending
boom package. A magnetometer boom for a 20 foot extension built by DeHavilland
weighed 9. 4 pounds and utilized a beryllium copper element 1. 25 inches in formed
diameter. The retracted envelope was 6 by 7 by 18 inches. Position accuracy

of the deployed sensor axis poses a serious problem in the STEM (storable
tubular extendible member) principle since the element's torsional qualities
cannot be controlled to under 3 degrees for the lengths considered for the OEC
application. Some improvement in the torsional uncertainty is being sought

by the manufacturer by a technique of multiple concentric elements.

Figure 4-18 illustrates the boom configuraticn alternatives considered
as candidate design concepts. Having investigated the ramifications involved
for each configuration, the suggested approach for the OEC mission is to utilize
radial drooped booms, in light of the serious lack of growth capability in length
for axial booms. The advantage of the drooped bocoms over purely radial booms
is that shadowing of the solar array is virtually eliminated.

The possibility certainly exists that during further development of the
Voyager spacecraft itself, envelope allowances for the OEC may become more
restrictive, requiring the use of stowed booms in transit to be deployed once
the OEC is separated from Voyager. Should this constraint become a reality,
the radial boom could be designed as a single hinged member, folded adjacent
to the capsule surface and parallel to the spin axis while in transit.

A manufacturer specializing in space application instrument booms such
as Comstock and Wescott could provide boom assemblies comparable to the
units described above. A brief description of their design follows; Figure 4-19
shows a typical boom hinge of Comstock and Wescott design:

A coil spring of music wire acts in torsion and extension to operate a
self-opening and locking joint. Used in a series of self-extending boom
systems for ionospheric sensors from spacecraft or sounding rockets,
the design permits wires from remotely mounted probes to pass through
the joints without exposure or interference.

The joint consists basically of stationary and movable body halves con-
nected by a central tube fixed to the stationary body portion. An end cap
in each body half is retained by the close-wound spring, which exerts a
twisting and pulling force on the two halves. Rotating the caps during
assembly provides initial spring windup. Roll pins prevent the end caps
from rotating in the body halves and thus transmit the torque to open the
joint. When the caps have rotated fully, the spring operates in tension
to move them axially toward each other. This causes engagement of
locking lugs that prevent rebound or oscillation. An external pin in the
movable body half seats in a hole in a stationary mounting block and holds
the boom system in its folded position. In a multisection probe, the
pins assure sequential unfolding of each section.
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The two body halves and end caps are machined from aluminum to reduce
weight. The central tube is made of stainless steel for added strength,
and the main spring is close-wound music wire. Thin-walled aluminum
tubing is used for the boom sections. The body halves are hard-coated
to avoid galling at points of sliding contact, and the central tube is
chrome-plated for a satisfactory low-friction bearing surface.

For comparison, Figure 4-20 shows the STEM type of boom mechaniza-
tion which utilizes the principle of a prestressed element that takes on a tubular
shape once unrolled from a storage drum.

4.8 CONFIGURATION DEVELOPMENT

The iterations leading to the recommended configuration proposed for
the OEC are best envisioned by briefly covering some of the initial configuration
concepts evolved in the study. Four configurations (A through D) are described
here which were later rejected on the basis that the recommended configuration
offered the greatest flexibility and best satisfied the OEC mission objectives.

4. 8.1 Configuration A

Configuration A (Figure 4-21) is basically a modular type design which
centrally allocates the midportion of the capsule for the housing of scientific
equipment. This central section would permit flexibility in the selection of alter-
nate scientific equipment and provide the capability for full circumferential
position selection of instrument sensing equipment.

The capsule is basically a cylinder approximately 36 inches in diameter
by 38.5 inches in length equipped with two diametrically opposed booms that
support the magnetometer and electric field sensing elements. The booms are
indicated as part of the central science instrumentation module structure and
extend radially from the OEC spin axis. The placement of the booms and sensor
on the geometric center of the capsule also reduces their inertia contribution to
the transverse axis of maximum inertia, helping enhance the roll to pitch inertia
ratio of the capsule. . The booms are rigid and fixed to the capsule fully '
extended, eliminating the added complexity of articulated or deployable boom
mechanization which would increase the overall complexity of the system. With
fixed-extended booms, more consideration of launch and boost phase dynamic
environments is necessary than with stowed boom configurations. Dynamic
loads and vibrations could satisfactorily be controlled by providing additional
support lines from the boom to the capsule and/or snubbers mounted on the
Voyager bus.

The maximum length of the booms from the capsule centerline is about
2 meters, limited by the launch vehicle shroud dynamic envelope. The slight
increase in boom .semispan that could be realized (~1 foot) by locating the
booms on the OEC closer to the base or separation plane does not appear
attractive for an OEC without attitude correction capability since the separa-
tion distance required prior to OEC spinup is also increased. Clearance
requirements between the Voyager and the boom extremities will dictate ""safe'!
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separation distances prior to spinup. Although this clearance problem is not
present if spinup is effected prior to boom deployment, the added complexity of
stowed deployable booms does not show any other significant advantages.

An attractive feature of the modular configuration approach is flexibility
in assembly, testing, checkout, and replacements. By virtue of the stacked
assembly, each module can be handled separately. The modular approach also
provides for minimum experiment-subsystem interfacing, which would facilitate
accommodation of alternate instruments for future planetary missions. Future
interchanging of experiments also will have a minimum effect on mass properties
of the OEC. Figure 4-22 shows a conceptual arrangement for the modular OEC
configuration. Figure 4-23 shows a structural arrangement for this design, and
Figure 4-24 describes a typical experiment module layout for this configuration.

Configuration B (Figure 4-25) differs from the modular approach of
Configuration A primarily in that the scientific equipment is integrated with the
capsule subsystem components. This design concept imposes packaging con-
straints on both the science equipment and the capsule subsystems since the
internal arrangement of components is interdependent. Experiment viewing
requirements and acceptance angle variation of sensors also affect the solar
array design.

The solar array, extending the full length of the cylindrical shaped capsule,
limits attachment of the booms, whether fixed or deployable, to the capsule struc-
ture at either end of the cylinder to avoid penalties to the power system from solar
cell shadowing.

As is true for Configuration A, the booms could be designed as simple
hinged members supported at the capsule structure. Increasing the length of the
booms and stowing them at an angle of approximately 45 degrees with respect to
the capsule longitudinal axis would permit individual boom lengths up to 3.5
meters (tip of boom to capsule centerline)., In order to minimize the failure
probability of the boom hinge and tiedown mechanization, the boom support and
release mechanism might be activated to orient the booms perpendicular to the
capsule spin axis upon termination of the launch vehicle boost phase, thereby
eliminating the 12-month transit storage life requirement of such a system.

4.8.3 Configuration C

Configuration C (Figure 4-26) utilizes a central antenna mast to extend
the magnetometer and electric field sensors from the capsule body along the
spin axis. To compensate for the transverse inertia growth due to the antenna
mast and tip mounted sensors, the internal arrangement of experiment electronics
and subsystem components requires more extreme peripheral mounting within
the capsule than the two previous arrangements. A diameter constraint of 48
inches for the OEC seems reasonable, based on stowage envelope capability of
the three candidate Voyager spacecraft designs. Assuming 48 inches as a maxi-
mum diameter and power requirements for the cylindrical solar cell array area
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comparable to the two previous configurations, the cylindrical array height would
be approximately 24 inches.

The penalties of Configuration C include the difficulty of maintaining proper
thermal control due to the ineffective coupling because of the inefficient packaging
considerations required and structural weight penalties that would result in pro-
viding support for the components at greater distances from the desired central
support region. With the mast serving as the supporting member for the sensors,
it is necessary to size the member so that any possible initial eccentricity of the
mast about the spin axis will not induce centrifugal loads on the shaft greater
than its bending (deflection) capability. For zero-gravity environment, the
critical speed — natural frequency consideration does not establish the stiffness
criteria for the mast member; consequently the member's stiffness is selected
to accommodate possible induced centrifugal loads and launch/boost
environments.

The modular approach, as utilized in Configuration A, if applied to
Configuration C would yield a highly inefficient structural design due to struc-
tural redundancy of each module with inherent stability problems. An alternate
modular approach could consider separate pie-shaped bays reserved for experi-
ments and OEC subsystem components, Radial viewing requirements of
experiments could be accommodated by a longitudinal viewing slot through the
solar array.

Integration of the Configuration C type OEC with the Voyager spacecraft
does result in increased mechanical interface complexity, merely due to the
larger capsule profile. Clearance requirements of the Voyager bus subsystems
may complicate the mechanical interface considerations. The present Boeing
design concept imposes OEC stowage envelope constraints not present in the GE
or TRW design because the solar array is initially stowed at four radial posi-
tions at the base folded parallel to the Voyager bus. Since the solar panels are
stowed parallel to the launch vehicle axis, it is possible to position the capsule
in the space between the Voyager bus and folded panels; the penalty would be
the increased distance the OEC must travel prior to initiation of spinup to assure
ample clearance of the outboard edge of the deployed solar array.

Since the propellant required to spin up the capsule is less than 1 pound
(assuming GN or CFy4), the increase in the torquing radius provided by this
configuration results in only minor propellant weight savings, at the expense of
an increase in the systems fixed weights.. . Similarly, placing the spinup thrusters
on radial booms does not warrant the added complexity of flexible lines and
associated line weights incurred.

4. 8.4 Configuration D

No serious consideration was given to the configuration depicted in
Figure 4-27 since the required attitude is in violation of that stipulated by the .
Ames OEC specifications. The sun-line oriented spin axis does imply attitude
control requirements for the OEC, although only a minor number of corrections
(two or three) would be required throughout the 6 months life in orbit, accepting




slight power degradation due to off-normal incidence. The desired field of view
best satisfying the plasma probe experiment would be only partially attainable

with this configuration inasmuch as the fields of interest lie in the ecliptic plane.
No serious thermal control problems are introduced by this configuration that could
not be controlled by a passive system. One feature of the fixed-flat solar array
concept is a weight reduction by over a factor of three for the solar panels over the
other configurations discussed. No telecommunications advantages are gained by
this configuration.




5.0 RECOMMENDED CONFIGURATION

A spectrum of configurations has been discussed which lead to the design
approach presented here as the most suitable OEC arrangement in light of the
numerous interrelated areas that needed to be satisfied. The recommended
OEC configuration is shown in Figures 5-1 and 5-2. A detailed discussion of
the general arrangement is presented in Volume I of this final report.

Table 5-1 represents a weight breakdown of the baseline system by
major subsystems and components. In block form, Figure 5-3 shows the same
data, indicating the flexibility of the OEC mission and the associated weight
increment increase for additional capability imposed on the basic co-orbital
sy stem.

Some of the major advantages provided by the configuration selected
are:

® The modular arrangement approach lends flexibility to the experi-
ments since they are isolated from the major capsule subsystems.

e Radial booms mounted from the experiment module virtually eliminate
any potential shadow problems on the solar cells.

® Separation schemes are flexible without significant modification to the
capsule design.

® The solar array may be a single unit design and need not be fabricated
by sub-units.

¢ The components of high magnetic properties can be located remotely
from the magnetometer sensor.

e The propulsion systems tankage can readily be mounted in the plane
of the capsule's cg.

e Exhaust impingement by the propulsion system jets is avoided since
they are directed and located away from the experiments.

e Minimum interface between the experiments and subsystems is
required.
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TABLE 5-1. OEC WEIGHT BREAKDOWN

Weight, pounds

CO-ORBITAL MISSION SYSTEM (NO
ATTITUDE CORRECTION CAPABILITY)

e Scientific payload 15.0
e Communication system 9.7
e Power system 15.1
e Attitude determination and N spinup 8.4
e Electrical harnesses 2.5
e Structure and fixed radial booms 15.0
e Thermal control 4.5
e Support adapter and separation system 5.0

Total 75. 2
FOR ATTITUDE CORRECTION CAPABILITY

Additional Weight

e Hydrazine system (preferred) 3.5
or
e Nitrogen system 4.2

FOR ORBIT CHANGE AND INCREASED
COMMUNICATION CAPABILITY

e Hydrazine system 8.0
(includes 3. 5 pounds above)
e Tape recorder 7.0
e Logic electronics, harness, and bracketry 2.0
e Power system 18.1

Additional array 4.6

Batteries 13.5
35.1
FOR S-BAND BACKUP COMMUNICATION MODE
e Components, harness, antenna 12.5
SUMMARY
Co-orbital Co-orbital
Without With Orbit Change Orbit Change
Attitude Correction Attitude Correction Without S-Band With S-Band
75. 2 pounds 78. 7 pounds 110. 3 pounds 122, 8 pounds
5-4




® Should stowed booms be required resulting from Voyager design

development restricting the OEC stowage envelope, the optimum
length can still be achieved by providing a single hinge and folding

the booms along each side of the capsule.

® A straightforward spring energy separation scheme is feasible.

¢ The choice of radial booms allows additional growth capability

should additional separation distance of the magnetometer sensor

be necessary, stowage envelope permitting.

In summary, the configuration recommended provides the greatest
flexibility and, as studies have indicated, offers the most feasible approach
for the design development phase of an OEC.

OEC SYSTEM WEIGHT, POUNDS
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Figure 5-3, OEC System Weight Comparison



6.0 SUBSYSTEMS STUDIES AND TRADEOFFS

6.1 POWER SUBSYSTEM

6.1.1 General

Three OEC power systems configurations capable of being designed to suit
the OEC mission requirements are indicated in the following sections. Discussed
herein are the power system configurations considered, the solar panel design
approach, battery, and battery charge-discharge control electronics suitable for
the OEC system. The power subsystem studies were conducted to encompass the
spectrum of power requirements discussed and tabulated here. The data presented
will enable formulation of a specific power subsystem suitable for, and pending the
establishment of, a specific and definitive OEC mission profile.

6.1.2 Design Concepts

During this feasibility study three different design concepts capable of
meeting the OEC mission requirements were explored. They are presented in
block diagram form in Figures 6-1, 6-2, and 6-3. A brief description of the
three concepts follows.

6.1.2.1 Configuration A

Configuration A consists of a single cylindrical solar panel, two batteries,
and associated electronics for battery charging and discharging.

The solar panel supplies power to the spacecraft electronics system during
the sunlight portion of the orbit. At the beginning of solar eclipse periods, the bat-
tery control circuit senses the bus voltage drop and connects the batteries to the bus.
As the spacecraft reenters sunlight, the solar panel forces the bus voltage to a
higher potential, causing the battery control circuit to switch from the battery dis-
charge to the battery charge condition. This configuration was selected as the
baseline system.

6.1.2.2 Configuration B

Configuration B is identical in operation to configuration A. In configuration
B, however, the solar panel is divided into two parts, leaving a clear mid-section
between the two portions of the panel for placement of experiments. This configur-
ation becomes considerably less desirable than configuration A where objects placed
in the experiment section are allowed to protrude beyond the surface of the solar
array and thereby cast shadows on the array and reduce its power output. There
are several methods available to minimize the solar panel losses due to shadowing,
or to provide battery power to make up for the losses during shadowing, but all of .
the methods increase the weight and complexity of the system and cause a corres-
ponding reduction in reliability as compared with configuration A.

6-1
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If the on-board experiments are such that the "separated array' configuration
is desirable, care should be taken to minimize protrusions beyond the solar array
surface.

6.1.2.3 Configuration C

In configuration C the solar array is considered as a flat panel, and the elec-
tronics would requireaspin-control system for keeping the solar panel oriented
toward the sun. The flat array will deliver approximately three times the power of
a cylindrical array having the same number of cells; however, the present cost of
the despin mechanism and associated spin-control circuits makes it unattractive for
solar panels below 400 watts. Consideration of orienting the spin axis along the
sunline with a flat array normal to the spin axis enhances neither experiment
requirements nor communication capabilities of the capsule bus, making a flat
array normal to the spin axis unattractive. Attitude corrections throughout the
6 months mission are also implicit of such a configuration to maintain proper
OEC -Sun attitude.

6.1.3 Solar Panel

6.1.3.1 Design Considerations

Selection and optimization of the solar panel configuration and power require-
ments is dependent on the accurate assessment of numerous factors. The principal
factors to be considered include: spacecraft power and weight requirements, space-
craft configuration and envelope constraints, mission environments and induced
transients, orbital requirements, and current solar cell and materials technology.
The objective is to provide a reliable and predictable power source for the space-
craft which incorporates design simplicity and experience based on other success-
ful spacecraft programs.

The capability to produce a reliable and predictable power source is illus-
trated in Figure 6-4 which compares the predicted and measured performance of
solar panels for communication satellites. The close correlation between the
predicted and measured performance is of special significance as the size of the
panels shown in Figure 6-4 encompasses the OEC panel size and provides a firm
basis for study and design.

Several candidate solar panel configurations were briefly evaluated, includ-
ing orientated flat panels, cylindrical solar panels, and extendable solar panels.

The cylindrical solar panel configuration was selected as the optimum con-
figuration for the OEC mission and the spin-stabilized spacecraft configuration on
the basis of simplicity, reliability, and minimum weight. Each of the other con-
figurations would require despin and orientation mechanisms, which would intro-
duce added weight and added complexity to spacecraft command and control elements.
Based on previous studies, the cylindrical panel configuration is more efficient 6n a
spacecraft power-to-weight basis than the other two configurations up to a power
level of 400 watts.
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The power delivered to the spacecraft system by the solar panel depends on
several factors, as shown by Figures 6-5 through 6-8. These factors are grouped
into those dictated by the environment and those dictated by the system. The
environmental factors are solar intensity, temperature, and radiation. Those
dictated by the system are cylindrical shape (and edge effect); holes cut in the panel
{or jets, etc. ; shadowing; allowable panel dimensions: series string folding; space-
craft Sun angle variations; and system and voltage requirements.

The environment in which the solar panel might operate is variable due to
the eccentricity of the Martian orbit. Solar intensity will have a range of 50 to
75 mw/cm?, and the temperature will correspondingly be from -23 to -450C
(minimum temperature -1579C at emergence from eclipse). The radiation degrad-

atlon is anticipated to be approximately 5 percent during the l-year transit and
0-month Martian orbit.

System requirements at this time are, in some cases, not yet fixed. Panel
shape, sun angle, and voltage are considered fixed. The 36-inch-diameter cylin-
drical shape and edge losses affect power by factors of 1/7 and 0.97. The sun
angle of incidence is to be normal to the panel (5 degrees) and voltage delivered

to the blocking diodes (loss =0. 7 volt ) is 25. 5 volts. Bypass diodes may be used
to limit any shadowing loss.

The analysis assumes a continuous series string pattern of solar cells and
does not include the effect of panel cutouts for the jet nozzles and Sun and planet
sensors, which are considered relatively minor. The effect of boom shadowing is
not included since the boom orientation selected for the OEC virtually eliminates
shadowing of the solar array. During the design phase, the performance of
specific panel lengths should be optimized in relation to the series-parallel cell
«ssemblies and also includes the effect of folding the series strings.

Based on the above assumptions, studies were made of specific solar panel
configurations. For purposes of evaluation, both the 1x2 cm and 2x2 cm silicon
n on p type solar cells were considered in the study. Based on the reduction in
assembly losses resulting from fewer interconnections and economic considerations
including initial cell and panel fabrication costs, the 2x2 cm was selected for use in
the panel sizing studies. The cells recommended are 2x2 cm shallow diffused,
silicon n on p junction type, with nominal 10 ochm-cm bulk resistivity. Quartz
toverglasses employing antireflectant and ultraviolet filters will be used to provide
rcisonable protection from severe radiation degradation. Based on radiation
degradation assessments, 0.006 inch thick coverglasses are recommended. The
cells have a minimum average output with coverglasses installed of 56. 75 milli-
watts at 0.445 volt at standard temperature (77°F) and illumination (139. 6 mw/
¢m¢ at air mass zero).

The electrical performance of the 36-inch-diameter solar panel at the v
orbit operating temperature and illumination conditions is shown in Figure 6-7 as
a function of panel height. Figures 6-5 and 6-6 depict the corresponding solar
pancl weight and length relationship.

6-5
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6.1.3.2 RF Shielding

RF shielding, for purposes of minimizing antenna pattern distortion, can
readily be accomplished by bonding a thin metallic foil to the internal surface of
the cylindrical solar panel. The RF shielding technique has been successfully
used on the Hughes communication satellite program.

The effect of solar panel induced magnetic fields, which could affect the
experiments and spacecraft electronics, will be minimized by alternating the
polarity of the individual series-parallel solar cell group. By alternating the

cell groups, and paralleling busses of opposite polarities, induced magnetic
fields are essentially cancelled.

6.1.3.3 Solar Panel Voltage Ripple

The magnitude of the voltage ripple produced by the cutouts in the panel for
the control system jets will be minimized through selective grading and placement
of high performance solar cells. The selective grading and placement technique

has been successfully used by Hughes on the Syncom, ATS, and HS-303A series of
communication satellites. -

6.1.3.4 Solar Panel Weight

The solar panel weights shown in Figure 6-5 are based on the use of a
36-inch-diameter cylindrical substrate fabricated using 3/8 inch thick aluminum
honeycomb and 0. 003 inch thick impregnated fiberglass face sheets. Based on the
radiation damage assessment, 0.006 inch thick solar cell coverslides were selected
for study purposes. A weight breakdown for a 28. 95 inc¢h and 36 inch long solar
panel is given in Table 6-1.

The OEC panel analysis was based on the technology established for the
fabrication of a 56 inch diameter by 26-1/2 inch long solar panel for the HS-303A
(Intelsat II) communication satellite, The HS-303A solar panel utilizes a 1/2 inch
thick substrate. The estimated design weight of the solar panel for a specific
satellite (F-4) which used 6596 solar cells (2x2 cm) with 0.012 inch thick cover-
slides is as follows:

Substrate (56 incn outside diameter by 26-1/2 inch length) 7.37
Cell, coverslides,and interconnection 10.56
Cell adhesive : 1.02
Wiring, connectors, brackets, and diodes 0.52
Thermal surface 0.39
Thermal barrier, ground plane, and attach brackets 1.44
F-4 total weight 21.33 pounds
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TABLE 6-1. SOLAR PANEL WEIGHT BREAKDOWN (POUNDS)

Component 28.95 Inch Panel }| 36 Inch Panel
Fiberglass substrate 5.90 7.34 .

Honeycomb 1.11 1.38
Glass cloth 1.63 2.03
Bus bars 0.25 0.31
Edge fill 0.44 0.55
Inserts 0.41 0.51
Adhesive 1. 04 1.29
Connectors, brackets, and wire 1.02 1.27
5.90 7.34

Cells, coverslides 5.25 6.86

Cell adhesive 1.11 1.38

Interconnectors and diodes 0.23 0.30

TOTAL 12,49 15. 88

Upon completion of fabrication, the F-4 solar panel weighed 21.57 pounds..
The maximum weight of the first four HS-303A panels, which used 1x2 cm solar
cells, was 22.1 pounds.

Based on fabrication experience with the fiberglass faced substrates on the

HS-303A and ATS programs, the weight estimates for the OEC solar panel are
considered to be realistic. :

6.1.3.5 Environmental Capabilities

Based on thermal studies of the OEC mission, it is estimated that the solar
panel unit can be exposed to temperatures as low as -192°C (-314°F) during trans-
fer orbit, if a passive thermal control technique is used. While on station, the
panel must be capable of delivering power to the spacecraft during exposure to tem-
peratures ranging from -22° to -157°C (-8° to -25°F).

As shown in Tables 6-2 and 6-3, Hughes has successfully tested solar panels
and representative solar panel sections to temperatures ranging from -200° to
-3159F. The Hughes developed communication satellite utilized the fiberglass faced
substrate construction shown in Figure 6-9 and a Hughes modified epoxy afihesive
system. Panel sections have been successfully subjected to repea‘ted cycling to
liquid nitrogen temperatures without degradation. A typical alum%num faced sub-
strate construction is also shown in Figure 6-9. Hughes has fabricated solar panel
sections using the RTV adhesive system for cell bonding and has succesgfully sub-
jected the sections to repeated cycling to liquid nitrogen temperatures without
degradation.

6-9



nuTW / I591 062~
(3uswdas 1aued [eo1d43) uodnon 0005 052+ : S1V
jnurw/ 1,02
(Aexxe Tedtap
-uifA> jo jueipenb 1eo1dA3) [oueg G¢€ 0S1 ¢ wiooufg
uoISIIUIWIT 0z2¢-
ZNT 031 a3e[d joH G2 0572+ WIODUAG P3dUBAPY
anuruwr/ JoST 0s2-
(3usw8as [aued [eo1d43) uodnop 00S 052+ WODUAG PasueApyY
s> JIeway sa124D sanjeradwa I, ‘axnjexadwa], wesdorg
JO raquunp .

WHLSAS JAISTHAV SIHONH NO VIVA LSAL "¢-9FTdVL

(0zg-) ,

002~ 061~ eseyd udisaqg - 0501 € 111 80¢-SH o
(0s2-) 08- 212 GL1 L°LS . g-s1v m
(0s2-) |
002" - 002- 16 6¢€1 . 9¢ 4 V-S1V

(062-) i : ‘ .

08~ 061~ 9L1 P01 9¢ {(€) vE0€£-SH) esT3iul

(0z¢-)

021- 08- 118 S 9% 82 (80€-SH) patg A11ed

- o .

02€- 08- 1601 €€ 82 ¢ wooulg

0G61- 08- 15441 0 "0¢ 8¢ Z wodukg

(0z¢-)

oLz~ 00¢- 012 6101 jer1d 10fasing

1s9] wsﬁmuwmo sAep ‘L9-9-, JO se sjr1em sayout 109foag

—t e suorjexadp aoedg ‘Tamod ‘13jswrelqg ,
r-.HO mu,.HE.me °Injelsdud ,H ..«O QO,B.N.H.DQ mku.mm HQC.NAH Hwﬁdm

(3s23 uawroads saj0uap)
VIVA IDNVINIOAYHAd TAINVd YVIOS "2-9 dTdV.L




Although not shown in Figure 6-9, the solar panel for the Surveyor project
consisted of a flat panel, using an RTV adhesive system to bond cells to a titanium
faced honeycomb substrate. The ability of the solar panel to withstand extreme
temperatures was vividly demonstrated by the continued performance of SC-1 after
several lunar nights.

Due to the close relationship between the thermal expansion coefficient of the
fiberglass and the silicon solar cells, the fiberglass substrate is recommended.
The Hughes modified epoxy system and the RTV adhesive systems are both usable
with the fiberglass substrate. The selection of the adhesive and cell interconnec-
tion systems for the OEC mission will be established through developmental testing.

6.1.4 Battery

6.1.4.1 Battery Candidates

Although there are many different types of batteries in existence, only three
types have been used since the beginning of the space program. These are the
nickel-cadmium (Ni-Cd), silver-cadmium (Ag-Cd), and silver-zinc (Ag-Zn) types.
The selection of the type of battery system is based on consideration of capacity,
coupled with cycle life and availability.

With excellent cycle life, coupled with good performance at low temperatures,
nickel-cadmium cells are hermetically sealed to prevent loss of electrolyte and give
maintenance-free performance, are easily recharged, and can provide fairly high
peak currents. Limitations include a low energy output per unit of weight and vol-
ume. In addition, the Ni-Cd cell requires an overcharge for a full capacity input
and exhibits limited charge retention.

Silver-cadmium cells combine some of the best features of the silver-zinc
and nickel-cadmium types —i.e., they can provide a high capacity with a fairly long
life. These cells also exhibit a high specific energy-to-weight ratio, usually one and
a half to two times greater than the nickel-cadmium cell, and have a greater charge
retention. The silver-cadmium cell can be discharged to greater depths than the
nickel-cadmium cell, can provide extended shelf life in both wet and dry conditions
and a flat output voltage, and is mechanically rugged. Compared to silver-zinc, its
limitations include lower cell voltage, lower specific energy ratio, and availability.
The most significant feature of the silver-cadmium cell is that it is basically non-
magnetic and therefore highly desirable for the OEC application.

The advantage of the silver-zinc cell as compared to Ni-Cd and Ag-Cd cells,
lies principally in the ability to provide higher specific ene rgy-to-weight ratios. In
addition, the Ag-Zn cells have an extremely high rate discharge capability.
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6.1.4.2 Selection of Battery

Batteries containing silver-cadmium cells have been chosen for the Orbital
Experimental Capsule power system because of their nonmagnetic nature, relatively
high reliability, excellent charge efficiency, and ease of charge control.

Silver cadmium cells exhibit two cell reactions which account for the charge-
discharge curves:

discharge
0 <" Ag,0+Cd(0H),.E =1.420 volts
2 2i"o
charge

2Ag0 +Cd +H,

discharge
Ag,0 +Cd +H,0 < i 2Ag +Cd(0H),.E_ =1.152 volts
charge ve

The upper plateau (1.420 volts, open circuit) provides approximately 40 per-
cent of the nominal capacity. It can be seen from Figure 6-10 that all voltages are
a function of 1) the number of cycles a cell has experienced and 2) temperature.
Figure 6-10 represents test data, performed on groups of eight cells, as reported
in Report No. AF APL-TR-65-42. From data in this figure, a cycle-voltage graph
showing end-of-discharge voltages has been constructed (Figure 6-11). Itis sig-
nificant that for the maximum number of cycles for OEC (730), the cell voltage
will be as follows: 1.20 volts at 5°C and 1.01 volts at 25°C. However, with the
lower discharge rate planned for the OEC batteries, the cell voltages should be
somewhat higher than indicated in Figure 6-11. Use of the results from Figure 6-11
should therefore provide a conservative voltage estimate.

6.1.4.3 Cell Requirement

As shown in Figure 6-11, a minimum cell voltage of 1.01 volts can be
expected at the end of 730 cycles at 25°C — a more severe cycling regime than
might be expected for the OEC system. At 5°C, the voltage would be 1.2 volts.
Utilizing 27 cells in series, the minimum voltage will be 27. 0 volts at 25°C.

6.1.4.4 Power Demands on Batteries

Four basic power profiles have been considered based on the average orbital
power requirements indicated in Table 6-4, where the batteries supply a minimum
voltage of 27.0 volts. The battery loads are as follows:

1) 7 hour orbit: 1.5 hour period at 19 watts or 28.5 watt-hr

2) 7 hour orbit: 2.0 hour period at 57 watts or 114 watt-hr

3) 15 hour orbit: 2.65 hour period at 19 watts or 50.4 watt-hr

4) 15 hour orbit; two 2.5 hour pefiods at 57 watts, separated by
5 hour or 143 watt-hr per period
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TABLE 6-4. OEC POWER REQUIREMENTS
Average Constraint Power, watts
Experiments 10.0
Tape recorder 3.0
Encoder 2.0
Phase lock loop 0.5
Receiver and decoder 3.5
Total 19. 0 plus transmitters*

*Additional power of 55 watts required periodically for high power
transmitter for orbit change system, or additional power of
57 watts required periodically for S-band transmission.

Battery requirements for the four power profiles are summarized in

Table 6-5.

6.1.4.5 Battery Characteristics Summary

Cell type
Cells per battery

Discharge voltage

Charge rate

Temperature range

Depth of discharge
Charge-discharge cycles

Number of batteries

Silver-cadmium, hermetically sealed
27

1.2 volts/cell nominal;
1.1 volts/cell worst case

Cc/10

60+20°F — orbiting;
0 £20°F — transit storage

25 percent

730 (620 cycles maximum for orbits

considered in study)
2




TABLE 6-5. BATTERY REQUIREMENTS, 25 PERCENT
DEPTH OF DISCHARGE

Capacity Weight per Volume per
Output, Capacity, per Battery, Battery, Battery,
Profile amp-hr amp-hr amp-hr pounds cubic inches
1 1.0 4 2 4.7 80
2 4.1 20 10 18.6 254
3 1.8 10 5 9.6 147
4 5.1 20 10 18.6 254

6.1.4.6 Cycle Life

As indicated earlier, the maximum duty cycle considered was for 7 months
of orbiting with a 7-hour orbital period yielding a total of 730 cycles. Test data,
presented in Table 6-6, were gathered during the period for 1962 to 1965, and
these data indicate that a depth of discharge of 25 percent (to 75 percent of nominal
capacity) at temperatures of 5° and 25°C provides a satisfactory cycle life; this
depth of discharge has been selected for this design.

Recent major advances in cell construction have resulted in cycle lives
much longer than the data presented here. It is expected that by virtue of the
actual 6 month lifetime requirement and advancements in cell technology, a greater
depth of discharge may be considered in the advanced program phases.

6.1.4.7 Open Circuit Storage During Transit

Figure 6-12 presents approximate open circuit storage loss data for silver-
cadmium cells. Thus, at the extremes of the proposed storage temperature range,
the capacity loss on open circuit should be approximately 1. 15 percent per month at
-7°C and approximately 0.1 percent per month at -29°C. It is therefore proposed
that the batteries be fully charged prior to launch and stored in an open circuit con-
dition during transit,

6.1.4.8 Battery Capacity and Charge Rate

Battery capacity as a function of temperature is shown in Figure 6-13. In
the operating range from 4 to 27°C, the capacity will range from 90 to 117 percent
of nominal capacity. Therefore, even at the low end of the temperature span, no
serious loss of capacity will be encountered. '

Figure 6-14 represents battery capacity versus battery weight. The rela-
tionship is linear with a slope of 28 watt-hr/lb. Charging at the C/10 rate to a
limiting voltage of 1.55 volts per cell (41. 9 volts battery voltage) is planned for all
cases.
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TABLE 6-6. CYCLES TO FAILURE FOR AG-CD CELLS
(85 minute charge, 35 minute discharge)

o Depth of Discharge,{Cycles to Failure for 50 Percent of
Temperature, C percent Cell Group*
5 25 1185 1124 2366 2366
5 50 72 72 74 156
25 25 652 1021 1067 1081
25 50 72 74 74 156

*Failure defined as E <0.80 volt. (See Report No. AF APL-TR-65-42.)

6.1.5 Battery Charge-Discharge Controller

6.1.5.1 Description of Operation

The battery controllers provide control for both charge and discharge. The
two batteries and controllers are interconnected to provide constant current charge
to both batteries, even if one controller fails. A schematic block diagram is
shown in Figure 6-15.

6.1.5.2 Detail Operational Characteristics

The controllers are designed to provide a number of functions as follows.

When the solar panel bus voltage is high, it supplies power directly to the
load. During this period,solar panel power is also fed to a boost supply in each
controller. This supply provides two separate secondaries, each of which is used
to boost the solar panel voltage sufficiently for battery charging. This boosted
voltage is then controlled by the charge control to provide the required current
limited charge current. When the battery terminal voltage exceeds a predeter-
mined upper limit, the charge control is turned off, terminating battery charging.

As the solar panel voltage decreases below the desired switching point, the
bridge circuit will sense this decrease in voltage and override the normal charge
control to open up the charge circuit. The purpose is to permit optimum usage of
the solar panel to provide energy for the loads. As the solar panel voltage continues
to drop, a bridge circuit senses this falloff in voltage and causes the discharge con-
trol to deliver from the battery that portion of the load current that cannot be sup-
plied by the solar panel. '

The two batteries are constrained to discharge at a ratio of 60/40 or better
by use of a common control reference and small resistor networks in series with
each controller downstream of the sensing network. Diodes across the resistors
provide pulse power capability.
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The baseline design for the voltage boost portion of the battery charge
control will be of the boost-add configuration. This configuration has been used
with much success on the HS-308 program. It is a highly efficient system, since
only the boost voltage is handled by the boost dc to dc converter. A series regu-
lator operated via a differential amplifier comparing output voltage and current
against a reference will provide the output regulation and charge cutoff required
to ensure proper battery charging.

The two boost supplies are interconnected to provide boost voltage to
charge both batteries even if one supply should fail. This interconnection greatly
improves overall system reliability with a very minimum increase in part count
and system weight.

A modulation type discharge controller, which permits only that power
which cannot be supplied by the solar panel to be drawn from the batteries, is
proposed for the bzsecline design. This permits the batteries to be operating as
close to full charge as possible during all phases of operation. To control the
depth of discharge of both batteries within acceptable limits, consistent with their
life requirements, a single common reference voltage source is required for both
discharge controllers. The need for this single reference can best be visualized
by referring to Figure 6-16. '

As the discharge set point separates between the controllers, the current
sharing variation also increases. For the condition shown in Figure 6-16, con-
troller 1 is supplying all of the load current, since its set point is higher than the
other controller. Set point C would have to be increased to slightly above point B
before any of the load current (I1) would be drawn from the second battery. At
the condition where set points A and B coincide, equal current sharing will exist
(assuming equal values of load sharing resistors). Increasing the load sharing
resistors (Rg] and Rgp in Figure 6-15) would reduce the current share spread;
however, it would also increase the power dissipated in this added source
resistance.

To provide for pulse power capability from the batteries, a diode is con-
nected across the series load sharing resistors to limit the voltage drop at high
pulse currents.

To reduce the possibility of system failure, resulting from failure of the
single voltage reference, redundancy will be designed into the system such that
catastrophic failure of a minimum of two parts will be required before perform-
ance would be affected. Since the probability of two catastrophic part failures is
remote, the reliability of this system will be extremely high.
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6.1.5.3 Electronics Characteristics Summary

Electrical Characteristics

Charge voltage
Discharge voltage

Physical Characteristics

Limiter

Charge boost
Controller
Discharge control

Total

6-21

Above 24,5 volts

Below 24. 5 volts

Weight

0.3

1.4 pounds



6.2 PROPULSION SUBSYSTEM

6.2.1 General

Several candidate propulsion systems have been examined for each of the
possible requirements evolved from the OEC feasibility study. Volume I describes
the preferred systems; this section describes system characteristics and tradeoff
studies which lead to the selection of the recommended propulsion systems.

The following systems were examined:

Co-orbital spinup

1) Conventional solid propellant

2) Ammonia vaporjet

3) Cold gas

4) Monopropellant hydrazine (as part of orbit change system)

Orbit change system

1) Monopropellant hydrazine for all functions
2) Monopropellant hydrazine with one of the above spinup systems

- Other possible spinup systems, including bipropellant, resistojet, and elec-
trical propulsion, were not considered desirable because of their added complexity
and lack of a weight advantage for the size of system considered for the OEC., Sub-
liming solids are a remote possibility if thrust levels of the order of 10-3 1bf or less
are tolerable; higher thrust would require substantial electrical power to accelerate
the sublimation process. The weight of such a device would be intermediate between
a conventional solid rocket and a cold gas system.

A monpropellant hydrazine system is considered the only good choice for the
orbit change system. Bipropellants, because of extra tankage, lines, and valves, are
less reliable and do not show a weight advantage in small systems. Hydrogen per-
oxide is space-proven in spinning satellites but has lower performance than hydrazine
and is less stable chemically., Decomposition of the propellant would require a pro-
vision to vent gas under zero gravity conditons while in transit aboard the Voyager
spacecraft, Electrical propulsion systems are not sufficiently advanced in develop-
ment to be of interest for the present mission and require extremely large amounts
of power for higher thrust levels. Cold gas results in a severe weight penalty, and
vaporizing liquid or resistojet systems require more power than will be available,
Conventional solid propellants could supply the orbit change impulse but would still
require an auxiliary attitude control system.
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6.2.2 Spinup Systems

The feasibility of alternate propulsion techniques is discussed in the
following paragraphs and system parameters defined for spinup of the OEC to the
required 60 # 10 rpm after separation from the Voyager spacecraft.

6.2.2.1 Solid Propellant Spinup System

Several units are currently or recently in production which deliver a total
impulse in the general range of interest, Any could be modified to give a slightly
different impulse without an extensive development effort, Unfortunately, all of
these available rockets have a rather high thrust level, as shown in Table 6-7.
Other suitable motors may be available but Atlantic Research Corporation, who
manufactures the models shown, has provided virtually all of the operational motors
of this type. Other suppliers would not be expected to offer a substantially differ-
ent product.

If a development program were undertaken, it should be possible to make a
motor more suited to the requirements. One example is shown in Figure 6-17, an
Aerojet General Corporation conceptual design for a motor which delivers 50 1bf-
sec at a thrust of 2,18 1bf. This particular motor uses a nonaluminized JATO
propellant, AN-584, which is capable of sterilization. Since sterilization is not
required, the lower burning rate ANP-2874 HO Mod 1 could be used with an atten-
dant reduction in thrust to about 0.7 1bf. If still lower thrust is required, an
ammonium nitrate based composition such as LFT-3 or AMT-2091 could give a
thrust of 0.1 lbf or lower in a slightly smaller diameter grain.

The lowerlimit of thrust would be determined by the lowest chamber pres-
sure that gives stable combustion and the smallest nozzle that does not suffer
detrimental buildup of deposits during the firing, Determining these parameters
would require a substantial experimentation and testing program. Adjustment of
total impulse is accomplished simply by changing the length of the end-burning
grain. In the above example, a 25 lbf-sec motor would be 3. 43 inches long and
weight approximately 0,25 pound.

6.2.2.2 Ammonia Vaporjet Spinup System

A vaporjet, which offers the advantage of liquid propellant storage and
attendant reduction in tank weight over cold gas, would not appear to be the system
of choice for the OEC mission. The three versions described below may offer some
weight savings but are not actually state~-of-the-art, Propellants other than ammonia
may offer some slight advantages in performance but not enough to deserve additional
analysis (Reference 1),

Significant ©roblems which must be resolved are:

1) Propellant management under the initial zero gravity conditions must
include thermal control.
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2) Heat exchanger design information may be required and is very meager.

3) A significant amount of heat is required to vaporize the liquid,  This
introduces complexity and/or uncertainty in the design.

6.2.2,3 Equilibrium Boiling System

The first and simplest system extracts the heat of vaporization from the pro-
pellant itself. A minor quantity of sensible heat is also available from the tankage,
bracketry, and propellant vapor. Egquilibrium boiling occurs until all of the liquid
is frozen. Subsequently, gas production will probably depend primarily on heat
soak into the system because at temperatures below the freezing point the sublima-
tion process is relatively slow,

6.2.2.4 Electrically Heated System

A second configuration of the vaporjet system utilizes a battery to supply the
latent heat of vaporization. This system will boil at constant temperature and thus
have a constant specific impulse. '

6.2.2.5 Water Heat Source System

The third configuration is similar to the first but uses a properly shaped and
sealed container of water in the tank as a heat source. This water will cool down
with the ammonia and contribute sensible heat, At the triple point of the water
(about 32°F), however, a first order phase transition will occur, and this conversion
of liquid water to ice will yield a substantial heat of fusion isothermally, The weight
of this system should lie somewhere between the two cases previously stated.

Fired Weight, pounds

Lines 1.0
Squib Of 6
Burst diaphragm 0.2
Pressure transducer 0.3
Fill valve 0.2
Screen for zero-g 0.05
Thrusters 0.8
Battery only heaters (2) 0.05
3.20
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PREDICTED PERFORMANCE AT 70°F AND VACUUM  PROPELLANT BALLISTIC PROPERTIES WEIGHT SUMMARY, POUNDS §
DURATION, sec 22.3 STD 1, sec 216.0 CHAMBER 0.051 $
TOTAL IMPULSE, Ib-sec  50.0 i INSULATION 0.082 =
THRUST, Ibf 2.18 DELIVERED |, 247.0 NOZZLE 0.049 3
PRESSURE, psia 200.0 BURNING RATE AT IGNITER 0.020 ¢

200 psia in./sec 0.19 TOTAL INERTS 0.202
PROPELLANT .202

DESIGN DATA 2 PROPELLANT TOTAL MOTOR g 484
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Figure 6-17. Aerojet General
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Figure 6-18 relates total system weight for the above systems to total
impulse,

6.2.2.6 Cold Gas (GN,) System

As an alternative to the baseline nitrogen system described earlier, a
2500 psi blowdown system of the type used by Hughes on the Applications Technology
Satellite program was considered. Design parameters and weights are given below
and in Figure 6-19,

Tank material

Tank pressure

Tank inside diameter
Chamber pressure
Nozzle area ratio
Vacuum thrust coefficient
Throat diameter

Specific impulse

Total impulse

Initial thrust

Squib valves (2)

Nozzles (2)

Amplifier, gauge, temperature sensor
Tank (1)

Plumbing

Nitrogen

Total

6AL-4V titanium
2500 psia
5.29 inches
~2000 psia
40

1.7

0.19 inch
62.5 seconds
33.25 lb-sec
~95 pounds
0.6

0.7

0.3

0'. 9

1.0

0.54

4,0 pounds

It is seen that no significant weight or envelope reduction is gained over the
proposed nitrogen low pressure (250 psi) unregulated blowdown baseline system
described in detail in Volume I.
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6.2.3 Attitude Control and Orbit Change Propulsion System

The following discussion presents parametric design information for a
monopropellant hydrazine system using typical state-of-the-art components, The
baseline system described in detail in Volume I is slightly below the range of data
in some of the figures but was computed by the same technique as described below,

The use of the figures is contingent on knowledge of the following system
parameters:

1) Thrust level

2) Spin speed (established as 60 rpm)

3) Pulse duration

4) Number of pulses required per maneuver

5) Total impulse required in pulse mode

6) Total impulse required in steady state mode

Figure 6-20 illustrates the linear relationship between total propellant
weight and corresponding system weight with and without spinup capability. The
difference between the spin and no-spin cases is the additional weight required for
spinup thrusters and valves. If spinup is required, a screen device may be needed
to guarantee liquid feed to the thrusters at startup.

Figures 6-21 and 6-22 give tank sizes and weights based on propellant weight
for one- and two-tank system configurations.

The propellant weight consists of contributions from both steady state and
pulse mode operation, It is therefore necessary to analyze these components sep-
arately; the total propellant required is the sum of the two,

Figure 6-23 shows the dependence of steady state specific impulse on engine
thrust level, Figure 6-24 is based on Figure 6-23 and can be used to establish the
steady state propellant requirement for a given thrust level and total impulse.

Figure 6-24 illustrates the effect of spin speed on effective specific impulse
for various pulse durations. The effective specific impulse is reduced proportion-
ally to the geometric cosine loss due to rotation of the thrust vector, It can be
seen that for 60 rpm, a wide range of pulse widths will give good performance.
For a 60 degree arc, the pulse duration will be 0. 167 second, which is near
optimum,

Figure 6-25 shows effective specific impulse versus pulse width. Figure 6-26
based on Figure 6-25, gives 60 rpm pulse mode propellant requirement for a given
pulse width and total impulse. If a spin rate other than 60 rpm is required, a new
set of curves may be derived from the basic data in Figure 6-24.
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Figures 6-27 and 6-28 show the effect of cold starts on performance for a
5 pound thrust hydrazine engine. As the engine heats up through successive pulses,
the specific impulse reaches an equilibrium value, the magnitude of which is depen-
dent on pulse width, It is therefore possible from Figure 6-27 to evaluate the addi-
tional propellant required because of thermal inefficiencies in the first 30 pulses.
From the number of pulses and weight of propellant required for any maneuver, the
amount of additional propellant required can be calculated. Itis quite likely, how-
ever, that the number of pulses will be large enough to make this correction
unimportant,

In summary, a typical sequence in determining the weight of an attitude
control system would be as f>llows:

1) For each steady state maneuver, establish the propellant requirements
from Figure 6-24 for a given thrust level and steady-state total impulse.
Note that the thrust level should be an average over the blowdown
experienced in the maneuver,

2) Establish the pulse mode propellant requirement from Figure 6-26 for
a given pulse width and pulse mode total impulse,

3) Establish the propellant loss due to thermal inefficiencies in pulsing
for a given number of pulses and a given propellant weight from (2).
This may require iteration because of the variation of specific impulse
during the first 30 pulses., Also, if thrust level is very different from
5 1bf, adjustment of effective specific impulse must be made. Little
data is available, but the change in specific impulse may be assumed
to follow the steady-state performance. :

4) Establish total system weight from Figure 6-20 where propellant
weight is the sum of (1), (2), and (3).

6.2.3.1 System Considerations

A considerable improvement in overall reliability can be achieved by
redundancy in system functions. In most cases this has been accomplished by two
or more completely separate independent systems. A recent study of spacecraft
propulsion systems (Reference 1) has shown, however, that the reliability of
systems which are required to valve a gaseous or liquid propellant may benefit as
much from utilizing quad valves as from incorporating a complete additional system,
A substantial weight saving results,

Specifically, a 3600 lbf-sec capacity nitrogen system with quad valves
weighed 142 pounds and had a 5 year projected reliability of 0. 962 to 0,986 (limit-
ing cases). The weight penalty over one single valve system was only 7 pounds;
yet the reliability was higher than for a 389 pound system composed of two complete
single valve systems, each containing 1-1/2 times the required propellant (as used
in Ranger and Mariner to protect against one open failure).

It is recommended that the quad valve or, if a developed valve is not avail-
able, a series-parallel arrangement of four single valves be considered as one
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possible alternative.

If further study indicates a possible response problem with

four independent valves, it may be desirable to consider a series dual arrangement
only two valves, It is likely that the system will have adequate reliability with

of

dual valves.

In an all-welded system, rupture or leakage of tanks and lines should

be an unlikely event, and there is little benefit in improving the reliability of that
portion of the system, particularly when a substantial weight penalty results.

One other observation should be made pertaining to the spinup system.

The

solid propellant units proposed weigh so little that they might be considered as an
emergency backup for whatever system or systems are eventually selected even if
the thrust levels ordinarily might be too high.
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6.3 STRUCTURE SUBSYSTEM

6.3.1 General

As part of the overall configuration studies conducted throughout this
feasibility study for an OEC, the structural aspect and relationships of the structure
geometry with packaging, mounting,and separation system features and basic enve-
lope constraints had to be evaluated. The extent of this feasibility study excluded
any structural analysis since a definitive static and dynamic environment has not
yet been established for the OEC., Pending the advancement of the Voyager space-
craft design and overall system environment definition, a meaningful study of the
OEC structure could be implemented. The structural considerations for this feasi-
bility study were limited to establishing a conceptual framework that satisfied equip-
ment and subsystem arrangements, thermal control considerations, and attachment
and separation techniques selected,

A brief description of the OEC structure is presented in the following
paragraphs.

6. 3.2 Structure Description

The structural frame for the recommended OEC configuration would consist
basically of the following major sections:

1) Central hexagonal support structure

2) Central mounting tray bulkhead

3) Base mounting/radiator tray

4) Solar array support rings

5) Supporttripod for stacked array antenna (S-band)
6) Base support tube

7 End closure bulkheads/thermal barriers

8) Mounting interface adapter incorporating the separation mechanism
and providing the OEC-Voyager mechanical interface

The booms are not considered here as part of the primary structural sub-
system but are discussed in detail in the configuration studies material presented
in both Volume I and this volume.

The primary supporting structure is the central hexagonal frame to which
all members are attached and loads are transmitted and carried through to the base
support tube which is attached to the mounting interface adapter., Connected to the
hexagon structure is the primary mounting tray bulkhead which extends outboard to
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support the base of the cylindrical solar cell array. At the top of the central frame,
a lightweight bulkhead provides the upper closure and secondary attachment surface
for the solar array. So as to provide a surface and support for the S-band antenna
mount and deployment device at the top of the capsule, a tripod is mounted off three
corners of the hexagon frame and extends upward to a central point at the top edge
of the solar panel. Below the main tray a cylindrical support tube extends down-
ward to the separation flange., Within this tube, near the base, a mounting tray/
radiator surface is provided to support the high power dissipation components,

In addition to being the primary support structure, the central hexagon
frame serves as the mounting structure for the propulsion systems tankage, which
must be located on the capsule's center of mass.

Within the base cylinder of the structure a circular plate is centrally sup-

ported by three light gusset plates and serves as the bearing surface for the sep-
aration compression spring.

The proposed structure is considered to be fabricated using nonmagnetic
aluminum alloys, with an additional oxide coating provided at the mounting surface
to minimize any potential solid phase welding (cold welding) occurring at the con-
tact surfaces that might jeopardize successful separation of the OEC, In view of
the low compressive stresses and low temperature conditions at the static contact
surfaces, solid phase welding is considered quite a remote possibility,

An assessment of the weight of the proposed structure, excluding bracketry,
attachments, and separation adapter system, is as follows:

Central hexagon structure 1.7
Central mounting tray 2.1
Base tray 0.6
Array support rings 1.7
Support tripod 0.2
Base tube 1.9
End bulkhead 1.4
Total 9. 6 pounds

A budget has been established for the OEC structure (including 3.0 pounds
for two radial booms plus an additional 2 to 3 pounds for bracketry and attachment)
at 15 pounds. Satellite structures have been built that weigh less than 10 percent
of the total system weight; therefore, the allocation of 12+ percent for the OEC
structure based on the baseline configuration weight of 122,8 pounds seems conserv-
ative. The complete support adapter and separation mechanism was estimated at
5.0 pounds, which is also felt to be quite conservative.
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In order to maintain a desirable ratio of roll to transverse moments of inertia
for inherent spin stabilization of the OEC, the recommended configuration was devel-
oped with this criterionas one of the prime considerations. Calculated values of
moments of inertia for the orbit configuration OEC are as follows:

2
I,y = 75 slug-ft

I 6.8 slug _£t? (axis normal to booms)
transverse (max)

2 .
Itransverse (min) 2,0 slug-ft~ (axis parallel to booms)

A minimum ratio of roll to transferse inertia of 1, 10 results.
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6.4 THERMAL CONTROL SUBSYSTEM

6.4.1 General

The thermal environment and thermal control requirements during transit and
operation including eclipse conditions for the OEC were analyzed and alternate
means of satisfying thermal requirements were investigated. The following basic
assumptions were used in the analysis:

1) The OEC will be carried to Mars on the side of the Voyager spacecraft
and will remain on Voyager for the first 4 weeks orbiting Mars.

2) After separation from Voyager, it will be spunup and will orbit Mars at
an altitude of 300 to 1500 km at periapsis to 10,000 to 20, 000 km at
apoapsis.

3) The solar direction assumed in this analysis was 90 125 degrees from the
spin axis.

4) The infrared flux and reflected solar flux from Mars are only about

4 percent and 1.5 percent of the solar flux respectively at an altitude of
5,000 km, and they were neglected in this thermal analysis.

6.4.2 Design Summary

Two methods of passive temperature control and an active method were con-
sidered for the capsule's internal equipment for the transit and operational phases
of the mission.

The first method uses an uninsulated cylindrical region at the spacecraft mid-
section for temperature control. This region would be coated to produce the desired
ratio of solar absorptance to infrared emittance for the temperature required. The
major part of the internal power dissipation would be radiated out to space from this
region. The disadvantage of this design is that the variable solar intensity and range
of possible solar directions causes a large temperature range. Also, the large unin-
sulated area causes a large temperature drop in an eclipse.

The second method of passive temperature control uses small radiators on the
ends of the spacecraft. This design is better than the first because the range of
solar intensity and possible solar directions has less effect on the spacecraft inter-
nal temperature. However, the internal power dissipation must be some given
mean steady state value +1.3 watt to control the internal mounting surface temper-
atures to 49 to 27°C (40° to 80°F) which is required by the batteries (this includes
6°C uncertainty at each end of the temperature range).

The recommended temperature control method is to use a rotating shutter on

the end of the spacecraft similar to the type used on the Applications Technology
Satellites.
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During the transit phase of the mission, the spacecraft is shaded by
Voyager. The batteries require -29° to -7°C (-20° to 20°F) in transit. The
electrical power required from Voyager to keep the inside of the OEC spacecraft
at -29° to -7°C is approximately 9 watts for the design with a movable shutter on
the end of the OEC spacecraft. The two passive temperature control designs would
require more power from Voyager. The minimum solar panel temperature in transit
is ~192°C (-314°F). The solar panel can withstand temperatures at least as low as
-184°C (-300°F) and probably can be designed to withstand -192°C (-314°F), which
is the minimum predicted temperature.

For the booms the primary concern is deflection caused by temperature
gradients since the scientific instrument sensors would provide their own thermal
control system. The drooped radial booms will be heated on one side more than
the other. However, the angular deflection of the sensors on the ends of the booms
will be kept within 0.12 degree angle (12 percent of the maximum allowable) without
using insulation, by using aluminum booms (1.25 inch diameter tubes with 0. 020 inch
thick walls) instead of plastic booms. Thermal gradient effects are negligible in the
case of the boom located along the spin axis.

The weight penalties associated with the thermal control of the OEC are
minimal. The end of the spacecraft in this study was 0.024 inch thick aluminum
sheet (or aluminum honeycomb sandwich with 0.012 inch thick facesheets) to
prevent large internal temperature gradients. This weight, 2.4 pounds, would
be divided between thermal control and structures weight. The insulation and
cover sheet weight would be 2.46 pounds. The paint for the inside of the ends of
the spacecraft and internal packages would be 0.31 pound. The rotating shutter
type of active temperature control (bimetallic strip, linkage, shutter, etc.)
would be approximately 0.94 pound. The electrical heater and heater control
electronics for the transit phase is 0.2 pound, totaling approximately 5 pounds for
the entire system.

6.4.3 Solar Panel

The solar cells were assumed to be the type used on the Applications
Technology Satellites (@gy1,, = 0.75, €= 0.78) with a packing factor of 88 percent.
The solar panel temperatures shown in Figure 6-29 were calculated assuming
they were insulated on the back side. Figure 6-29 shows the solar panel tempera-
ture variation due to the seasonal variation in the solar flux and the range of possible
solar directions in one Martian year. Itdidnotappear desirable to thermally couple
the inside of the spacecraft to the solar panel or part of the solar panels because of
their large temperature excursion.

The solar panel steady state temperatures shown in Figure 6-29 were
calculated from the following energy balance equation

SA 4
—— = ag
~ Q] cos © 61 AFoT
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where

0
1

solar flux

R
]

1 solar panel effective absorptance, 0.74

o, (1-N) P + a3(1-P)

R
n

2 solar cell absorptance, 0.75

Q
n

3 effective absorptance of area between solar cells = 0. 95

Z
0

solar panel efficiency 12%/r = 4 percent (cell efficiency is about
12 percent in direct sunlight but solar panel is rotating)

P = fraction of area covered with solar cells = 88 percent

6 = angle between plane normal to spin axis and solar direction,

degrees
61 = solar cell emittance = 0. 78
= €2P + €3(1-P)
62 = solar cell emittance = 0. 78
63 = effective emittance of area between solar cells = 0.80

F = view factor to space = 1.0
0 = Stefan-Boltzmann constant
T = solar panel temperature

The solar panel temperatures possible after a 2. 65 hour eclipse are shown
in Figure 6-30. This range of solar panel temperatures was calculated for the
range of properties shown in Table 6-8. Figure 6-31 shows the solar panel
temperature as a function of eclipse time.

6.4.4 Internal Equipment

The batteries have the smallest range of allowable temperature, and
therefore the temperature control system is designed to meet their require-
ments (see Table 6-9). The batteries require a range of only 23°C (4° to 27°C)
in orbit.
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TABLE 6-8. SOLAR PANEL PARAMETERS

Effect of booms neglected; view factor to space assumed to be 1.0

Value Used Probable Range
in This Study of Values
Emmissivity 0.78 0.80 1 0.02
Weight per unit area, lb/ft2 0.72 0.72 1 0.05
Mean specific heat, Btu/lb°F 0.2 0.19 * 0.02
-e-% , £t% °F/Btu | 5. 4 6.0 +1.2
P

Two passive thermal designs were considered, both with the back of the
solar panels insulated (see Figure 6-32). The first design is with the mid-section
between the solar panels (approximately 34 inch diameter and 6 inches wide)
uninsulated and 70 percent of the area coated with black paint and the remaining
area ebonal ""C", which is an oxidized copper coat. This will produce a ratio of
solar absorptance to infrared emittance (a/e) of 1.5 (see Figure 6-33). This area
would radiate out to space the major part of the internal power dissipation. If
the net radiated heat flux from this mid-section radiator was about 5 watts per
square foot and the internal power dissipation changed 10 watts, the temperature
would change 42°C in one Martian year including the effect of the seasonal varia-
tion in the solar flux and the unpredictability in the solar direction(90 125 degrees
from the spin axis). The temperature drop of the inside of the spacecraft would
be about 33°C in the 2. 65 hour eclipse.

The second passive design (Figure 6-32) has insulation behind the solar
panels and the midsection except where there are small experiment windows.
The major part of the internal power dissipation is radiated to the ends and
radiated out to space. If the total product of emittance, area, and view factor
to space (¢ AF) of the radiators on the two ends is 0.8 square foot and the internal
power dissipation change is 10 watts, then the radiator temperature change would
be 33°C in one Martian year (see Figure 6-34). This is 9°C less variation than
that of the first design for the same variation in internal power and duration. The
change in the internal temperature gradient (total conduction and radiation tempera-
ture gradients inside the capsule) for a 10 watt change in power dissipation is less
for the second design; if this were included in the comparison, the second design
would be even more attractive than the first. In addition, the temperature drop of
the spacecraft interior would be only about 14°F in a 2. 65 hour eclipse for the
second design.
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The third design or recommended approach (Figure 6-35) is an active
temperature control system using a movable shutter at one end of the capsule.
The shutter is rotated by a bi-metal actuator. The steady state temperature
change at the equipment mounting surface inside of the spacecraft is only 9. 4°c
per 10 watts (assuming the shutter is not full open or closed) compared to 42°C per
10 watts for the second design. (The 42°C change is 33°C radiator temperature
change plus 9°C internal gradient change.) These temperature changes include the
effect of the sun angle uncertainty of +25 degrees and the seasonal variation in the
solar flux from aphelion to perihelion. The total area of the circular shutter is
2 square feet with 1 square foot of its area consisting of pie-shaped holes. The
radiator under the shutter is 1 square foot of pie-shaped areas painted white located
so that when the bi-metal actuator is 21°C (70°F) the shutter is ""open;'" i.e., the
holes in the shutter are over the white painted pie-shaped areas of the radiator.
When the bi-metal actuator is 13°C (55 F) the shutter is closed;" i.e., the pie-
shaped areas are covered by the shutter. The predicted temperatures with this
active temperature control system are shown in Tablie 6-9. Information on the
detailed analysis of this active system is given later in this section (see 6. 4. 6).

6.4.5 Internal Power Dissipation

The electrical power dissipation inside of the spacecraft is a constant 19 watts
plus intermittent operation of the primary transmitter that dissipates 22 watts.
With the primary transmitter off and the OEC operating in the S-band mode, a con-
stant 16 watts and an intermittent 47 watts for the S-band transmitters are dissipated
(see Table 6-10). The possible combinations of power dissipations and eclipse dura-
tions are shown in Table 6-11. The maximum temperature cases are those without
eclipse and the minimum temperature cases are with a long duration eclipse and
assuming that the transmitter is not operated. A computer thermal analysis of the
spacecraft nodal model was made for these extreme transient temperature cases at
aphelion and perihelion with the solar direction 90 degrees from the spin axis.

6.4.6 Thermal Model

Sixteen lumped masses or nodes were used for the mathematical model of
the OEC to calculate the capsule's temperatures with the active temperature control
system. The passive temperature control systems were not considered in this
much detail because it was obvious they could not satisfy the temperature require-
ments with the large variations in power dissipation. The nodes are described in
Table 6-12. The radiation and conduction heat transfer connections between the nodes
are shown in Figure 6-36. The values of the node heat capacities, conductance
between nodes, and radiation coefficients between nodes are given in Table 6-13,
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Figure 6-35. Thermal Design No. 3 — Active Temperature Control
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TABLE 6-10. ORBIT-CHANGE SYSTEM INTERNAL POWER DISSIPATION

Primary Mode
kxperiments 10.0 .
Tape recorder (average) 3.0 (2 watts for 5 hours; 5 watts for 2 hours)
Encoder 2.0
Phase lock-loop 0.5
Receiver and decoder 3.5
Total 19. 0 watts constant
Primary transmitter 22.0 watts (55 watts in, 33 watts out)
S-Band Mode
Experiments 10.0
Encoder 2.0
Phase lock-loop 0.5
Receiver, transponder, 3.5
and decoder
Total 16.0 watts constant
S-band transmitter 47.0 watts (57 watts in, 10 watts out)

TABLE 6-11. POSSIBLE POWER DISSIPATIONS AND ECLIPSE DURATIONS

In Sunlight In Eclipse
Constant | Transmitter
Power, Power,
Hours watts watts* Hours | Watts
With Primary Transmitter

7-hour orbit

Maximum temperature case 7 19 22 for 2 hr 0

Minimum temperature case 5.5 19 0 1.5 19
15-hour orbit

Maximum temperature case | 15 19 22 for 4 hr 0

Minimum temperature case | 12.35 19 0 - 2.65 19

Orbit with S-Band Transmitter

7-hour orbit

Maximum temperature case 7 16 47 for 2 hr 0

Minimum temperature case 5.5 16 0 1.5 16
15-hour orbit

Maximum temperature case | 15 16 47 for 2 hr 0

twice per
orbit
Minimum temperature case | 12.35 16 0 2.65 16

*The power into the primarytransmitter is 55 watts, but the power dissipation is only
22 watts. The input to the S-band transmitter is 57 watts and the power dissipation
is 47 watts.
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6.4.6.1 Thermal Model Results

The capsule steady state heat balances for ''cold" and "hot'" examples are
shown in Table 6-14. The cold conditions are for the spacecraft at aphelion,
solar direction 65 degrees from the spin axis (sunlight on the antenna end of the
spacecraft), and low power dissipation. The hot conditions are for the spacecraft
at perihelion, solar direction 115 degrees from the spin axis (sunlight on the
experiment section end of the spacecraft), and high power dissipation. The capsule
internal steady state temperatures for cold conditions, nominal conditions, and hot
conditions as a function of internal power dissipators are shown in Figure 6-37.

The solar panel transient temperatures during a 2. 65 hour eclipse are
shown in the discussion of the solar panel temperatures. The interior of the OEC
has a mean temperature drop of only 2°C in the 2. 65 hour eclipse because the mini-
mum internal power dissipation (16 watts) is almost equal to the heat losses to
space from the insulated section of the capsule.

The OEC interior temperatures with the primary transmitter assumed to
be operating 4 hours each 15-hour orbit are shown in Figure 6-38a. The tempera-
tures of the capsule interior structure modes that are not shown in these figures
are within the limits shown, The capsule interior temperatures satisfy the equip-
ment requirements but the battery mounting surface maximum temperature is at
the maximum allowable temperature.

The interior temperature with the S-band transmitter operating at 47 watts
dissipation for 2 hours each 7-hour orbit is shown in Figure 6-38b. The constant

power dissipation was assumedtobe 19 watts; later analysis indicated this value to
be 16 watts.

The temperatures in the last two figures would be higher if the solar angle
were 115 degrees (sunlight on the radiator) rather than 90 degrees. This would
cause the battery to be overheated. Lowering the temperature range at which the
shutter opens and closes by 10°C and possible reducing the duration of S-band
transmitter operation should keep the battery temperatures within allowable limits.

6.4.6.2 Transit Phase

In transit, the capsule is attached to the Voyager and the shutter is covered
by this attachment region. Only 9 watts of electrical power is required from
Voyager. Four watts at node 1 makes the temperature inside of the capsule -

-18 £2°C (0 +4°F) and the solar panel -192°C (-314°F) at node 15. Five watts at
node 11 makes the solar panel temperature -185°C (-301°F) at node 9. These calcu-
lations were based on the worst case condition, which assumes no infrared heat
input and conduction input from the Voyager. These minimum solar panel tempera-
tures actually would occur only on the outboard side facing space.

The worst thermal shock on the solar panel would be at a midcourse correc-
tion if the Voyager maneuvered so that the sunlight direction would be normal to the
solar panel surface. The solar panel rise rate would depend on the distance to the
Sun at that time and the rate of change of the Voyager direction; it would be less
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than 21°C/minute (38°F/minute) which was calculated assuming a solar distance
of 1 AU, the solar direction normal to the solar panel surface, and neglecting
the reradiation heat loss from the solar panel.

The present plan is to fabricate the solar panels to withstand -314°F (the
minimum calculated temperature) and the thermal shock. If this cannot be
accomplished by 1973, two design alternatives available:

1) Use electric heaters on the back side of the solar panels and use
about 12 watts from Voyager to keep the solar panel temperature
above some temperature such as -160°C (-250°F) which would
provide a margin of safety.

2) Use a sheet of insulation to cover the outboard side of the solar
panels during the transit phase,

6.4.7 Materials, Hardware, and Weights

Insulation. The insulation is 30 layers of 1/4 mil thick aluminized mylar
with an effective emittance from the inside sheet to the outer sheet of 0.01 (see
Figure 6-39). The insulation weighs 0,081 1b/ft% for 30 layers.

Quter Cover Sheet., The outer sheet of the insulation for the experiment
section and the antenna end of the spacecraft can be 1-2 mil thick Teflon or Kapton
film, both sides aluminized 1400 to 3000 angstroms thick and 6000 anstroms of
silicon monoxide on the outside. The outside solar absorptivity will be 0. 12 and
emissivity 0. 16, :

Paint for Inside of Spacecraft. The black paint for the inside of the space-
craft (except insulated and mounting surfaces) will be 1 + 1/4 mil thick. It will
have an amissivity of 0. 86,

Comparison of White Thermal Coatings for Active Temperature Control
Radiator. Four possible coatings for the active temperature control radiator are
1) Z-93, which is zinc oxide (PS-500) pigment and potassium silicate binder;

2) Hughes white, which is aluminum silicate (clay) pigment and potassium silicate
binder; 3) H-10, a Hughes developed coating that is a clay pigment in a silicone
binder; and 4) modified S-13G, a potassium silicate sealed zinc oxide pigment in a
silicone binder.

The Z-93 coating will be manufactured from the raw materials. The SP-500
zinc oxide is available from New Jersey Zinc, and the PS-7 electronic grade potas-
sium silicate is obtained from Sylvania Electric. Care must be exercised during
manufacturing to prevent the yellowing that occurs when the ZnO undergoes excessive
grinding of mechanical working. The shelf life problem of this paint must also be
considered. The major effect here is loss of adhesion with increased time between
manufacture and application of the paint. Excellent adhesion is obtained for coatings
applied within 3 days of paint manufacturing. The adhesionis good if the paint is
applied within 6 days afterit is manufactured. Paint older than 6 days should not be
used. The surface is prepared for application of Z-93 type coatings by sandblasting
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TABLE 6-12. SPACECRAFT NODE DESCRIPTION

Node Description
1 2 square foot active temperature control radiator; high power
units (transmitters and voltage limiter) are mounted here.
2 Area on mounting tray adjacent to 2 square foot active temper-
ature control; shutter bi-metal actuator is located here.
3 Mounting tray and central structure.
Structure; a fixed radiator can be located here if it is needed.
5 Mounting surface for electronic equipment and experiments
(except solar plasma probe which is at node 12).
Aluminum sheet 0.024 inch thick.
Inside surface of insulation on side of the experiment section.
Inside surface of insulation on back of 10 inch high section solar
panel.
9 Solar panel, 16 inch high section, with vapor deposited aluminum
on back side (inside ¢ = 0.04, outsidea = 0.74,¢ = 0. 78).
10 End barrier, vapor deposited aluminum (VDA) on inside (€ = 0.04),
VDA and SiO2 on outside (= 0.12, € = 0.16).
11 Outer surface of insulation facing end barrier (€ = 0.04).
12 Solar plasma probe and its window.
13 Outer surface of insulation on end of experiment section (= 0.12,
= 0.16).
14 Outer surface of insulation on side of experiment section (¢=0.12,
€=0.16).
15 10 inch high section of solar panel insulated on back side.
16 Inside surface of insulation facing electronic equipment (€= 0.04).
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TABLE 6-13,

THERMAL PARAMETERS

Heat Capacity, Conductance, Radiation Coefficient,
Number Btu/°F Btu/hr°F 10710 Btu/hroR4
1 0.63 2.3 20.0
2 0.78 3.62 3.4
if shutter closed
16.4
if shutter open
3 2.32 0.55 14.0
4 0.45 1.48 52.0
5 7.3 2.3 2.6
6 0.23 3.8 105.0
7 0.11 16.9
8 0.16 20.0
9 1.53 4.6
10 0.17 5.0
11 0.15 1.34
12 1.1 2.09
13 0.11 2.1
14 0.11 0.065
15 0.95 0
(no fixed radiator)
16 0.15 0.86
17 0.95
18 1.35
19 1.2
20 15.0
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with a #120 grit aluminum oxide. Hand scrubbing of surfaces does not adequately
clean the surface for application of the paint. Final baking of paint is done at 250°to
2700F for 1 to 2 hours. The adhesion of the coating as well as its hardness are
directly related to this required final bake.

The Hughes white coating is similar to the Z-93 type coating. The clay
pigment is obtained from Standard Industrial Minerals located in Bishop, California.
Manufacturing and shelf life are not critical items in preparation. Normal ceramic
practice is followed in calcining, then grinding the pigment into a usable paint. The
shelf life of the material is in excess of 60 days. The surfaces are prepared by

hand scrubbing, although sand blasting can be used. Application and curing are
similar to the Z-93 type coating.

Both Z-93 and Hughes white paints become contaminated quite easily. The
contamination soaks into the porous coating and is difficult to remove. The Hughes
white has an advantage over the Z-93 type in that it can be sanded to remove con-
tamination. The Z-93 must be cleaned using great care. Sanding with two heavy a

grit sandpaper produces a mechanical strain in the ZnO crystals and produces a
yellowish coating.

The white coat properties are shown in Table 6-15, There may be some
additional increase in the solar absorptivity due to the solar wind damage.

The maximum solar ultraviolet inputs to the white coat on the active tempera-
ture control radiator surface during 6 months in the Mars orbit at the minimum and
maximum solar intensities at Mars are equivalent to 7000 to 1100 hours respectively
at one astronomical unit from the Sun. These maximum times were calculated
assuming that the active temperature control shutter was open all of the 6 months
in orbit and for the worst solar direction (25 degrees from the plane of the white
surface).

TABLE 6-15. WHITE COAT PROPERTIES

Solar Absorptivity
Emissivity Initial After 500 ESH* After 1000 ESH*
Z-93 0. 88 0.16 0.18 0.18
Hughes white 0. 87 0.18 0.22 0.23
H-10 0. 88 ‘ 0.18 0.19 0.20
Modified S-13G 0.88 0.18 0.19 0.19

*Equivalent solar hours of ultraviolet radiation at one astronomical unit from the
Sun, test sample at 38°C (100°F)
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The white coat properties used in the thermal analysis for the OEC
radiator were 0. 2 solar absorptivity (constant) and 0. 86 emissivity. An increase
in the white coat solar absorptivity from 0.2 to 0.24 will increase the heat input
to the spacecraft by 1 watt and will increase the spacecraft temperature by 1°C
if the shutter is open.

Active Temperature Control. The rotating shutter for temperature control
is 19.7 inch diameter circle with 50 percent of the area cut open with pie-shaped
holes. The shutter is of the type used on the Hughes Applications Technology
Satellites, It is a sandwich constructed of 0,012 inch thick face sheets and alumi-
num honeycomb core 0,34 inch and would weigh 0. 68 pound. The bi-metal actuator
was assumed to weigh 0.2 pound. The shaft from the actuator to the shutter would
be 0.0l pound. Miscellaneous items were assumed to be 0,05 pound, giving a
total weight of 0.94 pound

Weights. The weights for temperature control are shown in Table 6-16.

TABLE 6-16, WEIGHTS FOR THERMAL CONTROL

° Electric heater and heater control for transit phase 0.2
° Shutter — (ATS type) and bi-metal actuator 0.94

° Paints — 1 mil thick 30 square feet inside of spacecraft,
6 mil thick 1 square foot for radiator under shutter 0.31

® Multilayer insulation — 30 sheets of 1/4 mil thick
aluminized mylar, 25.6 square feet total area 2.08

° Cover Sheet — 2 mil thick plastic (Teflon or Kapton)
for experiment section and antenna end 17.7 square feet 0.38

3.91 pounds

° Radiator (under shutter) and end bulkhead for experiment
section, assumed 0, 24 inch thick aluminum, 7 square
feet. Major portion of this weight can be charged to
structural weight. Large thickness might not be neces-
sary for good thermal control; therefore this weight
might be reduced.

**Same as type used on Surveyor spacecraft.
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6.4.8 Nomenclature

G  Heat capacity, WCP

KA
c

L

C Conductance,

S  Radiation coefficient, ot A

R
W Weight
CP Specific heat
AC Conducting area
AR Radiating area
K  Thermal conductivity
L Length of conducting path
t efs, or e, ej Fij’ or overall radiation interchange factor

e Emissivity
F  Geometric shape factor
F View factor to space
Q Heat input. electrical power dissipation or solar heat

ol Stefan-Boltzman constant
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6.5 SENSORS SUBSYSTEM

6.5.1 General

The requirement to establish the inertial location and attitude of the OEC
necessitates the consideration and selection of on-board OEC equipment to furnish
such data. For the information required to provide such data, a number of tech-
niques were investigated and are discussed in this section and Section 2. 5.4 of
Volume II.

The implementation of these techniques is covered here. For the base-
line OEC configuration, two types of sensors, a Sun sensor and Mars horizon
sensor, were selected. The consideration of a third data source to improve re-
quired accuracies, such as the addition of a star sensor or the use of ranging
techniques, is covered in Section 2.5.4 of Volume II. A preliminary evaluation
of incorporating a star sensor has been made; it appears to offer a substantial
improvement to the baseline system for relatively small weight and power de-
mands. A preliminary design using Canopus as a reference is presented in
Appendix D.

6.5.2 Sun Sensors Description

The sun sensor assembly consists of two identical sensor units, as depicted
in Figures 6-40 and 6-41.

The sensor assembly is a small, rugged package that is well able to with-
stand typical launch and orbital environments. The cell is bonded to the sensor
housing with an epoxy cement -- fiberglass combination that protects the cell from
any damage due to thermal expansion effects in addition to securely holding it in
the proper position. The width of the viewing slits is very stable once they are
adjusted, due to the mechanical strength of the sensor halves and the use of metal
shims. Each sensor unit consists of an n-on-p silicon photovoltaic cell, a load
resistor, and two clam-like aluminum shells. A narrow gap between the clam
shells defines the narrow, fan-shaped field of view of the sensor. When the sun-
line and the sensor field of view coincide, the silicon cell is illuminated and an
output pulse produced. When the spin axis is aligned along the ecliptic normal,
both sensors receive the solar energy at the same time. However, if the vehicle
is tipped in either direction, there is a time difference between the two pulses
($and ¥,), as indicated in Figure 6-42. The plane of one fan-shaped field of view
is nominally parallel to the spin axis, while the other is canted to it as indicated
in Figure 6-43. Selection of the inclination angle between the two fields of view is
based on considerations for pulse width, scan time, and accuracy. An angle of 35
degrees represents an optimum angle of inclination.
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The electrical output signal from the sensor is a function of the input energy
from the sun that falls on the cell, the load resistor, and the diode loading effect of
the unilluminated area of the cell. A typical sensor output pulse is shown in Figure
6-44, and the voltage output at the ¥ and i sensors is shown in Figure 6-45. This
width, plus the 21-arc minute angular size of the sun at Mars distance, results in
a nonimal § pulse width of approximately 1.25 degrees. (Due to the 35-degree

inclination of the y 2 sensor, its nominal pulse width is 1.25/cos 35 degrees = 1.53
degrees).

As shown in Figure 6-41, the length of illuminated cell area is approximately
0.4 inch. Thus the nominal illuminated area is 0.4 x .0.0075 inch = 0.003 square
inch. The defined field of view of the sensor is 145 degrees from the normal to the
cell's surface. At angles greater than 45 degrees to the cell, the illuminated area
(and consequently the sensor output) drop off sharply. The complete sensor assembly
weighs approximately 0.15 pound. The angle between the spin axis and sunline (&)
can be determined to $0.5 degree on a per pulse basis. By ground and in-flight cali-
bration of the actual unit, and by smoothing the data over a number of measurements,
the ¢ angle uncertainty can be reduced to approximately +0.2 degree (3¢).

6.5.3 Horizon Sensor Description

The basic Mars sensor unit is similar to the unit being developed for the
Hughes HS-308 satellite. This Mars sensor system assembly is shown in Figure
6-46. Two narrow-beam IR sensors in a common housing assembly are arranged
with one unit pointing at 21 degrees above and one unit 21 degrees below the central
line of sight.

Each of the two sensor units has three mounting bosses that define a plane
whose relationship to the sensor optical axis is constructed to be within 0.05 degree.
These mounting bosses in turn mate with accurately located bosses on each sensor
assembly housing. The housing for each unit incorporates alignment references
(such as an accurate hole and slot) that accommodate an alignment fixture. The
alignment fixture has mirrors that permit the use of autocollimation techniques for
alignment during the final assembly of the vehicle. The weight of the two sensor
units is less than 3 pounds.

The sensor consists of a coated germanium optical system, a multilayer
interference filter, an immersed thermistor bolometer detector, and processing
electronics. The detector element is masked to precisely define the sensor field-
of-view limits. The most fragile part of the sensor units is in the IR telescope,
including the optics, filter, and detector. The front part of the sensor in which the
telescope is located will be supported to ensure that resonance amplification is
negligible. The vibration and shock environments for this mission are expected to
be consistent with the environments normally encountered by similar sensors.

A nominal OEC spin speed of 60 rpm is assumed to determine Mars scan

time. The scan angle at 10,000 km distance is 30 degrees and the duration is 83.3
milliseconds. These values vary with the OEC orbit position or altitude. ‘
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Various types of indicators could be considered for this task, but most
visible light indicators have difficulty contending with diurnal effects. By operating
in the infrared spectrum, these effects are avoided. Many successful satellite
designs implementing infrared horizon sensing technology have proven the concept
in an earth environment. The differences between the IR characteristics of Earth
and Mars require adaptation of such a sensor to the expected Mars environment.
There are, however, certain uncertainties in establishing the characteristics of the
planet Mars that must be established. Information about Mars is generated from
Earth based measurements. The difficulty of defining the horizon characteristics
exists because many areas of the spectrum are opaque as measured through the
Earth's atmosphere. Much of the available data falls within a 7 to 13 micron portion
of the spectrum. Because this data is the only source of spectral information avail-
able pertaining to the Martian atmosphere, it appears reasonable to design the in-
strument for this known spectral region.

Because of the OEC's wide range of possible attitudes, the sensor will at
some times scan the Mars poles. Because of the lack of sufficient atmospheric

detail, a conservative design approach is to account for the worst case temperature
variation.

Based on actual observations, the temperature varies from 300° K in the
summer at the Mars equator to a low of 2000 K at the winter pole. An analytic com-
parison of the minimum stratospheric temperature of Earth to Mars establishes a
slightly lower minimum value of 1709 K. The expected Mars radiance level can be
determined using the above extremes of 170° to 300° K. As a result, an expected
dynamic range of radiance ratio of 1:19 is obtained.

At the lower extreme of 1702 K, Mars will radiate 390 microns/cm2 in the
10 to 12.5 micron spectral range. A thermistor bolometer and optical system sim-
ilar to that used in HS-308 is used as a basic reference design model. This sensor
is similar to the TIROS sensor but has increased accuracy.

The Mars horizon sensor design is optimized for the operational conditions
specified above. The optical system is comprised of a germanium immersed bolo-
meter, spectral filters, and a germanium objective lens which attenuates the peak
signal by about a factor of 4. The schematic is shown in Figure 6-47.

A square field of view is sized with dimensions of 1.5 degrees on a side.
This yields a scan path of approximately 2.1 degrees. Selection of an objective lens
of 1,125 inch diameter will provide 0.14 microwatts minimum irradiance to the
bolometer detector. The minimum signal of approximately 100 microvolts is gen-
erated when operative on an assumed 170 volt dc bias. This signal is sufficiently
above the noise level for proper instrument operation.

Generally the signal that occurs when viewing the planet is capacitive coupled
to the amplifier input to cause a ''pip' for the ON and OFF transition. As the horizon
sensor views the transition region from space energy levels to the planet, a signal
builds up from the nominal off level to the peak expected signal. The actual location
of the horizon falls between the minimum and maximum extremes of this signal.
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The minimum allowable voltage level required to trigger the Mars sensor
has been established as 100 microvolts. In designing the circuit logic, it is desir-
able to allow for uncertainties in the expected signal such as cold spots on the planet

by thresholding at a lower voltage level; for this design, a 80 microvolt level was
chosen.

In determining the horizon, it is required to establish the signal change
mentioned above. To do so does not require measuring the total signal amplitude.
It suffices to measure only a portion of the signal that is necessary to establish a
pulse representing the ON or OFF planet condition. A 200 microvolt upper bound
is used to clip the signal, which is then differentiated in the sensor circuitry to
provide the pulse.

The minimum signal level is a bound in the uncertainty in horizon crossing.
This is because the sensor aperture must be almost completely illuminated before
the threshold is exceeded, meaning that the sensor line of sight has passed the hori-
zon. Conversely, if a very hot horizon is observed, only a partial illumination of
the aperture is required to exceed the 80 microvolt threshold. The uncertainty in
horizon crossing is the difference in angle or time between these two extremes.

Errors due to the constant voltage threshold are a direct function of spin
speed. At 60 rpm, the crossover time is 5. 6 milliseconds. By normalizing the
position of the horizon with respect to the threshold point, the error of the horizon
indication would be about 10.72 degree. Instrument noise error could increase the
sample to sample error to about 0.8 degree (30). However, by using data smooth-
ing techniques, most of the noise errors would be averaged out. Thus it appears
that a chord measurement of 11.1 degrees (30) is possible on a particular spin cycle.
In terms of spin axis accuracy about the local vertical, an unsmoothed error of
1.5 degrees is expected.

There are other facets of the sensor design that should be accounted for.
The basic uncertainty in the atmospheric characteristics of Mars warrants a sim-
ilar design study in, say, the 14 to 40 micron spectral bandpass. In this regime,
the radiance levels are not as sensitive to thermal variations. In addition, con-
sideration should be given to application of circuit logic indicating when the trailing
edge signal should occur. This could increase the sensor accuracy.

Since the horizon sensing detector is a thermal device, the environmental
temperature variations are important. Generally, 0° F minimum temperature is
considered necessary to ensure a high reliability. Detector temperatures above
140° F accelerate the aging of the detector and in addition, there is a permanent
increase in the instrument noise. These requirements are not severe and should
require no special provisions except for eclipse periods. Such passive techniques
as the use of thermal insulators on mounting feet should suffice to maintain accept-
able temperatures during eclipse.

Sensor power requirements are small. Depending on the isolation and reg-

ulation specifications, a power of 1 to 1.5 watts would be required. The total weight
of the instrument would be less than 1.5 pounds.
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6.5.4 Reliability

All existing earth sensor units use either components or subassemblies in
a building block manner from units for which extensive test and flight data exists.
The basic simplicity of the unit--no moving parts, passive thermal control--lends
further to the confidence of the reliability estimates.

Estimates based on extensive failure mode analyses of the components, and
on the test and flight experience of the components on existing sensor designs, in-
dicate reliabilities of >0.99 for 6 months of operation.

6.6 REFERENCES

1. W. W. Butcher, et al, '"Spacecraft Attitude Control/Gas System
Analysis,'" Final Report, JPL Contract 95170, April 1967.
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7.0 MAGNETIC CONTROL STUDIES

The desire to perform accurate measurements of the very weak Martian
magnetic field is a prime motivation for the OEC mission. In general, the
achievability of a particular level of magnetic cleanliness is not susceptible to
paper analysis; magnetic cleanliness is achieved only by a thorough and pains-
taking program of controlling design, parts, materials, processes, and techniques
backed by a comprehensive testing program to assure that every nut and bolt is as
magnetically clean as it can be consistent with performing the basic mission.

Feasibility, then, can only be demonstrated on the basis of past
performance — and rests on the implicit assumption of magnetic controls equalling
or surpassing in effectiveness those used in the cited performances. The first
three parts of this section are devoted to attempting to evaluate the OEC goal
(0.25 ) in light of previous experience — Pioneer, IMP, and Mariner series
spacecraft. Comparison is first made on the basis of total spacecraft, then on
the basis of the specific OEC equipment complement. The fourth part is a brief
description of the type of magnetic control program needed to achieve the OEC
goals; this brief description is supplemented by a preliminary outline of a
Magnetics Control Plan in Volume III.

A qualitative discussion is included of the magnetic measurement
accuracy to be expected with the OEC and several possible techniques for
improving the accuracy of the magnetic measurements. Finally, a tabulation
is given of the boom lengths required to obtain the same quality magnetic data
from the Voyager Orbiter,.

7.1 OVERALL SPACECRAFT FIELDS

The OEC spacecraft magnetic fields are required to be less than
0.25 gamma (1 gamma is 10-5 gauss) at the location of the (boom-mounted)
magnetometer. One perspective on the feasibility of achieving this low level
is gained by a comparison with magnetic contamination levels achieved on
comparable spacecraft. Table 7-1 gives a comparison with Pioneer and IMP
spacecrafts, both comparable in size and complexity to OEC. It can be seen that
the OEC magnetic requirement, while severe, appears feasible.

In general, designers of magnetically clean spacecrafts have been
successful in eliminating almost all sources of permanent magnetism and ferro-
magnetic materials. Some notable exceptions are the traveling-wave tubes for
telemetry transmission and jet solenoids for attitude control; magnetic contam-
ination from these few ''special cases' have been controlled by compensation or
other techniques. Stray fields caused by current loops in solar cell arrays and
electronic units have been reduced well below critical levels by careful design
and control procedures.



TABLE 7-1. OVERALL COMPARISON OF MAGNETIC CLEANLINESS

Weight, Boom,

Spacecraft pounds inches Field
Pioneer VI 140 83 0.58Y (TRW data)
IMP I 140 82 0.8Y
IMP F and G ~150 82 0.25Y (specification)
OEC 123 84 0.25Y (specification)

(can go to
~96)

7.2 MAGNETIC ENVIRONMENT

The major remaining source of magnetic contamination fields is thought
to be spacecraft magnetism induced during launch and early flight in the Earth's
magnetic field. Table 7-2 shows test data obtained on several spacecraft in a
de-permed state and after application of a steady (perming) field. Studies* have
indicated that the launch phase magnetic exposure is roughly equivalent to a 5 gauss
perm or, alternately, that a rough measure of the effect of this launch exposure
is 1/5 of the post 25 gauss measurement, also listed in the table. It is evident
that the induced field is substantially larger than the '"permanent' field (i.e., post-
de-perm) for all the examples.

Since the major portion of contaminants is produced in the magnetic
environment to which the spacecraft is exposed, this environment will be briefly
examined.

1) Fabrication, handling, and prelaunch environments are not an
important factor — the spacecraft is thoroughly de-permed shortly
before being installed on the Voyager spacecraft and is not exposed
to strong fields thereafter. After final de-perm, tight control is
exercised to ensure that no contamination can occur. Equivalent
field exposure is less than 1 gauss.

2) Launch and early flight environments are the most severe; equivalent
exposure is taken as a 5 gauss perm.

3) Transit flight environment includes long term exposure to both the
interplanetary field and the Voyager spacecraft field. The inter-
planetary field level is extremely low (1 to 10Y) and is not of

*"Proceedings of the Magnetics Workshop, ' Jet Propulsion Laboratory
T™ 33-216, April 1965,




significance relative to the other stronger fields during prelaunch

and launch exposure. Estimates of the possible Voyager fields have
been made by extrapolating the magnetic moments of several existing
spacecraft, yielding the values in Table 7-3. Scaling from these
smaller spacecraft was done on a mass ratio basis (to a 15,000 pound
Voyager); the field after exposure to launch environment was taken as
four times (as in Table 7-2) the de-permed values in the ATS and OGO
cases,.

The likely case for Voyager is the "worst' case of Table 7-3 since
no strict magnetic controls are planned for the Voyager spacecraft.
Even here the field intensity at the OEC location is an order of

magnitude less than the normal Earth field and should be a much less
severe exposure than that during the launch period.

ments

However, measure-
should be made of the Voyager field at the OEC location to ensure
that the OEC is not located in a local "hot spot' of the Voyager fieid.

TABLE 7-2. COMPARISON OF CAUSES OF CONTAMINATION
B at 1 meter, Equivalent after
Spacecraft Post 25 gauss Liaunch Exposure Post-de-perm

Explorer XVIII 37.7 7.5 3.1
(IMP 1)

IMP C 63 12.6 2.6
IMP B 49 9.8 1.9
Pioneer IV 22.5 4.5 2.4
(non-operating

array)

TABLE 7-3, ESTIMATES OF POSSIBLE VOYAGER FIELDS IN TRANSIT

Moment,

Case pole-cm Scaled from B at 5 feet, gauss
Worst 100, 000 OGO-A 0.02
Average 48, 000 ATS 0.01
Controlled 7,500 IMP, Mariner 0.001




4) Martian magnetic environments are expected to be extremely low —

less than 100 to 200 gamma even at the periapse point — and should
not be critical.

5) OEC stray fields, produced by electronics and solar array currents,
can pose a magnetic environment to the remainder of the spacecraft.
These fields are, however, carefully controlled in design and their
effects are thoroughly tested before flight including prime failure
modes so that this need not be considered an '""external environment. "

7.3 MAGNETIC BUDGETS — DETAILED ESTIMATE

Evaluation of the OEC's environmental exposure reveals that the dominant
periods are launch and early flight. Design and evaluation of OEC units and
assemblies should therefore be directed at achieving the 0.25 gamma contamina-
tion level after exposure to this environment. Since this goal is identical to that
set for the IMP (F and G versions), the specification levels used for IMP sub-
assemblies can be used as a reference here. The IMP Test Criteria are reproduced
as Table 7-4.% Using the '"'1/5 of post 25 gauss'' criterion, this reference
subassembly yields a field contribution of 0.06 gamma a distance of 7 feet.

In order to further assess the difficulty of meeting the OEC requirement,
preliminary estimates of the field contributions of individual units comprising the
OEC equipment have been made. Table 7-5 lists data on various pieces of equip-
ment obtained from Pioneer and Mariner programs. Comparing these data with the
IMP specification (Table 7-4) reveals that most of the units are well under the post
25 gauss specification; the command distribution unit exceeds the de-permed allow-
ance but the net after 25 gauss perm is sufficiently low that this exception is prob-
ably allowable. The traveling-wave tube and tape recorder are far in excess of
the de-perm allowance; both units, however, fall in the category of '""special cases"
with permanent magnetic characteristics so that their total field contribution is
largely in the de-permed state; the contributions to the net OEC field from these
two items are substantial, with the tape recorder a distinctly critical item.

TABLE 7-4. MAGNETIC TEST CRITERIA FOR IMP SUBASSEMBLIES

Applied Maximum Magnetic
Field, gauss Field Disturbance, gamma
18 inches 36 inches
Post 25 gauss exposure 0 32 4
Post 50 gauss de~-perm 2 0.25
Stray-power on 0 4 0.50
versus power off

*From '"Magnetic Field Restraints for IMP's F and G, " Normal F. Ness,
NASA TMX-55444, July 1964,
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TABLE 7-5. TYPICAL MAGNETIC FIELDS OF VARIOUS COMPONENTS

B field at 3 feet

Magnetized Demagnetized
post 25 gauss, post 50 gauss
Item gammas de-perm, gammas
PIONEER VI

Receiver 0.404 0.055
Transmitter converter XY 0.48 0.22 to 0.147

XZ 0.18 0.147 to 0.036
Transmitter drive 0.42 0.088
Decoder 1.30 0.22
Command distribution 1.38 0 40
unit

As received
Batteries (Ag-Cd) 0.147 -0.09
Antenna 0.029

As received
Sun sensor XY 0.007 -0.007

XZ 0.017 -0.007

Each half illuminated
Solar array 0.007 0.024
Traveling-wave tube (<2 est.) 0.64 to 1.44

MARINER VENUS
Tape recorder (~3.5 est.) 3.36
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When the solar panels are activated by exposure to solar radiation,
electric currents are set up that form current loops and produce magnetic
moments. Solar cells are usually prepared in modules which in turn are
mounted in strings, depending on the voltage level desired as shown in Figure 7-1.

The equation for the magnetic moment of a current loop is

M = N A (Ai)

where

1 (number of turns)

1.5 x 10-'4 m2 (area)

i = 5x10°2 amperes (current in the loop)
Then the sub-field B represented by:

2

M 1.5x10'4(5x10') = 7.5x10-6ampm2

7.5 pole-cm per string

Arranging the solar cell strings by reversing the current in adjacent
strings, the individual magnetic moments would be cancelled except for the
possible 3 percent error in current due to manufacturing tolerances. This
means that the residual sub-field between two adjacent loops would be 0.225 pole cm.

Around the spacecraft there are a possible 134 strings of solar cells of
which only half will be illuminated. Since there is a cosine effect on the illuminated
half, the effective number of strings is 42. This constitutes 21 pairs that have
self-cancelling of magnetic moment vectors. The total contribution to the mag-
netic field is 21 (0.225) = 4.7 pole cm if all differentials act in the same direction.
If 25 percent are assumed to be in a given direction, the total magnetic moment
reduces to 1.4 pole crm. This in turn produces a sub-field flux density at
1.8 meters (magnetometer position) of 0.025 gamma.

Since the magnetic moment vector is tangential to spin, a radially
mounted magnetometer will "observe' a cyclic field due to the solar cells having
an off-center contribution. The ""observed' sub-field is estimated to vary between
0.04 and 0.01 gamma. The axial magnetometer will '"observe' a constant average
value of the solar cell contribution; however, the data will be modulated due to the
variability of individual strings.

In the baseline OEC configuration, the magnetometer is mounted 7 feet from
the spacecraft center. A preliminary equipment arrangement within the space-
craft is shown in Section 5.0, Figure 5-2; in this layout some attempt was made
to locate the primary magnetic offenders as far away as possible from the
magnetometer. Table 7-6 lists the principal units and assemblies in the OEC and



TABLE 7-6. PRELIMINARY MAGNETIC BUDGET

Distance, Field
Item inches gammas Comments
Reference 84 0.06 Taken from specification
for IMP F and G
Tape recorder 97 0.17 Critical item — consistent
with Mariner 67
Control jets (2) 96,99 0.02 Measured on ATS
each
Communication 72 0.10 Consistent with Pioneer VI
electronics and IMP specifications
Power electronics 80 0.074 Consistent with Pioneer VI
and IMP specifications
Magnetometer 75 0.06 Consistent with Pioneer VI
electronics and IMP specifications
Other electronics 90 0.05 Consistent with Pioneer VI
and IMP specifications
Traveling-wave 90 0.05 Pioneer VI
tube
Structure, har- 84 0.08
ness, etc.
Arithmetic sum 0.62
RSS sum 0.24

tabulates their estimated magnetic field contributions at the magnetometer.

As expected from the data of Table 7-5, the tape recorder is the prime offender,
even when located as far as possible from the magnetometer. A review of

Table 7-5 and Figure 5-2 indicates possible improvements by a further rearrange-
ment — for ex